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Axial Compressor Aerodesign
Evolution at General Electric

This paper traces the origins of the GE Design System and how it has evolved from early
Lemv H. Smith. Jr methods to unqerlie and supplement present CFD methods, Whic_h are not themselves
- Fellow ;\SIVIE- d!scussed hereln. The two meln.elem.ents of t.he deta[led aero de.S|gn process are vector
Consultant’ diagram establishment anc_i airfoil design. Their evolution is e_xamlned, an_d examples of
GF Airerat Enginesy how they were used to deslgn some early GE compressors of interest are given. By the late
Cincinnat. OH 45215' 195_05, some transonic airfoil shapes_ were bemg custom tailored using internal blade
. Lo station data from more complete radial equilibrium solutions. In the 1960s, rules for
e-mall:leroy. smith@ae. ge.com shaping transonic passages were established, and by the 1970s, custom tailoring was
done for subsonic blading as well. The preliminary design layout process for a new
compressor is described. It involves selecting an annulus shape and blading overall
proportions that will allow a successful detailed design to follow. This requires establish-
ment of stage loading limits that permit stall-free operation, and an efficiency potential
prediction method for state-of-the-art blading. As design methods evolved, the newer
approaches were calibrated with data-match experience, a process that is expected to
always be neededDOI: 10.1115/1.1486219

1 Introduction the use of a rationastall prediction method that has been cali-
. . . ._brated against known past experience. If some parameter goes
It was in the 1930s _that practlcal axial flow compressors flrgeyond past experience, then early demonstration tests and a
were realized. Kellef1] in Switzerland employed airfoil theory as phackup plan need to be in place.

a design basis. The first British compressor, Anne, ran in 1938;The efficiency potentials of the several preliminary design can-
Constan{2]. Work in Germany, unknown to the outside world adidates also need to be identified. Efficiency affects engine per-
the time, was well underway. NACA was developing an axial flodormance in two ways. In addition to its obvious direct effect on
compressor in Cleveland in 1940. performance, inefficiency also reduces cycle pressure ratio be-

General Electric interest started in 1939, and in 1941 an Arngause compressor exit temperature is limited by available materi-
contract was awarded to build a turboprop engine with an axigls’ capabilities. So a rationaéfficiency potential prediction
flow compressor. This was the TG10031). This engine ran and method is also needed. Later, when the compressor is tested, the
was ultimately flown, but the real cornerstone of General Electrigfficiency potential calculation serves as a useful criterion for suc-
compressor technology in the early days was the TG180, starte¢t#ss.
1943 at Schenectady. Its 11 stages delivered a pressure ratio of 4Phe designer’s main role is to successfully execute the design.
with a polytropic efficiency in the high 80s. This means specifying blading and annulus shapes in detail. There
This story is told from the point of view of a compressorare two main phases to this work, although they overlap in time.
aerodesigner. Several other very important technologies, ehe first is vector diagram designwhich means distributing
aeromechanics and materials development, are outside the sagpgimferentially-averaged properties radially and axially through
of this work. Also excluded are the aero methods used during ttf& machine at the aerodynamic design point. The annulus shape
compressor optimization process to rematch stages and to deiiygargely specified here, and hub and tip loadings are balanced so
optimum variable stator schedules, even though it is the same agtat neither blade end precipitates stall prematurely. The second
design personnel who do this work. phase idetailed blade design

First, the aerodesigner’s role is outlined. Then, the methods thaln the following sections we will take up how these four topics
have been used to design GE compressors are presented, lav@ been handled at General Electric, but in an order more suit-
some interesting results are pointed out along the way. The narale to historical explanations.
tive ends in the early 1980s when CFD began to be a significant
design tool, but some timeless advice is given in Concluding R8- Vector Diagram Determination

marks. Knowledge of the relationship between energy exchange and

. the change in tangential velocity across a rotor dates back to at
2 Compressor Aerodesigner’s Role least the 19th century. In early compressor designs, it was usually
During the preliminary design phase for a new engine, SeVeraclssumed that all streamlines should have the same energy added

candidate compressor configurations are usually evaluated in® r{htem' b“t.t tlhe (Ijes_ignelz Coé“dfChoohse TOW :'O rediaé:y disg]i_bute
attempt to arrive at the best overall engine architecture. Althoudfif 'angential velocity ahead of each rotor. Having done this, |
the compressor is only one of many components being optimiz S then necessary to find the correspondlng radial distributions
it is a particularly important one because failure to provide ad aé('%l tvelct)::lty f}? tglat dthe vellgctl)ty dvetctors angEOV\l’ anlglisth
equate axial length and speed capability in the engine can Iea&ﬁ?le Io'? "?‘pi e at es chou . Iet e_errfnlne i € eve_ ot the
later stall problems that turn into engine development disasters 3/ V€ gclyt's g.ovlvg.at 'eba(t:' axial sta |ondrobm fe pre |manary
the interest of cost and weight saving, the preliminary design chi fSign, but Its radial distribution 1S governed by a force and mo-
will sometimes try to pressure the aero designer into ov nentum balance relationship that is often called the radial equi-

optimistic commitments. The best defense against such pressurkdum equation. When meridional streamline slope and curvature
effects are ignored, the term “simple radial equilibrium” is used.

Contributed by the International Gas Turbine Institute for publication in ¢tiurd If free-vortex tangentlal VEIOCIty distributions  are employed,

NAL OF TURBOMACHINERY. Manuscript received by the IGTI, November 14, 2001.SIMple radial equilibrium yields a radially constant axial velocity,
revised manuscript received April 2, 2002. Associate Editor: C. Koch. which in turn may be compatible with small meridional streamline
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Fig. 2 14 Stage Research Compressor rotor inlet swirl and

S e . axjal velocity distributions
slopes and curvatures, thus justifying its use. So radially constant y

axial velocity was often employed for free-vortex designs.
Figure 1 outlines General Electric methods. Only certain note-
worthy compressors are identified, usually the first to use hab radius as needed to satisfy continuity. Furthermore, this same
method. The 11-stageG180had an inlet radius ratio of 0.69, andaxial velocity distribution was assumed to exist at rotor exit sta-
its inlet guide vanes provided 36 deg pre-swirl, radially constartions. Although it must have been known that the radial gradient
This was transitioned to a free-vortex design by stage four. Tloé axial velocity should be more severe at rotor exits, this was
casing was cylindrical, as was the hub aft of stage 8. | can find ignored, it being reasoned that in a high-aspect-ratio compressor
record of what the axial velocity distribution in the first 3 stagebke this, radial mass flow shifts could not be large, and meridional
was assumed to be when the blades were designed in 1943, ditgamline curvature effects that were being ignored would pro-
later analyses used simple radial equilibrium at rotor inlets. Toteide a compensating contribution to the radial static pressure gra-
pressure and total temperature were assumed to be radially cdient. Total pressures and temperatures were again assumed to be
stant. radially constant. When testing was start in 1949, the compressor
The high efficiency of the TG180 led to its use for many yeansass flow was found to be 5.5% lower than design because of an
in Schenectady products. Four stages were added on the backrimor in application of Weinig's deviation angle meth@de Sec-
an extension of the cylindrical annulus for higher pressure ratition 4.1), but the polytropic efficiency achieved was over 92%.
and then the inlet guide vanes were opened 12 deg to increaseThe first 12 stages of this design, but with the rotors staggered
flow and the pressure ratio to 6.6. Later, the inlet guide vanes wengen to get back the flow, were used for &8 engine compres-
opened still further in thé&rame Size eries of engines. And in sor, which had a pressure ratio of seven and used variable inlet
1999, the writer directed a blading redesign for Nuovo Pignorguide vanes. Also, to minimize vibration, shrouds were added to
using modern aircraft engine methods while keeping the sartte stators, with sealing that was probably inadequate. As a result
15-stage annulus to achieve a pressure ratio of 8.1 with a pobf-these changes, the J73 compressor’s polytropic efficiency was
tropic efficiency of 91% for upgrades of some of the many Franmnly 87%.
Size 3 machines in the field. In 1950, the compressor for the J53 engine was designed using
In 1946 the TG180, which had seen aircraft engine use as taeadial equilibrium variant, created by Messrs. Russ Hall and Bill
J35, was zero staged and its blades opened and mechnic&8lyrnell, called the “mean swirl method.” Here, radially constant
tweaked to produce thd47 aircraft engine, which was mass-total pressure and total temperature were still assumed, but except
produced. The zero stage had a 5% larger casing radius at iri@tthe inlet guide vanes, the simple radial equilibrium equation
and a radius ratio of 0.63. The inlet guide vanes provided a prweas applied using absolute tangential velocities that were the av-
swirl of 34 deg at the tip and 17 deg at the hub, with uncertaierages of those entering and leaving a blade row. This yielded a
design axial velocity, but full radial equilibrium calculations dongroper mean axial velocity radial gradient because the oscillating
in 1957 showed the axial velocity varied from 402 fps at the tip tmeridional streamline curvatures are nearly zero midway through
500 at the hub. The overall pressure ratio was 5.0. a row. But this same gradient was also applied between blade
In 1948 the J53 project was formed to work on engines witfows to get the vector diagrams for blading design, it again being
higher flows and pressure ratios. As part of that effort, work onargued that aspect ratios were high enough to preclude much axial
14-stage research compressor that had been designed in 1947 we#scity profile oscillation.
started. This was a landmark compressor for General Electric forThe J53 design was historically interesting because of its ex-
two reasons: it had a very high efficiency, and it was the vehicteeme departure from free-vortex flowigure 3 gives rotor inlet
used for demonstrating the great benefit of variable stators. #bsolute swirl angles and axial velocities. In the front stages the
vector diagram determination was also noteworthy. In those dagistributions are as might be expected, but why the designer chose
the fear of transonic Mach numbers led to the use of high pr&s use such extreme stator twists in the rear stages is unclear. The
swirl ahead of rotor tips. In the 14 Stage Research Compressartor inlet Mach numbers were everywhere less than 0.78, but
the inlet guide vanes were designed to give a tangential velocityadter rotor 2 they were higher at the hub than at the tip, which
the tip of 31% of the rotor tip speed, and tangential velocity wasoes not now seem like a good idea. But the fact that the J53
specified to be proportional to radius squared at the lower radiichieved its design airflow and pressure ratio with reasonable ef-
Simple radial equilibrium was used to calculate the axial velocficiency (88.5% polytropic peak proved that designers could
ties. The resulting swirl angle and axial velocity distributions arsafely depart from free-vortex designs as much as they wished.
shown onFig. 2. Then, to complete the rest of the compressdBeveral J53 engines were built, but this engine did not go into
design, these distributions were held fixed at all rotor inlets. Theroduction.
casing was cylindrical, and as the density increased through thelfhe compressor for the prototype of ti&9 engine was de-
compressor, these distributions were simply chopped off at teigned in 1952, also using the mean swirl method, but with much
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Swirl Angle, deg Wright and Novak[3], work input and losses were distributed
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10 A1o— - =3 Q&— R10 meanline shapes followed the flow direction with blending to in-
RI3 -‘%ZX\Q(/. R13 cidence and deviation angles at the edges. For this first through-
o 09 e blade design, radial blade force terms were not yet included in the
= R radial equilibrium equation, but blade thickness blockage was ac-
a 08 - NN counted for. All terms were included by 1958; Smiit.
E 1 N N A7 Flow splitter modeling capability was added in 1967, and used
B o7 v to design the island over the quarter stage in the CF6 fan; Smith
T R4 N [5]. Part-span shrouds were modeled as ring boundaries in 1973.
0.6 5 In 1975 an inverse design capability for part-span shrouds was
4\ - /\ added. With it the designer could input a radial distance between
05 Swirl Angle | ' twin streamlines to represent shroud thickness and shroud wake
Ri Inlet T Axial Velocity +R1 displacement. The resulting “limp body” shroud shape has no
04 ' radial force on it.
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g . The acronym CAFD was given to the radial equilibrium code,
Axial Velocity, fps

standing for Compressor Axisymmetric Flow Determination. Al-
though this acronym is still used, its meaning was changed in
1964 to represent Circumferential Average Flow Determination.
There were two reasons for this changgtukbine designers were
by then also using this code, and the flow in a real turboma-
chine is anything but axisymmetric; the argument sometimes used
milder radial gradients; the mean swirl angle was radially comhat the solution applied to an equivalent machine with an infinite
stant. This compressor was laid out to have a very low frontal araamber of infinitely thin blades was not physically appealing, as
(its inlet radius ratio was 0.35and a high axial Mach number was pointed out by a revered colleague, Hans Kraft. So the equa-
was used. To keep blading Mach numbers below 0.85, a rathighs were rederived by taking circumferential averages of the
low tip speed (950 fps 290 m/s) was used. This led to very lowthree-dimensional equations, and some leftover Reynolds-stress-
hub blade speeds in the first few stages. The design pressure rgfie terms were identified and shown to have only a small effect
was 12, and variable stators were specified to control the flow indd radial equilibrium for a typical transonic compressor rotor;
the first seven of the compressor’'s 17 stages. The engine v&sith [4].
designed for Mach 2 flight, which meant that the compressor During the 1960s, when data-match calculations were being
needed to deliver a relatively high mass flow at 85% correctefbne for multistage compressors using CAFD, it was noticed that
speed, so it had been intended that the variable stators remain@easonable spanwise distributions of loss were needed after
their design settings down to that speed. Tests quickly showegge 3 or 4 to match the measured radial distributions of total
that, even though the design point was achieved with some masmperature. Higher loss coefficients near mid passage than near
gin, the flow and pressure ratio at 85% speed were too low bre endwalls were often implied. This strongly suggested that
cause of hub stall in the front stages. This problem was eas#gme of the higher temperature fluid near the endwalls was being
fixed in the second build by twisting open the variable vanes tnvected to midpassage by secondary flows. To model this, sim-
increase dynamic pressures, thus reducing aerodynamic loadipfited secondary flow and empirically calibrated mixing calcula-
toward the inner radii. This moved the design toward one witlions were added to CAFD in 1977; Adkins and Snfiff). This
more rotational flow and radially nonuniform total pressure, highersion, named CAFMIX, was widely used for design and analy-
toward the hub. The J79 went on to a long production run witkis until the mid 1990s. Improved loss and blockage modules were
only minor further compressor blading aerodynamic tweaks. In itsen added to give CAFMIX 2, which is still in use. A perspective
commercial version, the CJ805, it operated with a pressure ratiogf mixing mechanisms was given by Wisler, Bauer, Okiishi and
13 and a cruise polytropic efficiency of 89%. numerous discussofg].

The J85 was General Electric’s first real attempt to employ
NACA transonic compressor technology. Being a free-vortex de-
sign, it was first laid out assuming radially constant axial velocity, - Compressor Blading Design
It had a cylindrical casing, and its relatively high aspect ratios and
high stage pressure ratios led to rather large hub slopes. Therd.1 Design of Series Airfoils. By “series” we mean that a
current blade design methods did not adequately recognize thiandard thickness distribution is placed around a standard mean-
(nor quite how to handle the transonic tip Mach numhexad as line shape. At GE, a modified NACA 65-Series thickness distri-
a result, the total pressure was high at the tip, which starved thetion with a circular arc meanline was almost always used. Fre-
hub and led to an unsatisfactory stall line. After much develoguently, to reduce manufacturing cost, two or more successive
ment trimming and the addition of stages, two satisfactory modditade rows were made from the same forging with tips clipped
were achieved and produced. and roots staggered appropriately. For example, for the J79 there

The X211 and J93 were two different large engines with verywere eight forgings for the 17 rotors and 10 forgings for the 20
similar compressor aerodynamics. The writer had been hired stators. This “grouping” was no longer possible when the blading
Mr. Dick Novak in 1954 to formulate an improved vector diagramvas designed to recognize higher losses at the endwalls.
determination method, and a year later we had a code that recogFigure 4 gives a chronology of the methods used. For the
nized radially varying properties and meridional streamline curvd@G18Q all hub solidities were close to unity and chords were
tures running on an IBM 701 computer. As Fig. 1 shows, the J9&dially constant. The vector diagrams had been selected to give
was designed with this code, but the blading was not much diletor hub lift coefficients based on the vector mean velocity of
ferent from that of the X211. Both compressors had stall prol6-84. Rotors from stage 7 aft and all stators had radially constant
lems, but for reasons not much related to their vector diagrantembers and thicknesses, but were twisted to give the lift coeffi-
This will be discussed in Section 5.1. cients implied by the vector diagrams. The exact method used is

The first design that employed custom tailored transonic bladnknown to this writer, but it likely involved an angle-of-attack
ing was the aft fan for theCJ805-23commercial engine. This between the airfoil’s zero-lift direction and the vector mean veloc-
design, done in 1957, used the new radial equilibrium computigy, with lift-curve slope obtained from Weinig’s flat-plate cascade
code with several stations inside each blade row. As explained theory.

Fig. 3 J53 Compressor rotor inlet swirl and axial velocity
distributions
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After World War I, Weinig himself came to work for GE Air-

craft Engines and instructed designers to use his theory derived )
for thin circular-arc profiles with small camber; Weir{ig]. This been found in data matches could be calculated. The concept of

gave a deviation angle and an equal negative incidence angle 46819Ning a blade to a smooth primary flow exit angle distribution,
incompressible flow. In application, the actual tangential veloci@nd using calculated secondary flows to yield the angles used in
change was increased by 15% before applying this invisc FD, was established at that time and has been used at GE ever
method, and the Prandtl-Glauert compressibility correction w&4'C€-

applied using the inlet and exit Mach numbers. 4.2 Custom Tailored Airfoils. Methods that have been used

Starting in 1954, correlations of the NACA Langley low-speeg e shown orFig. 5.
cascade data were used for incidence selection for SUbsoni‘Departure angle is defined &ig. 6. With CAFD solutions now
stages. This required that the NACA,Ameanline, which has nhaying internal blade stations, how the blade meanline angle de-
infinite curvature at the edges, had to be somehow related t0 Qjfts from the circumferential-average flow angle could be exam-
circular arcs. This was done, but the unfortunate NACAy A jned. Generic departure angle distributions can be deduced from
choice prevented use of these data for deviation angles. The gXscade analyses or tests for different cascade types and loading
tensive Langley data set was modeled by GE and others to gitributions, and these will then yield the blade meanline shape
curves of loss and deviation angle change versus incidence. M@gha new design. This approach was suggested to the writer by
number effect adjustments were included, and the resulting magisiicenus in the early 1950s; Wislicen(ig1]. This is not an
ule was added to the CAFD procedure for compressor map pegirely satisfactory approach because generic distributions are
diction, but comparison with compressor test data showed it to Rgt always known, but departure angle examination is useful be-
generally unsatisfactory and unreliable for predicting stall.  cayse it at least provides a consistency check on blade shapes and

The NACA Lewis Lab work on transonic rotors in the earlyinpyt |oading distributions that have been arrived at by other
1950s led to adoption of double-circular-di@CA) airfoils for a eans.
whole blade when tip Mach numbers were above about 0.85. GEgne good application of the departure angle approach is in the
designers were guided by NACA experience for incidence selegasign of blades that have part-span shrouds. It is desired that the
tion, and 2 deg was often used. Choke checks were made, as Bgfhud disrupt the blade loading distribution as little as possible,
always been done. It wasn't appreciated until much later that thasg the meridional flow is strongly affected by the shroud block-
airfoils were poor for rotor hub duty; losses generated there oftgge Contours of circumferential-average meridional Mach num-
showed up at higher radii. _ ber are shown oFig. 7 for a blade candidate designed in 1974 for

In 1954, GE Aircraft Engines began using Carter’s Rule astfe yJ101 Low Pressure Compressor. With the smooth distribu-
basis for deviation angle selection. An empirical adjustm#nt, tjon of tangential velocity employed consistent with smooth load-
was employed:; ofteX was around 2 deg. It was recognized earlyng the high meridional velocities near the shroud caused large

that X and the blockage used when determining the vector digsca| angle variations. With the same departure angles employed
grams were not independent parameters. Until quite recéaftigr

the period covered by this papdslockage in the multistage en-
vironment was usually set based on what had been used in previ-

ous designs, and values were obtained from data-match calcu- i
lations of test data from those designs and others. Incidence Angle
By 1959 adjustments for radius change and axial velocity Flow Angle

change were being made; Klapprof]. Most earlier designs

were done on cylinders, with air exit angles being extrapolated Angle
into hubs and casings when necessary; and often the coordinates from
calculated on cylinders were used on planes for blade manufac- Axial
ture. Slightly later, designs were done by cutting the blades along

Meanline Angle

axisymmetric streamsurfaces, but viewing each cut by looking Departure An
parallel to the blade axis, which was often a radial line, as recom-
mended by Smith and YeH.0]. Taken together, these consider- Deviation Angle |/
ations largely explained why many rotors had produced less total
pressure rise at the hub than their designers had intended. LE Axial Distance TE
When a secondary flow calculation module was added to
CAFD in 1977, many of the spanwise variations %fthat had Fig. 6 Departure angle definition
324 | Vol. 124, JULY 2002 Transactions of the ASME
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Lthroat

Free-flow streamline

Radius,
in Fig. 9 Projected streamsurface geometry showing free-flow

streamline and key area locations

would be counterbalanced by the flow behind a shock standing
ahead of the adjacent blade, but this is usually undesirable at the
design point.

For transonic flows, one-dimensional area ratios are very im-
portant for establishing the design flow and controlling off-design
behavior. Relevant aredsee Fig. 9 are the capture argaelated
to the inlet flow angle and the spacingand the areas at the
passage mouth, throat, and exit. The blade shapes shown on Fig. 9
are generated from user input departure angles at the edges and

: H H several internal stations, together with a thickness distribution.
Axial Dlstance, In The passage widths are multiplied by the CAFD lamina thickness
to get the areas. In the case of a rotor with changing streamline
radius, the ideal relative total pressure changes along a streamline,
and this affects the critical flow area.

Throat area ratios for a typical design are shownFog 10.

Each of the circles represents a design streamline. The lowest
purve is the isentropic relationship fér*/A versus M for a gas

ith y=1.4. Zero margin is arbitrarily defined assuming a loss

Fig. 7 Circumferential-average meridional mach numbers in
transonic rotor. Note overspeed at part-span shroud.

for all streamlines in the shroud vicinity, the blade meanline ang
trend follows the flow angle, giving the blade shapes shown . ; ;
Fig. 8. Tests of this blade showed that its shroud loss was low, zﬁ)ueie:cgguan?soggilhzh?actlj(iﬂlér?;rf (élenomlnator in the ordinate
than that of an uncontoured baseline blade. . . ge. .

The Transonic Airfoil Design Method called out on Fig. 5 was, S¢/ection of an appropriate throat area ratio depends on more
codified in 1964 during development of the TF39 Fan outer pan%?,an Just assuring tha’g there is enough margin to avoid chokl_ng.
although Jack Klapproth and others had used similar conce F'g'_ 11 we examine Wh"_"t, happens to one representative
earlier. SBS stands for Supersonic Blade Sections. It allowsS§¢amiine at off-design conditions. As speed is increased, the
designer to specify certain important parameters when designinl:#]rﬁ't will keep B;, and henceA;, approximately constant, and
blade shapeFigure 9 shows blades cut along a CAFD axisym-N€ throat area will be larger than necessary to pass the flow. This
metric streamsurface. The free-flow streamline is the path tha}'ll I€ad to high losses because eithgittie flow in the throat will
particle would take if there were no blades in the annulus but tf§ Supersonic followed by high shock losses, baZeparation
CAFD lamina thickness distribution existed. This is a useful refOn€ Will occur at the throat followed by large mixing losses. But
erence, as it could be used for the suction surface of a thin ble{aé‘ smaller design throat area is employed to minimize these
with no boundary layer on it. The defined on Fig. 9 has a smal losses, then when speed is reduced, the mm_dence will have to
positive value to allow for a finite edge thickness and some blag¥’ease and a shock ?head of the passage will form.
boundary layer. A negativé is not possible because then com- Even thgug_hhthe des(;g?l has enough throat Ear%m to opefrater?t

. : rt speed with started flow, as appears to be the case for the
ression waves would be sent forward that would change the IS fe ; :
zngular momentum of the oncoming flow. A positives posgsible ign in Fig. 10, this will not be true if the mouth area is larger
because the angular momentum change from the expansion waves

1.08
1.04
/D 0.56” Above Shroud _
gin
1.00 1
Ar /A7
0.85” Ml A 006
0.07" Below Shroud 0.92
0.88
084 . . . . AT A
06 07 08 09 10 11 12 13 14 15
A 0.69” Below Shroud M,
Fig. 8 Blade contoured at shroud to match circumferential- Fig. 10 Throat area /capture area ratios for 12 streamlines at
average flow angles the design point
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104 1 1041 B
1.00 | 4= Const. 1.00 [ .
>,>/ro.£:.
By = Const.

0.96 [ . 0.96 - i
Ay /A AT /A7
A/ A Ag/ Ag*
A/ A gga) €/ TF o2 4

A*
A
0.88 - 4 088 1
My Me
y " A L ) L ; . ) 0.84 A . . A . A . .
0840.6 07 08 08 1.0 11 1.2 13 14 15 06 07 08 09 10 11 12 13 14 15
My i throat area . .
’ 1.":.-'.‘:::::: ;::Zfiae::::shigh losses ¢ I Ar/Ae > A*/A, My will be subsonic
. Supersonic flow plus shock, or - With My > 1, shock will be unstarted
« My =1 but separation zone - Happens when Mg is reduced
« My decrease causes By increase to avoid choke - Called “Stable sub-critical operation
- Shock unstarts X . .
Fig. 13 Passage exit area needs to be large enough to provide

Fig. 11 Consequences of off-design operation for one stream- subsonic diffusion to exit Mach number

line

&ted in the Low Speed Research Compressor; Widig}. Suc-

than the throat areésee Fig. 9. Such a passage is said to hav . A X
& g. 9 P 9 cessful designs were then incorporated into product compressors,

internal contraction. To examine thifjg. 12 is prepared. Any
internal contraction(i.e. ordinate less than unijtywill cause a eg. CFM?Ghand CF6O'I vsi d loved | h
shock ahead of the passage at some reduced speed, with the lo me of the cascade anal yS|fs codes edmp oyel ar% aiso s kown
consequences being related to the Mach number at that time. ©1 F19: 5.CABISIs an acronym for Cascade Analysis by Bueck-

The passage exit area must be larger than the throat area by1fe 'Say and Schnackel. This code was obtained from General
amount needed to provide subsonic diffusion to the exit Ma ectric’'s Steam Turbine Department in Schenectady, which had a

number.Figure 13is prepared to examine this; it is relevant whe wst-ratel fluid Rwecr(;anics(,j gr'ZOUP' Eugckfner and S(lzhnlackeL were
the throat Mach number is intended to be close to sonic. T an.alyfsltsw oa cr;\pte tde 'J'E} 8 0 ]!Eb@ tohca cu a:]et e hod
distance that a point lies below the line is a measure of how muBRtential flow around cascaded blades of any shape. The metho

a blade element can be throttl reduced before the shock reduired inversion of a large matrix, which became practical when
moves forward of the passage.mE 9 the IBM 701 computers arrived. The restriction of CABIS to two-

Before CFD was available, transonic blade shapes were custdffiénsional incompressible flow limited its application as a de-
tailored to give the appropriate areas plotted on Figs. 10, 12, arid" metrljo?l, bur: It yvasl us(jgd to (;je5|gn high-turning outlet guide
13. For comparison, these figures were prepared for many existi les anl or shaping lea Ir']t?l ef_g_es.d_ﬁ de developed
blade rows of interest using their design CAFDs or data matches. \UX Plot was a compressible finite difference code develope

Usually, test experiences could be explained by them. Althou dDZVE PrLr‘wce. It was somevx;hat unwi%Idy to LI‘S_e %”d was SLIJ_per'
3-D viscous CFD codes are now used for refining blade shapgd€d PYCASC an acronym for cascade analyis by streamline

designs, the area ratio plots are still used to start the design prgrvature, written by Jim Keith and Dick Caney. CASC accounts
cess and to compare the final blade to past experience. properly for radius and lamina thickness changes. It is inviscid,

The Circular Arc Tweaksbar on Fig. 5 refers to a code thatbu.t by a judicial (.:h0|ce'of using qnly seven streamlines between
starts with a circular arc meanline but allows the user to add pfiacent blades, it predicts deviation angles remarkably well when
subtract camber locally in the forward and aft regions. Also, songoundary layers are unseparated. An auxiliary code with a finer

non-NACA thickness distributions can be employed. This code id is used to get better flow definition in the leading edge region.
used in conjunction with a cascade analysis code to custom taifofSC flow property inputs come from CAFow CAFMIX),

subsonic cases for which there might not be the internal CAFEd When custom tailoring, its blade shape information comes
stations needed to employ the SBS airfoil generator. Often tH[9M SBS or other profile generation codes. Its main inadequacy

method was used to custom tailor blading which was first evall® & limitation on surface Mach number to about 1.1.
Today, all blades are custom tailored using 3-D viscous codes,

but the older tools are used to start the process and to provide
comparisons with past experience.

1.04 1 1
1.00 [ ] : ; :
5 Selection of Basic Design Parameters
0.96 | . Selecting the overall architecture of a new engine is a prelimi-
:_T/E* nary design function. During this phase, many compressor candi-
u/ Au 092 4 date configurations are examined that can deliver the required
pressure ratio and mass flow with an rpm that is compatible with
0.8l 4 turbine needs. The basic compressor parameters that are relevant
M for each candidate are annulus dimensions, number of stages,
M .
0.84 . . 1 . . ) . . number of blades in each blade row, chord lengths, and clear-
06 07 08 09 10 11 12 13 14 15

* Isentropic flow assumed from A, to Ay to get My
* With internal contraction (At/Ay < 1), My decrease causes unstart
- Even if At/Aq > 1

ances. These allow the weight and cost to be estimated. It is es-
sential that each candidate has the capability to produce its re-
quired pressure ratio with adequate stall margin if its detailed
design is properly executed. Its efficiency potential also needs to
be forecast at this time.

Fig. 12 Internal contraction causes shock unstart at reduced In the following subsections we will take up how these two
speed compressor aero functions have been handled at General Electric.
326 / Vol. 124, JULY 2002 Transactions of the ASME
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s

Fig. 14 J93 Compressor flowpath. Note high aspect ratios.

5.1 Stage Loading Criteria. Designers of early GE com- Although it was clearly established by 1960 that aspect ratio
pressors apparently relied mostly on blading lift coefficients to ssignificantly affects loading capability, we needed a way to incor-
stage loadings. As mentioned in Section 4, the TG180 design ugEmtate this into some kind of a loading parameter for general use.
0.84 with a solidity of 1.0 for all rotor hubs. Rotor values elseWhile pondering this, we continued LSRC tests using the hard-
where were lower. Stator lift coefficient values tended to be largrare at hand to investigate solidity variations. The test array,
est at the outer casing, and these were limited to 0.90. Adequatewn onFig. 16, varied solidity from 0.6 to 1.5.
stall margin above the design point was apparently realized. Uplt was known at the time that the maximum pressure rise of a
through the J79 design, maximum lift coefficients were limited toonical diffuser could be correlated with its length normalized by
0.9 with maximum solidities around 1.1, and some stall marginlet radius. This suggested normalizing blade chord with the
was realized above these design points at design speed. square root of the inlet passage area. But this was inconvenient

In the early 1950s, NACA came out with iB-factor; Lieblein because, for compressor blade rows, the inlet flow area depends
et al.[14], and made the case that it was a more meaningful loadr the unknown inlet flow angle at stall. Since the outlet area of a
ing parameter than others that were in use such as lift coefficidsiade row remains nearly constant, the conical diffuser max pres-
or deHaller numbekwhich measures velocity diffusion without sure rise data of Gibsofl6] were plotted versu&/\/A,, giving
accounting for solidity. General Electric started calculatingthe upper curve orfFig. 17. LSRC data are shown around the
D-factor with the J85, and has been doing so ever since. Immeltiwer curve. The solid symbols are from the tests identified on
ately thereafter, we started having stall problems. Fig. 16, which were all we had when the plot was first made in

Although the J85's problems were at first blamed on poor d&962. These could be represented with a single line following the
sign execution with the unfamiliar transonic blading type, th&eend of the conical diffuser line. The other data taken later in-
X211 and J93 experiences could not be so explained. In thosaved variations of stagger, reaction, clearance, and aspect ratio.
cases the flow and efficiency at design speed were about as ex-
pected, as also were the interstage radial distributions of pressure
and temperature; but both machines stalled near their design pres-

sure ratios, with none of the known loading parameters havir Q0

been reached. =2 SN 0
Dick Novak and the writer suspected that the unusually hic 75 °.;\ - o \Q Efficiency

aspect ratios of these designs were responsibleFigeel4. My PR d < N

belief was that the radial clearances, while not unusual as a p 65 \'&G\ .

centage of span, were large as a percentage of chord, and sinCpyegsure  sol— s \\ o

blade elements have to produce the same static pressure rise, Coefficient o

was being initiated at the endwalls without being affected muc ’ oot Confic. Tt \\ o

by two-dimensional loading criteria such &sfactor. In 1957, S0 ‘Retio No. Dote

during a technology exchange meeting with Rolls-Royce, Genel as— 2 1961 MNovigd NN

Electric learned that Rolls-Royce had found significant stall lin o0 5 3 July 1959 <

differences when testing compressors that differed mainly in the ast 5l° 5I5 6|° L 70\\75

aspect ratios. With this finding, GE then proceeded along thr
fronts: 1) designs of longer chord versions of the X211 and J9o
were startedways were found to squeeze the extra COMPIessgly 15 | ow-speed research compressor tests showed signifi-
lengths into the engings2) while blading tweaks were being tried cant aspect ratio effects

on the original compressors with little success, a twelfth stage was

Flow Coefficient

added to the J93, and Besearch programs were started aimed NR —> 96 72 54 38 27
gaining an understanding of aspect ratio effects. All three a Ne —> 94 74 53 37 26
proaches were successful, but by 1963 the two engine projects | S

been cancelled for other reasdns. Chord

The main research effort, which was started in late 1957, el
ployed the new Low Speed Research CompreflsBRC) to test 4.6
four-stage groups with identical cascade properties at aspect ra

|
of 5.0, 2.8, and 1.96. Data for the extreme aspect ratios at t Test13| | |
. . - =154 1.08 0.76
same clearance are shown Big. 15. The lines shown, which do i !
not exactly match the data, are from a unifying theory that e; 3.2 E] Vald LZL
plains the essence of aspect ratio effects for blades with moder 121 5 7
: S e 1470 | 108 | 075
to high-aspect ratios; Smif5]. | P
1 8 [ i [
The long chord J93 compressor went on to have a distinguished career. W 6 14 11
three stages added, and some solidity reductions, it was scaled down to yield the C .. 1.08 0.83 0.61
(J97 produgt then with two more stages added it was scaled up to be the TF39
compressofalso the CF6-6 and LM2500 Fig. 16 Aspect ratio and solidity combinations tested
Journal of Turbomachinery JULY 2002, Vol. 124 |/ 327
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0.8 o = bring into line compressor stages withvalues substantially less
o071 Diffusers<l than unity; this is not surprising because the low dynamic pressure
L— filaments must be energized to a certain extent by mixing with
0.6l E/ free stream fluid as the flow passes through the blade row.
(,‘{/ ° The F concept is quite important in limiting loadings of some
Max Pressure Rise 0.5 o Comrelation ] multistage blade rows to values below those that might be ex-
Effective Inlet Velocity Head 0.4 —— Line ] pected, even after accounting for aspect ratio and clearance ef-
fects. An excellent explanation of the essence of these concepts
Ap 03— was given by KocH19].
(FO9)q, At GE Aircraft Engines in the late 1950s and early 1960s, com-
0.2 -
pressors were thought of as members of families. There were the
0.1 J79, J93, T64, and HSLhigh-stage loadingfamilies. When a
0 new design was contemplated, it was thought of as being related
0 5 10 15 20 25 to one of these families, and stage loading capabilities were ob-
L -fc _o tained by making adjustments for the design departures from that
VA, \/ h  cosB, family. Based on the belief that there should be a common set of
rules that all the families obey, the writer started a “compressor
Fig. 17 Stall pressure rise correlation unification study” aimed at demonstrating this. The acronym CUS

was adopted, and cross perturbations between the families were
examined with some success. In a second attempt, the LSRC cor-
The scales on Fig. 17 require further explanation. Propertiesrgtation line in Fig. 17 was used to predict stage characteristics
the arithmetic mean radius are used. The pressure rise is fostall points; this was CUS2. Then for CUS3 we started plotting on
stage(rotor and following stator and it is adjusted downward for Fig. 17 data points for actual compressor stages when the com-
the “diffusion-free” amount that comes when the radius increasg®essor was operating close to stall at design speed. The ratio of
through the rotor. The inlet velocity head is the sum of the rotdhe ordinate of each point to that of the LSRC line at the same
and stator inlet values, each modified by a “dynamic pressuddscissa value was said to be the “stfflectivity of that stage.
factor” effect; seeFig. 18. The concept here is that, since all flowln this way, effectivity values were found in each stage in every
filaments must sustain essentially the same pressure rise in passapressor that had ever been tediembing static pressure taps
ing through a blade row, the attainable blade row pressure risehgd always been used at GRutomatic adjustments for clear-
limited by the dynamic pressure of the wall boundary fluid fronances and Reynolds number were included in later models leading
the preceding blade row. It is seen in Fig. 18 that, if the boundaty CUS5, which is still in use today.
layer flow leaving the upstream blade rd@in this case a rotgris Of course, any simple model like this has limitations. All blades
presumed to flow at the same relative angle as the free streaged to have “adequate” camber and “appropriate” twist, but
fluid, the minimum inlet velocity relative to the downstream bladeamber that is more than adequate can be harmful. Inappropriate
row will be C,,. Furthermore, it is seen that if the included angléwist can lead to premature stalling at the hub or casing before the
between the relative and absolute free stream vectors is less th#rer blade end is comparably loaded. For these reasons, some
90 deg, as showrC,;, will be less thanC, but if this included low-speed stages do not reach unity effectivity. And in a high-
angle is 90 deg or larger, the wall boundary layer fluid from thepeed compressor, the front stages may be lightly loaded at
upstream blade row will have a velocity, and hence a dynamiesign-speed stall to improve part-speed performance. But as
pressure, equal to or larger than the free stream value. The rafmwn by Koch[19], some block of stages almost always has
Cﬁmlc2 was named the “dynamic pressure factor” because it @gffectivities near unity when a well-designed compressor stalls.
the number by which the free stream dynamic pressure is multi-The pressure rise limit correlated on Fig. 17 basically assumes
plied to get the minimum dynamic pressure entering a blade rothat a compressor row stalls like a diffuser would, starting at the
The 90 deg included angle criterion was developed independerpgssage exit. That is why the camber must be adequate; otherwise,
at the Langley Lab of NACA under J. R. Erwin at about the sanleading edge separation could cause early stall. Likewise, a com-
time that the writer developed it at General Electi®57). It is  bination of high stagger and large clearance needs to be avoided
also relevant to the recovery ratio; Smth7], as pointed out by as this can cause leakage axial backflow that limits pressure rise.
Cumpsty[18]. The exponent 0.6 ofF is empirical. It is needed to  For preliminary design purposes, options in the CUS5 computer
code allow the user to input, at the desired design-speed stall
point, a stage-wise distribution of effectivity and other design pa-
rameters such as casing radii, solidities, aspect ratios, axial veloci-
U ties, swirl angle levels, and clearances, and a required rotative
speed and hub radii will be deduced. Other combinations of these
independent or dependent variables may also be specified. Many
candidates that should all be capable of obtaining the required

high-speed stall margin can be so identified. Concurrently, propri-
Q,,, etary correlations give the number of variable stators needed to
< /f Cs ensure adequate part-speed stall margin and the shape of the stall
Ny o Y line.
U /%_i The desired high-speed stall point involves specification of a

stall margin above the normal engine operating line. For engines
in supersonic aircraft, inlet flow distortions contribute signifi-

cantly to the margin requirement, but there are many other con-
siderations also. A discussion of this important topic is beyond the

Cz. scope of this paper.
_FE min
C? 5.2 Compressor Efficiency Potential. An efficiency needs
to be assigned to each compressor candidate being considered
Fig. 18 Dynamic pressure factor definition; stator example during the preliminary design process. In the belief that the same
shown one-dimensional parameters that correlate stall capabilities should
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%4 : - must be used when producing a new design, but instead, specify
that the code being used must have been used to match data from
93 | o s ' a related compressor previously tested. Inevitably, for multistage
o compressors, some form of empiricism will have been introduced
/ /o/ Vs when conducting the data-match calculations, and this empiricism
o > 4 S is used when conducting the new design calculations, although it

Test > may be tweaked somewhat if the designer has sufficient reasons.
es ) 5 yau s As time goes on and codes are improved the empiricism becomes
Polytroplc Y 4 7 less, but some will always be needed if only because the actual
Efficiency e S/ v A0 N compressor geometry is not what the analyzer assumes it to be.

/ 7 3 The lessons of the past lead to the following recommendations
88 A . to compressor aero designers on how to get a successful compres-
/ J/ sor:

o s o 1. observe established loading criteria using attainable clear-

b ances,
O/ 2. "custom tailor” the airfoils to match the flow at the design
o5 point and at important off-design operating points; and
85 86 87 88 B9 90 91 92 93 94 3. get a good clean mechanical design with small clearances,

; i~ sealed leakage paths, desired leading edge shapes achieved,
Calculated POlytrOpIC Efficiency no forward facing steps, and appropriate surface finishes.

N

86

Fig. 19 Test polytropic efficiencies compared with values cal-
culated using CUS5 Code for GE multistage compressors de- Acknowledgments

signed before CFD The writer would like to acknowledge all the General Electric

compressor aero designers that made significant contributions dur-

. . o ing this time period but there are too many. A dozen or so names
also largely determine efficiency potential, in the early 1970s Wgye been mentioned in the text in connection with some item or
set about formulating an efficiency module to add to CUSS5. Wotdther, but their contributions were often much greater than that. In
in the LSRC had continued through the 1960s with the main focggidition to those mentioned, the following, as a minimum, should
on stall line assessment for other vector diagram types, clearanggsg pe acknowledged: Tom Alge, Brent Beacher, Alta Berridge,
etc., but efficiencies had always been carefully measured. So @gp Brown, Alex Bryans, Link Dumont, Jack Erwin, Bill Foote,
had a solid database for establishing a loss module for subsopién Giffin, Paul Griffiths, Bill Harmon, Ginny Haywood, Bob
blading, and Mach related losses could then be added. The respéndrickson, Jim Isbell, Les King, Ron Klapproth, Karl Kovach,
ing formulation is given by Koch and Smifi20]. Its application  Frank Lenherr, George Liu, Al Medlock, Marlen Miller, Bob Neit-
to General Electric compressors tested before 1982 is given g8 Jjohn O’Connor, Dave Parker, Jeanne Place, Art Schnacke,
F|g 19. The points clustered in the middle of the ﬁgure are mOSt|Mon Seyler7 Ray Simonson, Lou Sm|th’ Tom Su”ivan’ Peter
product compressors which generally did not quite reach theitcs, Morrie Thorson, and Don Wilcox.
CUSS potentials. More recent bladings, custom tailored using 3-DThe book by St. Petef22] giving engine histories was very
CFD codes, have generally exceeded the CUSS correlation. At GEipful. So also was the book GE Aircraft Enging8], which
we say those designs “beat CUS5 bypoint(s).” _ describes the engines that used the compressors and the project

The compressor on Fig. 19 with the highest efficiency is the 3daders and engineers that made them successful.

Stage Research Compressor designed in 1947. Although its smatthe author would also like to thank General Electric for the
clearances and other features made it impractical for direct enggghortunity to spend a lifetime doing very interesting engineering

application, this early achievement is somewhat of an embarraggyrk in an important field, with the satisfaction of knowing that
ment, as it prevents us from plotting efficiency achieved versygeful products have resulted.

calendar year to show how much progress we have made.
In the mid-1970s, the CUS5 code was used to determine tRemenclature
compressor configuration for the NASA/GE® ECompressor.

Modules were added to estimate weight and erosion life. Prelimi- 'i‘ ~ Passage area
nary design studies for the whole engine assessed initial cost,A” = critical passage area
maintenance cost, and fuel burn to determine user direct operating © = Plade spacing
cost and return on investment values for various candidates. The ¢ = blade chord
compressor finally selected did not have the highest efficiency C = absolute velocity
potential, but it was best for meeting the economic goals. This d = defined on Fig. 9
study for NASA was outlined by Smitf21], and details of the e = defined on Fig. 9
work are given in reports referenced therein. General Electric 7 — defined on Fig. 18
feels that the resulting Ecompressor is nearly an optimum for 1 — Passage height
subsonic aircraft engines, and it was scaled for use in the GE90 ' = defined on Fig. 9
engine. L = diffuser length _
L = passage width on Fig. 9
6 Concluding Remarks NN; = nMoéCgf rr](c))'['or blades

The evolution of axial flow compressor aero design methods at Ng = no. of stator vanes
General Electric has been outlined from the beginning up to the p = static pressure
early 1980s, and the evolution has continued since then with ever g = dynamic pressure
more use of CFD codes. It is expected that this evolution will r = radius
continue for some time, if not indefinitely, if we wish to have Re = Reynolds no. based on chord and tip speed
those codes predict all kinds of stall in multistage compressors. U = blade speed
General Electric design practice documents, recognizing this con- V., = vector mean velocity
tinuing evolution of methods, do not specify that a particular code W = relative velocity
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empirical angle adder
absolute flow angle
relative flow angle
ratio of specific heats
tip clearance
cascade solidity, c/b

Subscripts

E
ff
min

o ®™R X

passage exit; see Fig. 9
free-flow streamline; see Fig. 9
defined on Fig. 18

passage mouth; see Fig. 9
passage throat; see Fig. 9
axial component

blade row inlet

blade row exit

NN S
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Aerodynamic Design and Testing
of an Axial Flow Compressor With
Pressure Ratio of 23.3:1 for the
LM2500+ Gas Turbine

A. R. Wadia The LM25006- gas turbine, rated between 39,000,200 shaft horsepower (shp), was

e-mail: aspi.wadia@ae.ge.com introduced for field service in 1998. This growth aero-derivative gas turbine is suitable for

a variety of power generation applications, such as co-generation and combined cycle, as
D. P. Wolf well as mechanical drive applications. At the heart of the LM25@%% power increase

is an up-rated derivative 17-stage axial compressor. This paper describes the aerody-
F. G. Haaser namic design and development of this high-pressure ratio single-spool compressor for the
LM2500+ gas turbine. The compressor is derived by zero-staging the highly efficient and

GE Aircraft Engines, reliable LM2500 compressor to increase the flow by 23% at a pressure ratio of 23.3:1.
Cincinnati, OH 45215 The aerodynamic efficiency of the compressor is further improved by using three-

dimensional, custom-tailored airfoil designs similar to those used in the CF6-80C2 high-
pressure compressor. The compressor achieved a peak polytropic efficiency above 91%,
meeting all its operability objectives. The technical requirements and overall aerodynamic
design features of the compressor are presented first. Next, the zero stage match point
selection is described and the procedure used to set up the vector diagrams using a
through-flow code with secondary flow and mixing is outlined. Detailed design results for
the new transonic airfoils in the compressor using three-dimensional viscous analysis are
presented. The compressor instrumentation and performance test results are discussed.
The performance of the zero stage is separated from that of the baseline compressor with
the CF6-80C2 airfoils to show the improvement in efficiency with the new
airfoils. [DOI: 10.1115/1.1464562

Introduction pressor. Simultaneously, the increase in the turbine rotor inlet tem-

Application of aero-engine technology to ground-based gas tlﬁ)égratures could be minimized to approximately 3%66°F) (Va-

. . ; . ) nt [8]) by going to a more efficient compressor design using
bines has increased rapidly, especially in the last decade, as dqﬁp- -di ional Ivtical tool d i fi tom-
mented in the works of ScalZd], Kashiwabard2], Sehra[3]. Se-aimensional anaylicas 100's and meorporaing custom

: tailored compressor airfoils from the CF6-80C2 aircraft engine. It
Smed[4], Jansseri5], and Stringhanj6]. The LM2500 gas tur- a5 apparent that this design approach best met the goals of using

bine, derived from the CF6-6/TF39 aircraft engines, has also Igroyen technology at minimal risk. Also, keeping a strong funda-

veraged off aircraft engine technology development to facilitai@ental LM2500 design heritage facilitated product support while

the increase in its industrial power rating from the original 24,00@eeting the objectives of a base load hot section inspection inter-

shp to the current 31,200 shp. Market studies initiated in the lajg| of 25,000 h with engine overhauls at 50,000 h.

eighties and early nineties showed that the LM2500 industrial gas

turbine needed addltlpnal powed9,000 shp at ISO conditionto Compressor Technical Requirements Summary

meet customer requirementgarmer[7]). This up-rated power

version of the LM2500 was named the LM250Qyas turbine. ~ The performance requirements for the LM250@ompressor

The LM2500+ gas turbine 3-D cutaway presented in Fig. 1 highwere less stringent relative to those required by commercial or

lights the key modifications made to the engine relative to tHgilitary aircraft engines. While aircraft engines have multiple op-

LM2500 base engine. erating points such as take-off, cruise, etc., where performance is
In March 1994, after a series of preliminary design studies dfiucial, the LM250@- is required to operate at close to its peak

how to achieve the required power increase, it was decided §§iciency near its high-speed design point. While no specific per-

launch the LM2508- which was chosen from four candidate conformance requirements at other speeds were specified, it was de-

figurations based on a cost-and-risk assessment comparison. JfPle for the compressor to preserve good efficiency over a

preliminary design team evaluated power enhancement technig{f4iJ€ Of speeds. _

such as inter-cooling, inlet supercharging, recuperation and othe ddltlonall:yf, the L'\rl]'zgo?:r cor_nprlessor V\llas alsobretgj&rgd to

refinements. The team, however, decided on the basis of des@féﬁt?e:ﬁts_ irr?ea v;l:;oot(k)\tco?nzlrré%go?gglégtirclgrﬂngsan d)\;vith a

simplicity, program schedule, technology risks and developmedr low emissiongDLE) combustor, which results in a compres-

cost and customer price that increasing the inlet mass roS operating line with steps corresponding to the staging in the

_through_ the engine was the simples_t and most conservative way Bmbustor. The compressor operating line can vary by as much as
increasing the power output. The increased mass flow could o below and above the nominal operating line, from the start of

achieved by zero-staging the current production LM2500 confze compustor staging to the end of the staging sequence, respec-

tiv

ely.
Contributed by the International Gas Turbine Institute and presented at the Inter- _ ; R PV ;
national Gas Turbine and Aeroengine Congress and Exhibition, Indianapolis, Indiana-l—he customer-supplied inlet systems used with industrial gas

June 6-9, 1999. Manuscript received by the IGTI, January 1999; revised manuscﬂé#binesr such as the LM2590 are generally quite aerodynami-
received January 24, 2002. Paper No. 1999-GT-210. Review Chair: D. Wisler. cally “clean” and use a light wire screen mesh to prevent any
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New VIGY, Non-linear
Actuation Off Torque Shaft
Mechanism Integral 9th Stage

Bleed Manifold

Also available with standard
LM2500 combustor

New A286 Wide Chord
Stage 0 Blisk/Shaft

2-Stage High Extended HPC Casing Singte Piece Stages
Pressure 10-13 Spool Shaft
Turbine (HPT)

New Wide Chord Stage 1

Shroudless Blade

Strengthened
14-16 Spool

New Stage 0 Vane —/ V si L
New Stage 1 & 2 Disks ingle Wall Airduct R41 CDP Seal
~13.85 in. longer Stages 1-11 CF6-80C2 Stator Vanes,

Stages 2 & 3 CF6-80C2 Blades,
for Improved Efficiency

Fig. 1 LM2500 + gas turbine unique features
Fig. 2 LM2500+ high pressure compressor improvements
relative to the base (LM2500) compressor

large objects being ingested by the compressor. Maneuvers and
cross-wind inlet distortion issues are almost nonexistent on these
land/marine-based engines, thus easing the operability require-
ments. Installation design manuals suggest the inlet distortion igompressor inlet corrected flow of 60 kd#s32 Ib/9 and pressure
dex to be of the order of 2% or less as most of the operationrigtio of 15:1. The 88.9% polytropic efficiency shown in Table 1
with a straight bellmouth or radial volute. To account for any inletdoes not include the compressor exit diffuser lossepresents
distortion that might be encountered in the field, the compressie compressor performance at the maximum power operating
was designed with a slight tip radiéle., total pressure deficit at point of the LM2500 engine, which is different from the peak
the tip) inlet total pressure profile to realistically simulate the tifefficiency point on the compressor map.
aerodynamic loading level on the zero stage blade. To achieve maximum compressor performance with the zero

Acoustics plays an economic role in land/marine-based systegisge, the point corresponding to the peak efficiency of the exist-
design, and the goal for the LM25@0was to maintain the same ing LM2500 compressor would be selected as the match point for
inlet noise sound pressure level in spite of the 23% higher airflowe LM2500+ compressor design. This sets the zero stage pres-
This requirement set the vane/blade ratios and the axial spac#ige ratio such that the LM2580compressor achieves its overall
between the rotor and the stator using an “acoustic cutoff” desigtbmpression ratio goal. In order to achieve this optimum pressure
criteria. ratio, the zero stage’s “stage effectivity,” as calculated using the

The compressor operating line was set with a minimum of 12%pproach formulated by KocH4], exceeded that demonstrated
stall margin to account for any operating line migration that woulBy the first stage of the compressor in GE Aircraft Engine’s energy
occur in service during the life of the engine. Start times for thefficient engine (&), which has a similar overall pressure ratio as
engine are of the order of 2 min, which is less stringent than {Rat for the LM2500-.
aircraft engines. A 4-deg open stator stall margin requirement wasThe term “stage effectivity” is a correlation that is used inter-
Conservatively set for the LM2560to account for variable stator na||y within GE Aircraft Engines to assess a Stage’s |0ading rela-
vanes (VSV) control/rigging variation and deterioration in thetive to the loading at stall. It is synonymous to the peak stage

field. static pressure rise coefficient and has been correlated versus a
. . parameter involving stage average values of solidity and aspect
Compressor Aerodynamic Design Features ratio. The correlation serves as an aerodynamic loading limit, and

The detailed aerodynamic design of the original CF6-&iccounts for factors such as blade speed, axial velocity, reaction
LM2500 compressor has been reported by Klapproth é0alTo ratio, clearance and Reynolds number to form a systematic
achieve the increased power output rating, the LM25@6quired method for analysis or prediction of compressor stall perfor-
a 23% increase in airflow. The 23% increase in flow was achiev8tance.
by adding an additional compression stagero staggto the The selection of the pressure ratio, for the zero stage, was an
LM2500 and flaring the flowpath in front of the existing compresiterative process to achieve a balance between the design point
sor to form an overall 17-stage axial compressor unit. Figuref@essure ratio and its “stage effectivity” at stall. This iterative
shows the changes incorporated into the LM250@lative to the process yielded a zero stage pressure ratio of 1.438, which is
base compressor. As a result of zero staging of the compressor,shightly less than optimum.

LM2500+ increased in length by 34.3 cifi3.5 in) and the  The efficiency potential of the zero stage was determined using
weight of the engine increased by about 363(8g0 Ib) Table 1 the principles outlined by Koch and Smiffi5] and the corre-

shows the comparison of key aerodynamic design parameters $9pnding work input assigned to it. The resultant exit temperature
the LM2500 compressor with those selected for the design of tagd pressure from Rotor 0 provided the input to calculate the inlet

LM2500+ compressor. conditions into the following stator. Inlet corrected flow and speed
at Stator O inlet were then calculated and compared to the mea-
Zero Stage Match Point Selection sured flow at speed along the base LM2500 compressor operating

Technical information on zero-staging compressors in the open
literature is limited. Some of the principles in the development of
front stages of axial flow compressors has been reported by Eisen- ) ) ) )
berg[10] and Katoh[11]. A recent compressor zero-staging appli- 'aPle 1 Compressor aerodynamic design operating point

cation to the Taurus 60 axial flow compressor that increases thlarameters LM2500 LM2500+  Change
inlet mass flow by approximately 20% and raises the pressurhaft Horsepower 31,200 39,000 25%,
ratio from 11.2:1 to 16:1 has been reported by Van Leu\ed) Inlet Corrected Flow, kg/s 68 (150 Ibls) 4.5 (186 Ibls) 23%

and Rocha et al.13].

The CF6-6/LM2500 compressor performance map has beellmet Corrected Speed (rpm)  9.418 9,586 1.5%

presented if9]. The LM2500 compressor achieved a peak poly- Fressure Ratio - 18.8 233 23%
tropic efficiency of 90.7% along the engine operating line at aPolytropic Efficiency 88.9% 91% 2.36%
332 / Vol. 124, JULY 2002 Transactions of the ASME
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line. The calculations converged quickly to provide a realistiftom 0.89 at the tip of 1.2 at the hub. The IGV exit swirl was
axial match between the new zero stage and the downstream eatied almost linearly from about 18 deg of pre-swirl at the tip to
isting compressor. —15 deg of counterswirl at the hub. The tip pre-swirl provided
The aforementioned approach, substantiated by past experiehtaEh number relief to the downstream rotor at the tip, while the
on the B engine and test data from the LM2500 compressdnub counterswirl helped lower the hub Mach number into the zero
resulted in matching the LM2500 zero stage to the original stage vane. The IGV design was important because it has to de-
LM2500 compressor at an inlet corrected flow of about 62.7 kgliwer the required swirl distribution to the zero stage blade at the
(137 Ibs/3 (corresponding to an inlet corrected speed of 8,950esign condition and it has to be able to operate adequately at part

rpm) at 90.3% polytropic efficiency. speed when the airfoil is closed by as much as 60 deg. The IGV
airfoil was analyzed at the design point with the three-dimensional
Compressor Design Vector Diagrams viscous analysis. This analysis was done to verify the magnitude

d radial distribution of pressure loss assumed in the circumfer-

The vector diagrams used to design the new front stages of the. ; . o
; ially averaged through-flow analysis and its ability to meet the
LM2500+ compressor were derived from a data match of a full xit swirl requirements.

instrumented, CF6-80C2 core engine using the circumferentially
averaged, through-flow code with secondary flow and mixing )
(Adkins and SmitH 16]). Next, the new zero stage was added tZero Stage Blade Design

the through-flow analysis. The new set of vector diagrams ob-pgjiminary mechanical design studies showed that dovetail
tained were such that the velocity triangle quantities—such as t€asses on a traditional zero stage blade design would limit the

inlet relative flow angle, inlet relative Mach number and inlefyinimum radius ratio to 0.45. A blisk version of the rotor permit-
meridional Mach number into stage 2 blade—were the same @§ 3 reduction in the radius ratio to 0.368. This reduction in

the data match values. . . _ _radius ratio also provided some aerodynamic performance benefits
_The axial distribution of solidity, aspect ratio, axial velocity,,, |owering the inlet specific flow. The blisk also provided a parts

diffusion factor, Mach number, inlet and exit flow angles and aitsont reduction by replacing 40 parts with a single part, and

foil camber and stagger angles for all the LM2500 blading hagiminated the wear issue of a midspan shroud, blade and disk and

been published9]. Table 2 summarizes some of the key airfoilyoyetails. Although blisk technology has been in existence for

geometry and vector diagram quantities for the first three stagesypf,. years, its inclusion in the LM2508 represents the first in-

the LM2500+ compressor. _ _ troduction of a blisk to GE Aircraft Engines’ Marine and Indus-
A preliminary design analysis resulted in the selection of 1f; engines product line.

_bIades(RotorQ for the zero stage. The selection of the number of T5p1e 3 shows the comparison of the geometric and aerody-
inlet guide vanes and the number of zero stage vavase/blade amic design parameters between the zero stage rotor for the
cut-off ratio), and the axial gaps between the inlet guide vanegy12500+ compressor and the first stage blade from the GE Air-
Rotor O.and Stator. 0 were set by the tec.hnlcal. requirements for@r%ft Engines & compressor. As illustrated by the thickness com-
“acoustic cut-off” in order to prevent higher inlet noise levels. arisons in Table 3, the LM25@0 blades were considerably

This resulted in larger-than-normal axial gaps on both sides of t : ; ; ; )
zero stage blade, as shown in Fig. 2. These large gaps are dagker(ruggedlzeaito increase foreign object damageoD) tol

tal t ‘ Kinal th d . 4ince. The location of maximum thickness was also moved for-
mental 1o compressor periormance, making the aerodynamic Ges.q o the LM2500- airfoil, in a similar manner as illustrated in
sign of the compressor even more challenging.

The following sections summarize the detailed design of tr{he paper by Wadia and La8], to provide improved resistance

5 . B leading edge foreign body impact.
new front stages of the.LMZSGO compressor with emphe}3|s on  Rotor % We?s desiggned toythepvector diagrams created from a
the zero stage and the first stage blade designs. Three-dimensignal " match of the CF6-80C2 core compressor as reported earlier.
viscous analysis using the computer program developed by J?*F'én

. X . ) sonic airfoil design principles presented 18] were applied
nions and Turnef17] was used extensively in the design of th§, +,5tom tailor the mean camber lines to alleviate some of the
compressor blading.

performance penalties associated with the ruggedization. The det-
. . rimental effect on performance due to the large increase in thick-
Front Frame and Inlet Guide Vane Design ness, especially near the hub, was also reduced by scalloping
The LM2500+ front frame is very similar to the original engine (area-ruling the hub flowpath within the blade as shown in Fig. 2.
frame. It is a five-strutfour thin struts and one thick stiytl7-4 The inlet relative Mach number is transonic over most of the
steel casting and retains the same inner and outer front forwdaldde span of the LM2508 Rotor 0. The efficiency of a transonic
flange configuration for inlet commonality as shown in Fig. 2. The
frame’s inner and outer flowpath walls were flared to increase the

flow area through the frame to prevent a higher pressure l0ss Gi4gle 3 Zzero stage blade key aerodynamic design parameters
to a possible flow restriction. The original front frame struts are

bi-convex qirfoills, which for the_ LM_ZSQG were made more  Parameter lling%m gftﬁflm
aerodynamic using NACA 65-series airfoils. Thickness and airfoil™=——— —— T
contour changes lowered the front frame losses as verified bNumber of Blades 16 28
three-dimensional viscous analysis of the frame. Inlet Corrected Flow (kg/s) 845 (1861b/s)  54.5 (120 Ib/s)
The inlet guide van€lGV) airfoil design was done with a con- Inlet Specific Flow (Ib/s-sq.in.) 36.0 362
ventional profile. The correlation of NACA 63-series. qirfoil Cas- §yage Pressure Ratio 1.438 1.65
cade data by Dunavant was used with the IGV solidity varying - comected Tip Speed (s) 1,363 1,495
Inlet Tip Pre-Swirl (degrees) 18 14
Table 2 Rotor and stator pitch line design parameters Inlet Hub Counter-Swirl (degrees)  -15 0
summary Inlet Relative Tip Mach Number  1.19 1.32
Parameter IGV Rotor 0 Stator 0 Rotor1 Stator 1 Retor2 Inlet Radius Ratio 0.368 0.52
Solidity 1045 1.582 1281 1176 0974 0915 Aspect Ratio 139 151
AspectRatio 604 1390 4000 2337 3708 2609 Pitch Solidity 1.59 L71
Inlet Mach No. 0489 1.018 0706 0826. 0727 0771 Pitch Diffusion Factor 0.44 0.46
Diffusion Factor 0423 0267 0348 0353 0355 Tip, Pitch, Hub Tmax/C 037, 088, .130 024, .052, .096
Journal of Turbomachinery JULY 2002, Vol. 124 / 333
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blade is heavily influenced by shock losses, which may exceed the RADIAL PROFILE OF TOTAL PRESSURE
losses due to cascade diffusion and secondary flow effects. The (PRETEST STATOR SCHEDULE)
Mach number just ahead of the leading edge passage shock can be
influenced by the shape of the blade suction surface ahead of the
shock. Increasing the average suction surface angle, as measured
from axial, ahead of the shock reduces the average Mach number
upstream of the shock through external compression and should
reduce the shock losses. However, this type of airfoil can result in

a reduced cascade throat area. If the throat is too small, the cas-
cade will not pass the design flow and may not achieve the at-
tached shock pattern desired for minimum loss. The lessons s
learned in transonic rotor performance studies by Wadia and I
Copenhavef19], with different cascade area ratios, were applied

to set the throat margin, internal contraction and trailing edge 6 17 18 18 20 21 22 23 24
camber of the zero stage blade. The blade was designed with a 5% TOTAL PRESSURE (INLET-TO-STATOR 0 LE) (PSIA)
throat margin. (a)

The design was further analyzed with a three-dimensional vis-
cous code to get more definitive results on the effect of custom
tailoring the mean camber lines and to verify that the cascade
would pass the design flow and deliver the design intent exit ra-
dial profiles of total pressure and temperature.

The flow computed by the three-dimensional analysis was
1.05% higher than the design flow rate. This difference between
the design and calculated flow rate is consistent with that between
the three-dimensional analysis and measured flow on other similar
transonic blade row designs.

The radial profiles of total pressure, temperature and adiabatic
efficiency(at Stator 0 leading edgealculated by the three dimen-
sional viscous analysi€3-D) are illustrated in Fig. 3. The total
pressure profile is hub strong and agrees well with the design . . : - o
intent also shown in Fig. 3. The calculated efficiency was slightly 575 580 5§85 590 595 600 605
higher relative to the design vector diagrams. TOTAL TEMPERATURE (INLET-TO-STATOR 0 LE) (DEG-R)

Figure 4 shows the isentropic Mach number distribution on the (b)
pressure and suction surfaces o_f the LM250gero stage blade. RADIAL PROFILE OF ADIABATIC EFFICIENCY
Figure 5 shows the corresponding calculated shock structure at (PRETEST STATOR SCHEDULE)
two immersions along the blade span. Near the tip, a two-shock
system was selected over a single leading edge shock pattern to
obtain a balance between the efficiency and stability of the blade.
It was recognized that the peak efficiency would occur on a
slightly higher operating line where the passage shock merged
with the leading edge shock. At the midspan, Fig. 5 shows a single
passage shock structure with the shock intersecting the pressure
and suction surfaces at 30 and 65% axial distance from the lead-
ing edge of the airfoil, respectively.

Figure 6 shows the isentropic blade surface Mach number dis- [
tribution near the hub of the blade. The hub scalloping provided -4~ 3D Design
the required relief to the 13% thick hub section by lowering the o ™ o e 5 o
average Mach number and resulted in a shock-free design by ADIABATIC EFFICIENCY (INLET-TO-STATOR 0 LE)
keeping the blade surface Mach numbers below unity. No flow ©
separation at the hub was observed in the three-dimensional cal-
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culations. g. 3 Comparison of Stage 0 blade exit radial profiles of total
Figure 7 shows the zero stage blisk used in the first build of tmessure total temperature, and adiabatic efficiency at the
LM2500+ engine. aerodynamic design point

Zero Stage Vane Design

Stator 0 on the LM2508 replaces the inlet guide vane on therapie 4 zero stage vane key aerodynamic design parameters
base machine but has aerodynamic characteristics similar to the

first stage vane in the baseline compressor. As mentioned before, Parameters Zero Stage Vane
the stator hub loading levels and inlet absolute Mach numbers Number of Vanes 40
were controlled by using-15 deg counterswirl into the zero stage Tip, Pitch, Hub Chord (in.) 2.49,2.01,1.7
blade. Table 4 summarizes the geometric and aerodynamic design Tip, Pitch, Hub Tmax/C .105, .081, .039
parameters for the vane. Inlet Absolute Hub Mach Number 0.95

In the paper on three-dimensional relief, Wadia and Beacher Hub Diffusion Factor 0.55

[20] have shown that the need to align the inlet metal angle pre-

cisely with the skewed inlet flow angles at the endwatlthe risk

of placing a significant spanwise twist gradient in the blade suhe design of the zero stage vane, extreme leading edge angle
face near the endwalbppears to be less than might be implie@radients were not required. Figure 8 shows the calculated three-
from two-dimensional cascade analyses. While some recognitidimensional vane surface isentropic Mach number distribution at

of the high air angles that exist at the endwalls was consideredtie tip, pitch and hub. A shock-free diffusion at the hub was ac-

334 / Vol. 124, JULY 2002 Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



PRESSURE SURFACE

SUCTION SURFACE

Fig. 4 LM2500 + Rotor 0 isentropic Mach number contours on
the pressure and suction surfaces

ISENTROPIC MACH NUMBER CONTOURS

BLADE SPEED

Fig. 5 LM2500+ Rotor 0 blade passage shock structure at 8
and 45% immersions
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Fig. 6 Axial distribution of blade surface isentropic Mach
number near the hub for LM2500 + Rotor 0

Fig. 7 LM2500 + Rotor 0 blisk

also done to accommodate the large thickness increase in the hub
due to the elimination of the midspan shroud and thicker tip sec-
tions. Three-dimensional analysis was used extensively in the de-
sign, and Fig. 9 illustrates the isentropic Mach number distribu-
tion on the blade surface at the tip, pitch and hub immersions. As
illustrated by the axial distribution of the blade surface Mach
number at the hub and the midspan in Fig. 9, most of the airfoil
sections along the span were front loaded. However, the sections
locally near the tip were more aft loaded to reduce tip leakage and
improve performance as has been demonstrated in low-speed test-
ing by Wisler[21]. As in the zero stage blade analysis, the three-
dimensional analysis was used to verify that the desired radial
profiles of total pressure and efficiency were achieved by the first
stage blade.

Figure 10 shows a photographic comparison of the current pro-
duction first stage midspan shrouded blade and the new wide
chord LM2500+ first stage blade. The LM2560blade has about
35% lower aspect ratio and 60% more midspan chord, but ap-
proximately the same midspan solidity relative to the first stage
blade in the base machine.

First Stage Vane Design

The first stage vane design was only a minor change from that
in the CF6-80C2 core compressor. The design incidences on the
LM2500+ Stator 1 were patterned after those from the CF6-80C2
Stator 2 as this would be the second stage of the LM2560m-
pressor. The vane surface isentropic Mach number distributions on
Stator 1 were similar to those reported for the zero stage vane. The
required inlet conditions into the next rotor stage, which is iden-
tical to the CF6-80C2 airfoil, were verified by the three-
dimensional analysis.

complished and the ability of the stator to deliver the requireddM2500+ Variable Stator System

swirl to the following rotor was verified by the three-dimensional

analysis.

First Stage Blade Design

To ensure stall-free operation at part speed, the inlet guide
vanes and the first six stators are variable in the LM25G@h-
gine. The method of scheduling the variable stators was changed
in the LM2500+. Whereas the LM2500 uses a pair of level arms

CF6-80C2 and LM2500 first stage compressor blades are gmwered by twin actuators, the LM2560uses two torque shaft

signs that use midspan shrouds. The LM2B0first stage blade assemblies located 180 deg apart to actuate the compressor vari-
moved away from the shrouded design to a wide chord rotor dable stator vanes. Each torque shaft, which is cylindrically shaped,
sign. Some of the key geometric and aerodynamic design parasimounted to the compressor casing along the axis of the engine
eters for the first stage blade are presented in Table 5. with a bearing at each end to allow for rotation within a forward
Similar to the zero stage blade, this airfoil was also ruggedizeahd aft mounting bracket. A hydraulic actuator attached to a lug
to improve FOD tolerance. Some amount of hub scalloping waar the front end of each shaft rotates the shaft. Additional lugs,
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Fig. 8 Axial distribution of Stage 0 vane surface isentropic
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VSV. The key benefit derived by using the torque tube is its added
flexibility to schedule each stage with stator angle schedules that

. nonlinear to each other.
one for each variable stator stage, are bolted along the Iengthatl;?rhe variable stator schedule is controlled as a function of the

he shaft. As the sh m rnbuckle bol h lug i : h
the shaft. As the shatt turns, a turnbuckle bolted to each lug ISmpressor inlet corrected speed, with the second stage stator

pushed or pulled to rotate a multipiece, 360-deg ring to whictP > .
each stator vane lever arm is connected, opening or closing le used as the reference. Stage characteristic data sets acquired

Table 5 First
parameters

Parameters

Number of Blades

Tip, Pitch, Hub Solidity

Aspect Ratio

Inlet Relative Tip Mach Number
Pitch Inlet Swirl Angle (degrees)
Chord (in.)

Tip, Pitch, Hub Tmax/C

stage blade key

336 / Vol. 124, JULY 2002

aerodynamic  design
Stage 1 Blade
26

.95, 1.29, 1.86
2337

0.90

20

335

.035, .090, .13

rom core engine tests of the CF6-80C2 and the LM2500 com-
pressor were used to assemble a pitch line off-design model of the
LM2500+ compressor with the new inlet guide vane and zero
stage, and the mixture of airfoils from the CF6-80C2 and
LM2500. This model was used to develop a pretest stator schedule
for the LM2500+.

The change in Stator 2 anglpretest from the design nominal
as a function of compressor corrected speed is shown in Fig. 11.
The change in the setting angles from design for the inlet guide
vanes and Stators 0, 1, and 3—6 are shown in Fig. 12 as a function
of the Stator 2 “master” angle. While the linear relationship of
Stators 0—6 with Stator 2 was retained from the CF6-80C2 and
the LM2500 experience, the inlet guide vane relationship was
highly nonlinear with respect to the “master” stator angle.
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) ) ) Fig. 12 LM2500+ compressor pretest variable stator gang
Fig. 10 Comparison between the LM2500 + wide chord Rotor 1 relation

and the LM2500 Rotor 1 with the midspan shroud

lease pool enginévhich had about 700 h run timencluding the
Test Compressor Instrumentation Summary rear compressor case. The measured average clearance to blade
eight, at design speed, varied between 0.7-1.%, except for stage
ip which had significantly larger clearances5%). The clear-
ances on the new airfoils and on the airfoils from the lease pool
engine were somewhat larger than one would expect in a new
ine.

The first engine with the LM2506 compressor was tested as
gas generator with a conic nozzle at GE Aircraft Engines t
facilities in Evendale with a dry low emissiofBLE) combustion
system.

The overall compressor performance was measured using 60
five-element combined inlet total pressure and total temperature
rakes and three five-element rakes at the compressor dischafge@mpressor Test Performance Results

Other performance measurements included the compressor spegtigure 13a) shows the comparison of the measured and pre-
and inlet flow, which was measured with a calibrated bellmouifficted compressor operating lines with the pretest variable stator
with inlet rakes. All compressor bleed flows were measured usigghedule. The distinct steps in the compressor operating line rep-
calibrated pipes. . . _ resent the different stages of operation of the DLE combustion
Interstage compressor instrumentation was extensive. Eagistem, which uses compressor discharge bleed to control the
stage in the compressor had leading edge total pressure and tggahbustion flame temperature. The compressor achieved the de-
temperature instrumentation. All the compressor airfoils were igign flow at the design speed, and the agreement between the
strumented with either flame-sprayed or thin film strain gages, apgiculated and measured flow at speed with the pretest variable
light probe instrumentation was included over Rotors 0 and 1. stator schedule as shown in Fig.(Bwas very good. The com-
Two vane stem-mounted potentiometers per stage were usetheBssor achieved its peak polytropic efficiency, slightly over 91%,
all variable stators to monitor stator position during the test. Trinkear its aerodynamic design point as shown in FigclThe test
mer motors were prOVided for all variable stators to indiVidUa”ﬂata shown in F|g 1(3) is as measured’ while the pretest predic-
vary the stator settings for performance/aeromechanical optimizgn line includes an estimated 0.5 points derate in target effi-
tion. ) ciency due to compressor instrumentation, hardware quality and
Tip clearance measurements were obtained over the rotorscjBarances.
stages 0, 1, 2, 6, 11, and 16. All the compressor airfoils in the The individual performance for the blisk and that of the down-
LM2500+ that were common to the base engine were from @ream compressor with the mixture of CF6-80C2 and LM2500
airfoils was separated in the following manner. The zero stage
performance was determined by using data from the inlet rakes
LM2500+ COMPRESSOR STATOR SCHEDULE and the zero stage, vane-mounted probes. In spite of the large
clearances and the significant amount of ruggedization in the tran-
sonic Rotor 0, the IGV-Rotor 0 combination achieved a peak poly-
tropic efficiency of 90.5%, which was 2.8% better than design
intent. The downstream compressor performance with the mixed
airfoils, as determined by using the zero stage, vane-mounted
probes and the exit rakdand referred to as the “rear block” in
this pape), also achieved the desired match point for the flow and
efficiency goal relative to the baseline compressor.
The measured radial profile of total pressure and temperature at
Rotor 0 exit was in good agreement with the three-dimensional
calculations and the measured efficiency was slightly higher than

45
10
35
30
25
20

15

STATOR 2 ANGLE (DEGREES)

—{7- Pre-Test : A
10F |_A swess-hig the calculations near the tip.

Aeromechanically, the first two new stages performed per de-

5r sign intent over the entire operating range including vane off-

0 1 1 1 1 1 schedule operation. However, among all the other compressor
Y 2000 4000 6000 8000 10000 12000 blades, strain gage signals on Rotors 2, 3, and 4 indicated higher
INLET CORRECTED SPEED (RPM) than desired stresses between 83—90% design speed. A small vari-
able stator schedule adjustment, using the trimmer motors on the
Fig. 11 LM2500+ compressor stator schedule variable stators, provided an acceptable solution to the aerome-
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Fig. 14 LM2500+ compressor performance with “stress rig”
variable stator schedule

stream side loading up the middle stagBstors 5, 6, and )7of
the compressor. The schedule adjustment did not adversely affect
compressor operability as supported by data later in this paper.

The strain gages on all the compressor vanes indicated low
stresses. However, the high aspect ratio inlet guide vanes, which
have the largest travel with compressor speed, exceeded accept-
able design stresses between 93-101% design speed. The IGV
stress issue was resolved by a variable stator gang closure of 3 deg
at high speed.

This final production ganging of the stators to the torque tube
was defined and mechanically verified while on test. This experi-
mentally determined master stator schedule as a function of inlet
corrected speed, labeled as the “stress rig” in succeeding para-
graphs, is shown in Fig. 11.

Compressor Performance With “Stress Rig” Stator
Schedule

The optimized stator schedule to reduce the stresses in the inlet
guide vanes and the front rotors reduced the inlet corrected flow
by 6% at design speed. The loss in flow was retrieved by increas-
ing the compressor speed by 1.4%, with about 0.3% loss in peak
overall compressor polytropic efficiency.

Figure 14a) shows the reduction in flow at speed along the
compressor nominal operating line with the “stress rig” variable
stator schedule. The compressor polytropic efficiency along the

chanical stress issue. The loading on these rotors was reducecebgine operating line versus compressor inlet corrected flow is
a combination of the change in their upstream and downstreamown in Fig. 14b). The compressor achieved a peak polytropic
stators, resulting in a significant reduction in aeromechanical refficiency of 90.8% at 73.6 kgfd62 Ib/9 at 19.8:1 pressure ratio.
sponse. As a result, the IGV through Stator 2 were closed 3 de-The zero stage performance with the “stress rig” was deter-
grees from nominalonly at part speedand Stators 5 and 6 weremined using data from the inlet rakes and the zero stage, vane-
opened by 3 and 5 deg from nominal, respectively. The loadimgounted probes. Figure (& shows the pressure ratio at flow
relief on Rotors 2, 3, and 4 came as a consequence of pushingalehieved by the IGV-Rotor 0 combination along the engine oper-
load forward onto the zero and first stages and onto the dowating line. The corresponding efficiency at flow for the IGV-Rotor

338 / Vol. 124, JULY 2002
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Fig. 15 LM2500+ IGV-Rotor 0 performance Fig. 16 LM2500 + “rear block” performance

0 combination is shown in Fig. 15) with the peak polytropic VSV angle and the VSV angle at staWtas conducted on the first
efficiency dropping to 89.5% due to the change in the variabtievelopment test engine. Holding constant speed, the variable sta-
stator schedule. tor gang was opened in 1-deg intervals until the compressor
The downstream compressor performance with the mixed agtalled. Figure 17 shows the open stator stall test results. The VSV
foils was determined by using the zero stage, vane-mountgdng based on Stator 2 is shown plotted versus the compressor
probes and the compressor exit rakes. Figuré)l6hows the inlet corrected speed. The stator position at which the compressor
comparison between the base LM2500 compressor operating Igtalled as the VSV gang was opened is also shown in Fig. 17. At
and the measured distribution of pressure ratio with flow for th@% design speed and beyond, the VSV gang was opened to
“rear block” on the LM2500+. Note that the corrected flow for demonstrate the required margin without stalling the compressor.
the LM2500+ “rear block” was calculated using the zero stageThe LM2500+ compressor demonstrated over 10 deg margin at
vane-mounted, leading edge measurements for total pressure @@00 rpm and over 5 deg at 5000 rpm, which is adequate. The
total temperature, while that for the base LM2500 compressactual margin at the open stop was not determined, but is enough
truly represents the compressor inlet conditions. The LM25@0r stall-free operation of the LM2500 compressor.
(small symbolgand the LM250@- (large symbolswere both run
with the DLE combustion system and hence the “steppédt
combustor stagingcompressor operating line. Data for the base

a5
LM2500 engine with the single annular combusti®AC) system T ——
is also shown as a solid line without symbols in the figure. Figure 40 -=-VSV @ stail
16(b) shows the corresponding comparison of efficiency at flow 35} A VSV @ no-stall
for the base LM2500 compressor and the LM2508ompressor @ 30l
“rear block.” The LM2500+ “rear block” shows approximately g
0.8 points improvement in peak efficiency, which is in agreement @ 251
with the estimated improvement in efficiency with the custom- a 2o}
tailored CF6-80C2 airfoils. While not a technical requirement, 3 1L
these airfoils also provided a significant improvement in perfor- =
mance at lower corrected flows. 10
The compressor was not throttled to stall at these high-pressure s}
ratios. Stall-free compressor performance was demonstrated along 0 . , ) , , N
a 7% high operating line, however, by adding flow blockers 3000 4000 5000 6000 7000 8000 9000 10000

(“tabs”) to the exhaust nozzle to reduce the area.

Open stator stall testing to determine compressor “open stator

INLET CORRECTED SPEED (RPM)

stall margin” (defined as the difference between the scheduledrig. 17 LM2500 + compressor open stator stall test results
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Concluding Remarks

[4] Smed, J., Pisz, F., Kain, J., Yamaguchi, N., Umemura, S., 1991, “501F Com-
pressor Development Program,” ASME, Paper No. 91-GT-226.

The aerodynamic design of the 17-stage, 23.3:1 pressure rati®] Janssen, M., Zimmermann, H., Kopper, F., and Richardson, J., 1995, “Appli-

single-spool axial compressor for the LM250@as turbine has

been reported. The new zero stage and stage 1 compressor bla
and vanes were designed using three-dimensional computation
methods. Advanced compressor airfoils from the CF6-80C2 com-

cation of Aero-Engine Technology to Heavy Duty Gas Turbines,” ASME,
Paper No. 95-GT-133.
%]SStringham, G., Cassem, T., Prince, T., and Yeung, P., 1998, “Design and De-
al velopment of a Nine Stage Axial Flow Compressor for Industrial Gas Tur-
bines,” ASME, Paper No. 98-GT-140.

pressor were also integrated successfu”y with the base|iné7] Farmer, R., 1994, “GE Launches LM25@00Rated at 39 MW and 38% Ther-

LM2500 compressor airfoils. The compressor achieved a pealfs]
polytropic efficiency slightly over 91% and met all its design op-

erability objectives.

In spite of the significant ruggedization of the front-stage air-

g

were able to provide accurate guidance during the design phase

foils operating in the transonic flow regime, advanced design too

mal Efficiency,” Gas Turbine World, May/June 1994, pp. 24-32.

Valenti, M., 1998, “Luxury Liners Go Green,” ASME Mechanical Engineer-
ing, July, pp. 72-73.

[9] Klapproth, J. F., Miller, M. L., and Parker, D. E., 1979, “Aerodynamic Devel-
opment and Performance of the CF6-6/LM2500 Compressor,”AlAA, Paper
No. 79-7030.

Eisenberg, B., 1993, “Development of a New Front Stage for an Industrial
Axial Flow Compressor,” ASME, Paper No. 93-GT-327.

achieve the level of compressor efficiency required for the sug41] Katoh, Y., Kashiwabara, Y., Ishii, H., Tsuda, Y., and Yanagida, M., 1993, “De-

cessful field implementation of the LM25@0at its full mature

power rating. Production engine data have duplicated the perfo

mance predictions based on the development engine.
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Nomenclature

blisk = bladed disk
C = airfoil section chord
IMM = radial immersion(0=tip, 1=hub)
Tmax = airfoil section max thickness
Z = axial distancdinches
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A Solution Strategy Based
| on Segmented Domain
WL e | Decomposition Multigrid

Cleveland, OH 44135

g-mail: mark celestina@grc.nasa.gov fo Y Tu rb 0 m a c h i n e rv FI Ows

J. J. Adamczvk A Segmented Domain Decomposition Multigrid (SDDMG) procedure was developed for
NASA Glenn Research Center, viscous flow problems as they apply to turbomachinery flows. The procedure divides the
Cleveland, OH 44135 computational domain into a coarse mesh comprised of uniformly spaced cells. To resolve

smaller length scales such as the viscous layer near a surface, segments of the coarse
mesh are subdivided into a finer mesh. This is repeated until adequate resolution of the

S. G. Rubin smallest relevant length scale is obtained. Multigrid is used to communicate information
University of Cincinnati, between the different grid levels [1]. To test the procedure, simulation results will be
Cincinnati, OH 45221 presented for a compressor and turbine cascade. These simulations are intended to show

the ability of the present method to generate grid independent solutions. Comparisons
with data will also be presented. These comparisons will further demonstrate the useful-
ness of the present work for they allow an estimate of the accuracy of the flow modeling
equations independent of error attributed to numerical discretization.

[DOI: 10.1115/1.1451085

Introduction works in this area are papers by Berde®]. Another is the
To maintain a reasonable number of mesh points while attem HIMERA method originally developed by Stegid] and since

ing to resolve the wide range of length scales associated wifffined by Liou[4]. , _ _
turbomachinery passage flows, mesh stretching is often employed®randt[5] observed that certain forms of domain decomposi-
However, mesh stretching can have an adverse effect on the cb? can be viewed in the context of a multigrid solution strategy.
vergence rate of a solution. This is particularly true if large meshhese particular types of domain decomposition use a multigrid
stretching is used. Another issue which impacts the convergerf@cedure to communicate information between the various mesh
rate of finite volume discretization formulations is the ratio of th@atches. The resulting methodology is called segmented domain
largest surface area of a cell to the smallest surface area of a adgicomposition multigrid strategdsDDMG).
This ratio is often referred to as cell aspect ratio. It is well known The first implementation of a SDDMG procedure to internal
that large values of cell aspect ratio can severely compromise flmvs was by Srinivasan and Rulifi]. They developed an adap-
solution convergence rate. tive approach to achieve optimal mesh resolution of a number of
Code developers, from experience or analydik developed internal flows. Their work showed that the SDDMG method im-
rules which govern the range of mesh stretching and cell aspggbved the resolution of the flowfield throughout as compared to a
ratio to be used with their codes. Users are strongly encouragedsgution obtained with a single mesh using the same number of
follow these rules in order to attain solution convergence. HoWnesh points.
ever, in some applications, strict adherence to the rules is notrpe gpjective of this work is to develop a segmented domain
sufficient to ensure solution convergence nor does it guaranig&:omposition multigrid strategy within the framework of a three-
adequate resolution of flow details. dimensional finite volume, cell-centered scheme which solves the
The motivation for the present work came from attemptseﬁeynolds-averaged form of the Navier-Stokes equations for tur-

developing a single mesh which is suff|C|_entIy fine to accurat Pmachinery flows. A key objective being the capability to effi-
capture a number of key flow features which are known to impag ently generate solutions which are mesh independent. The strat-
the aerodynamic performance of turbomachinery blading. ThiENty 9 - . . p '

y includes using uniform meshes in the blade-to-blade

task becomes quite difficult if the mesh is required to conform 2”7 | . . - : .
the stretching and aspect ratio rules and the number of m ct!on. For athree-d.lmer)smnal simulation, a stretched me;h is
points or mesh cells are being held constant in order to contiét€d in the spanwise direction. The uses of a stretched mesh in the
solution times. spanwise direction allowed a straight forward assessment of the
This difficulty associated with stretched meshes led to an invedsefulness of the SDDMG procedure prior to a full 3-D imple-

tigation of alternative meshing strategies. A promising mesh gefientation.

eration strategy which can overcome the stated difficultly is basedThe main elements of the SDDMG procedure are: a multiblock
on a mesh patch strategy known as domain decomposition. Dlew solver; a multigrid solution strategy; a multiblock mesh gen-
main decomposition employs a number of mesh segmented @wation strategy; boundary conditions compatible with a multi-
mains, i.e., mesh patches, which may or may not overlap. Thiock flow solver; and interface conditions compatible with a
mesh in each segmented domain is tailored so as to capture rf@tiblock flow solver. The next section discusses these elements
dominant flow features within the domain. Some examples {f more detail. The SDDMG method is then applied to two cases.
The first is a compressor cascade and the second is a turbine

Contributed by the International Gas Turbine Institute and presented at the Integscade. The intent of these simulations is to show the ability of
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loyi-

siana, June 4-7, 2001. Manuscript received by the IGTI, January 30, 2001. Paﬂl? SDDMG method to converge to the underlying flow feat_ures
No. 2001-GT-435. Review Chair: R. A. Natale. which control the aerodynamic performance of turbomachinery
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blade rows. Where applicable the simulation results are compared’he information that is needed to facilitate communication be-
to measurements. The final section presents a summary of tiwgen a child mesh and its parent mesh is the location of the child

work with conclusions based on the results. mesh within its parent mesh and the type of refinement strategy
used to generate the child mesh. The location of the child mesh
Procedure within its parent mesh is important as it determines the type of

boundary conditions to be applied to the child mesh. If a child
Shesh boundary is coincident with an external boundary, then the

ing a cell-centered finite volume formulation, On each mesh,g propriate external boundary conditions is used. If the child

. X . mesh boundary is internal to the parent mesh, the appropriate
I[?7L]1nge-Kutta iteration procedure is used to advance the So'”“ﬂ?erface condition is applied.

The present work uses the two-equation standard turbu- Multigrid Strategy. The present work used multigrid to com-
lence model of Launder and Spaldifi§] to estimate the eddy putationally link a child and parent mesh. Within the context of
viscosity. This turbulence model is a high Reynolds numbenultigrid, a child mesh defines the fine mesh and the associated
model which requires the use of wall functions at solid surfacgmrent mesh the coarse mesh. The steps involved with multigrid
and is valid from the beginning of the log-layer to the outer regiofb] are: an iteration procedure for solving the governing equations
of a turbulent boundary layer. Thie and & equations are dis- at each mesh level; a prolongation operator for transferring infor-
cretized in the same way as the governing mean flow equationsation from the parent mesh to the child mesh, i.e., from a coarse
The details of the discretization can be found in Shabbir §9&l. mesh to a fine mesh; a restriction operator for transferring infor-

A mesh generation code developed by MUl46] generated all mation from the child mesh to the parent mesh. In the present
of the meshes used in this work. The code is a general purpagerk, a Runge-Kutta iteration procedure is used to advance the
turbomachinery mesh generator which generates a threeiution on each mesh level. A multigrid procedure also requires
dimensional H-mesh by applying a series of cubic spline fits to the estimate of relative truncation error between the child mesh
geometric definition of the flowpath and blade. and the associated parent mesh. This truncation error estimate
appears as a forcing function in the mean flow equations associ-

Multiblock S_tructl_Jre. _The multiblock structure for t_he CUr ated with the parent mesh. Inclusion of the truncation error esti-
rent work begins with a single global parent mesh. This meshg‘

The SDDMG procedure in this work solves the Reynold
averaged Navier-Stokes equations, i.e., mean flow equations,

comprised of uniform cells and covers the entire computation ate in the mean flow equations associated with the parent mesh
domgin A global parent mesh is shown in Fia. 1 in com putation sures that the spatial accuracy of these equations is consistent
space A9 P 9- P ith the equations being solved on the child mesh. Further details

The first level of refinement subdivides the global parent me n the multigrid strategy used in the present work can be found in

into sub-domain meshes. These segmented domains, relative Aestlna[l].

the global parent mesh, are called child meshes. The only rule thaMesh Generation Strategy. The domain decomposition ap-
must be followed in refining a mesh level is that the boundafroach presented here assumes that all meshes for a simulation are
mesh lines of a child mesh must be coincident with a mesh line génerated before the calculation is started. The primary reason for
the parent mesh. Figure 1 shows an example of two child meshk& is to preserve the integrity of the geometry, primarily the
defined within a global parent mesh in computational space. Thikade surface definition, across all mesh levels. For convenience,
example shows a refinement in two mesh directions, however, tihe first step in this process involves the generation of a very fine
SDDMG method allows for refinement in a single direction.  mesh with uniform spacing for the entire computational domain

Every subsequent level of mesh refinement is done in a similasing the mesh generation code developed by Mul&g In con-
manner. The child meshes on the previous mesh level are caligrlicting the finest mesh, one must consider the distance from the
parent meshes on their mesh level. From within these mesheslid surfaces defined in terms of boundary layer wall upits
new child meshes are defined within the boundary of the parertiis must be consistent with the wall function boundary condi-
mesh. tions of the turbulence model. Of equal importance is adequate

resolution of the leading edge and trailing edge regions of the
turbomachine geometry. For transonic blading, the region over
BLADE SURFACE which a shock wave interacts with a boundary layer also requires
fine resolution.

As was previously stated, the only direction in which the mesh
SRS S is stretched is the radial direction. Uniform mesh spacing is main-
tained in the blade to blade direction.
| The fine global mesh is used to generate the global parent mesh
X% and all child meshes by discarding the appropriate number of
| \ mesh points. The effect of the mesh generation procedure on the
g \ definition of the leading edge region of a high-speed compressor
INLET )GLOBALPARENTMESH‘ ICH"_DMESHES| outter  rotor is shown in Fig. 2. The global parent mesh, mesh level 1,

- generates a wedgelike leading edge. After five levels of mesh
/ refinement, the finest child mesh, mesh level 6, provides a good
definition of the leading edge region. The axial definition of mesh
levels 3 and 4 are identical because they involve only a refinement
¥ in the pitch-wise direction.

Following the generation of all the parent and child meshes, a
procedure is applied to all the subdomain meshes to ensure that
the interface mesh lines of a child mesh are coincident with a
mesh line of the parent mesh. This procedure is important as it

= - simplifies the specification of the interface boundary condition on
BLADE SURFACE the child mesh. The direction of the projected area of the child
mesh at the interface is identical to the parent mesh and the value
Fig. 1 Global parent mesh with two child meshes in computa- of the projected area is half that of the parent mesh.
tional coordinates. The dashed line depicts the boundaries of
the child meshes. Boundary Conditions. The external boundary conditions are
342 / Vol. 124, JULY 2002 Transactions of the ASME
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PITCH-WISE DIRECTION, 9
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A

MESH LEVEL |

PARENT CELL CENTERS
MESH LEVEL 2
INTERFACE SURFACE
MESH LEVEL 3 & 4
MESH LEVEL 5 :
CHILD "IMAGE" CELL CENTERS
MESH LEVEL 6 /é
LE AXIAL DIRECTION, z Fig. 3 Schematic of a parent mesh /child mesh interface

surface

Fig. 2 Resolution of blade surface definition with mesh
refinement

ter of the parent mesh cells and the open squares represent the

center of the child mesh cells. The open broken line squares rep-
applied at the boundary of the finest mesh, i.e., parent or chilégsent the center of the child mesh “image” cells. The physical
coincident with the external boundary. At solid surfaces, the elocation of the right-hand side of Eql) is represented by the
ternal boundary conditions require that there be no heat transédaded circle in Fig. 3. The value of pv, p, andH, at this
and that the fluid velocity relative to the surface be zero. At thecation is the average ¢f pv, p, andH, from the centers of the
incoming flow boundary, the external boundary condition sets tiparent mesh cells bordering the interface surface. The physical
fluid total temperature, total pressure and flow direction. At thiecation of the left-hand side of Eql) is represented by the
exit of the flow domain, the external boundary condition sets thghaded squares in Fig. 3. The valuepppv, p, andH, at these
static pressure. squares is set equal to the value of the corresponding variable

At the external boundary for all other mesh levels, the extern@lcated at the shaded circle. The valuepppv, p, andH, at the

boundary conditions incorporate terms which reflect the relativll center of the child mesh “image” cell is then obtained by
truncation error between the parent and child mesh. The detditsear extrapolation using the value at the child interface surface
associated with the implementation of external boundary condind the value of the center of the child mesh bordering the child
tions can be found in Celestirja]. interface surface. The “image” cell values along with the interior

. . . cell values are then used to compute the viscous stress at the
Interface Conditions. To complete the implementation of the, (t)erface surface.

domain decomposition procedure, the interface condition needs
be applied at a child mesh boundary not coincident with an exter-implementation. The solution procedure is illustrated in the
nal boundary. Hence, these interface conditions are applied at gahematic diagram in Fig. 4, and the details can be found in Celes-
child mesh boundary coincident with a parent mesh surface. Thiisa [1]. The calculation begins on a mesh denoted as G8M-
boundary is a line for two-dimensional flows and a plane fdsal Parent Meshin Fig. 4. This mesh is covers the entire compu-
three-dimensional flows. The interface condition must conserygtional domain and represents mesh level I. The next mesh is the
mass, momenta and energy across the interface between the affilift of GPM and covers a portion of the computational domain.
and parent mesh. The pressure must also be continuous acrossttsiould be noted that the child mesh domain may be identical to
interface. These requirements are stated by the following equhe parent mesh domain. This mesh represents mesh level Il. A
tions: preset number of Runge-Kutta iterations, indicatedNaters. at

the top of the diagram, are performed on GPM. The resulting

pc=pe estimate of the solution is interpolated, indicated as the broken
[pVle=[pV]p line in the diagram, onto the child megimesh level I). A preset

(1) number of iterations are performed on the child mesh. The up-

Pc=Pp dated estimate of the solution is passed back to the GPM along

Hoc=Hop with an estimate of the relative truncation error associated with

these two meshes. Once agdihiterations are performed on the
wherep is density,pv is the momentum vectop is pressure, and GPM. The updated estimate of the solution is then passed back to
Hy is the enthalpy. the child mesh. This procedure represent¥-aycle multigrid
Figure 3 shows an interface surface between two parent mesiution strategy5].
cells. The upper parent cell is within a child mesh domain and The next level of mesh refinement is now introduced. The esti-
contains four child mesh cells. The lower parent mesh cell mate of the solution from the child mesh, level Il, is interpolated
outside but adjacent to a child mesh domain and contains the cluolato the next mesh level, level IIl. The child mesh, level I, be-
mesh “image” cells. The open circles in Fig. 3 represent the cegomes the parent mesh, while the level Il mesh becomes its child
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Fig. 4 Schematic of SDDMG procedure Fig. 5 Schematic of the ARL compressor cascade

mesh. The Runge-Kutta iteration procedure is initiated on the n&y!!S: Both cases have a limited amount of experimental data
parent mesh. After a preset number of iteraticvsters, the esti- available. Comparisons to this data are made where possible.

mate of the solution is interpolated onto mesh level Ill. A set ARL Compressor. The ARL cascadgll] is shown in Fig. 5.
number of Runge-Kutta iterations are performed at this mesfhjs cascade is made up of double-circular-arc airfoils typical of a
level. The l_deated estimate of the s_olutlon _along with an estima{Ryhly loaded compressor blade. From the test report, the chord
of the relative truncation error associated with the parent and chj gthc is given as 228.6 mm and the cascade solidity is 2.14.
mesh is passed back to the parent mesh. A set number of Rungge aspect ratio is 1.61. The incoming flow is subsonic with a
Kutta iterations are performed on the parent mesh. At the compigsiocity of 33 m/s and the Reynolds number based on airfoil
tion of the iteration procedure, the parent mesh is redefined agifyrd is 501,000.

child mesh(level Il) associated with a parent me@BPM). The g Jimit the influence of side-wall and end-wall boundary layer
updated estimate of the solution from the redefined parent mesiyig\yth on the measurements, suction was applied upstream of the
passed back to its parent along with an estimate of the relati¥gscade inlet plane on all walls. To simulate the test setup, the
truncation error. Once agaifN Runge-Kutta iterations are per-agpect ratio of the simulated geometry was set to 8. This is done
formed on the parent mesh. Followingvacycle multigrid strat-  nrimarily to limit the impact of the side-wall and end-wall bound-
egy, the updated estimate of the solution is passed back to layers on the core flow.

child mesh, level Il. At mesh level IN Runge-Kutta iterations are  ‘since the geometry of the cascade airfoils is two-dimensional
performed and the subsequent estimate of the solution is pasggd the code used in this study is written in cylindrical coordi-
onto the child mestimesh level 1I) of mesh level Il After a set pates the hub and shroud, representing the cascade side-walls,

number of Runge-Kutta iterations are completed on the childyst pe placed at a very large radius. In addition, the ratio of the
mesh, the procedure checks to see if there is another mesh lgyg) radius,R,, and the shroud radiu®, must be near one.

within mesh level lIl. If so, the mesh level is advanced and mesfhage two requirements yield a radius ra@b=R.— R, /R, near
level 1ll becomes the parent mesh for mesh level IV. The foreg9z,q |n this study, the hub to shroud radiusswas sest to 0.947
ing procedure is then repeated involving all the previously defingﬁe '

) ) ) . Iding a radius ratio of 0.053.
mesh levels. This procedure is continued until all of the predeter-p6 test report presented data for three incidence angles. The

mined mesh levels have been included. Upon inclusion of the laghyjation will only consider the data presented for an incidence
mesh level, the solution strategy is terminated when the chang Kyle of —1.5 deg.

the estimated solutiofbased on two successive passes through The meshes used in the simulation of the ARL compressor cas-
the solution strategyis within a given tolerance. cade were of uniform spacing in the cascade plane. In the radial
If, upon examination of the converged solution, it is felt thafjirection, the mesh spacing was non-uniform in order to resolve
more resolution is ngeded in a given fl_ow region, af_ln_er mesh ¢ side-wall boundary layers. The meshes on a cascade plane
be generated spanning the region. This new mesh is introduce ted at midspan are shown in Fig. 6. A total of seven mesh

the appropriate mesh level and the solution strategy restarted |ifye|s are used in the present simulation with six subdomain mesh
corporating the new mesh. An example of this is discussed in {N&a|s Table 1 gives a summary of the mesh sizes.

results section, where two additional mesh refinements are addeei-he global parent is mesh level 1 and contains 61 axial points

to a converged solution. with 21 of these points distributed uniformly along the chord of
the airfoil. The inlet and outlet flow planes are set one chord
length upstream and downstream, respectively, of the cascade in-
Results let and exit planes. The number of radial mesh planes is fixed at
Two geometries are presented to test and validate the SDDMG. The spacing between these radial planes is varied in order to
method. The cases are: a compressor cascade and a turbine regz®lve the side-wall boundaries and is maintained for all sub-
cade. The geometry for the two cascade cases include solid eddmain meshes. In the global parent mesh, 21 equally spaced
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Fig. 7 SDDMG mesh near the leading edge region of the ARL
compressor at midspan

tial flow code[12;13] to that measured. It was felt that this pro-
cedure removed any issues associated with flow periodicity in the
Fig. 6 Sectional view of the ARL compressor SDDMG mesh at experiment.
midspan with seven mesh levels Figure 9 shows contours of velocity magnitude at the midspan
plane of the cascade. The contours of velocity magnitude remain
continuous as they pass between the various mesh levels. The

planes are distributed across the cascade passage. The first s@‘laé?_‘? is seen to decay inha smoolth manner with dri]stanc_e fro;n Ighe
subdomain refinements, mesh level II, starts at 50 percent ch&@!ing €dge. Figure 10 shows velocity vectors in the region of the

upstream of the cascade inlet plane and ends at 50 percent chifgfion surface trailing edge. The flow is separated from the suc-
19 surface in this region. The zero velocity line is shown in the

downstream of the cascade exit plane. This refinement extends i ; hiv th h h levels with
percent of the pitch into the flow passage from either side of t{gure and is seen passing smoothly through two mesh levels wit

blade surface. The third level of mesh refinement starts at S Separation region extending across three mesh levels. The

percent chord upstream of the cascade inlet plane and ends af3%0th transition of the flow from one mesh level to another is a
percent chord downstream of the cascade exit plane and extefltigCt result of the multigrid procedure.

12 1/2 percent into the flow passage from either blade surface.!"® SDDMG procedure can converge to a mesh independent

This refinement strategy is repeated for the next two mesh |ev1§g1u§ion in critical flow regions such as the region surrounding the
with mesh level 1V, starting at 12 1/2 percehialf of 25 percent _eg_dmg edge. The pressure field in this region of flow controls the
upstream of the cascade inlet plane and ending at 12 1/2 percSffial development of the blade boundary layers. Another flow
(half of 25 percent downstream of the cascade exit plane anff9ion which is important to resolve is the region of flow near the
extending half of 12 1/2 percent into the flow passage from eithgf'ction surface of the blade trailing edge. The flow in this region
blade surface. Mesh levels 6 and 7 are used to refine the regiorPyS & major role in establishing the flow blockage and the blade
flow surrounding the leading edge and trailing edge. These t\&gculanon. To show that the solution in the leading edge region
sub-domains are illustrated in Figs. 7 and 8. or the ARL cascade is independent of mesh, the blade pressure

The simulation of the ARL cascade was done for an incidendiStribution, in terms of a pressure coefficie@y,, for the various

angle of zero degrees. This incidence angle was established by
matching the blade pressure distribution as predicted by a poten-

Table 1 Mesh refinement schedule for ARL compressor

Mesh Axial Radial Tangential Number
Level Points Points Points of Meshes

1 61 41 21 1

2 81 41 11 2

3 121 41 11 2

4 201 41 11 2 —

5 361 41 11 2 -

6 41 41 11 4

7 41 41 11 4 EL?ﬁSresssgPa’\ﬂ?nirdnses:nnear the trailing edge region of the ARL
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Fig. 11 Convergence of blade surface  C, for all SDDMG mesh
levels versus normalized distance from the leading edge at
midspan

Fig. 9 Contours of velocity magnitude at midspan

mesh levels is plotted as a function of distance from the leading

edge in Fig. 11. This shows that as the mesh refinement is ifhe profiles on the finest two mesh levels, levels 4 and 5, are
creased(level 1 being the coarsest and level 7 the fineite pearly identical and indicate that the solution in the region of the
surface pressure distribution asymptotes to a curve which is indgrction surface trailing edge is nearly mesh independent.
pendent of mesh level, hence a mesh independent result. In addirhe next two figures show comparisons with experimental data.
tion, note that thg distribution associated with all mesh _Ievelsgure 13 shows the blade surface pressure distribution as a func-
coarser than the finest, level 7, appear to be “smooth” estimatggn of blade chord as computed and measured. As noted above,
of the fine mesh result. This being the case even for the coarsggt incidence angle for the simulation is zero degrees while that
mesh(level 1) in which the leading edge is viewed as a wedg&eported by Zierke and Deuts¢hl] is —1.5 deg. The difference
These “smooth” estimates of the fine mesh result is a direct resgmpensates for incoming flow differences between the simulated
of the multigrid strategy underpinning the SDDMG procedure. cascade with an infinite number of blades and the cascade in the
Figure 12 shows the nondimensional axial velocity plotted asgkperiment whose blade count is five. The final result for the ARL
function of distance from the suction surface for the finest 4 meghscade, Fig. 14, shows the profile of the axial velocity across the
levels. The chordwise location is near the suction surface trailipgich of the cascade. The axial location is 32.9 percent of the
edge at about 90 percent of chord. The finest mesh is level 5 aibrd downstream of the cascade exit plane. Both simulation re-
the coarsest mesh is level 2. The velocity profiles obtained frogjts and measurements are shown in Fig. 14. The simulation
the solution on each mesh level form a smooth velocity profilgesults incorporated all seven mesh levels. The wake measure-
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Fig. 10 Velocity vectors near the suction surface trailing edge Fig. 12 Nondimensional axial velocity versus distance from
midspan for SDDMG the suction surface at midspan
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Fig. 15 Schematic of VKI turbine cascade

ments from the experiment were obtained with a five-hole probe.

In the figure, two values of the wake velocity from the experiment

are shown with error bars. For 95 percent confidence level, tlgentropic exit Mach number of 0.85. The experimental setup did
uncertainty bound is about6 percent of the inlet velocity within not allow for the removal of the side-wall boundary layers. The
the wake regiori11]. Since it was shown that the simulation re-cascade is simulated with the side walls included. Thus, the simu-
sults are nearly independent of mesh, the difference between kon is three-dimensional.

computations and measurement is due to geometric differenceé\ cascade plane perspective of the midspan mesh used in the
between the physical cascade test setup and that specified initfigal simulation is shown in Fig. 16. On each cascade plane, the
simulation or errors introduced by the turbulence model. mesh has seven mesh levels. These sub-meshes are identical for
. . L all cascade planes. In the spanwise direction, there are 41 cascade
VKI Turbine Cascade. The VKI turbine cascade airfoil ge- hianes. They are spaced in the spanwise direction so as to resolve

ometry is shown in Fig. 15. It is representative of a highly loadeghe sjge wall boundary layers. Table 2 gives a summary of the
turbine nozzle. The aerodynamic performafib4] of a cascade of yagh sizes.

these airfoils was assessed in the Von Karman Institute short-MeSh level 1 is the global parent mesh. The first two mesh

duration isentropic light piston compression tube facility. Th vels, levels 2 and 3, are axial and pitchwise refinements of the

chord length of the tested airfoils is 67.647 mm and the cascaggpa| parent mesh. Mesh levels 4 and 5 are pitchwise refinements
solidity is 1.176. Additional details of the cascade geometry can

be found in Arts et al[14]. All simulations were performed for an
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Fig. 14 Comparison of nondimensional axial velocity versus Fig. 16 Sectional view of the VKI turbine SDDMG mesh at
pitch at midspan for experimental data and SDDMG midspan with six mesh levels
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Table 2 Mesh refinement schedule for VKI turbine N

\'1‘\i “\\“h &\

Mesh Axial Radial Tangential Number ‘ \ \\\3!
Level Points Points Points of Meshes

1 61 41 21 1

2 81 41 11 2

3 121 41 11 2

4 101 41 11 2

5 101 41 .1 2

6 21 4] 11 4

7 21 41 11 4

only and are employed to resolve the blade boundary layers. Fi-
nally, mesh levels 6 and 7 are designed to better define the flow in
the neighborhood of the leading and trailing edge.

A series of simulations showed that the flowfield was two-
dimensional between 10 and 80 percent of span and thus only
results for the midspan cascade plane will be reported. Figure Lzrcent chord downstream of the cascade inlet planshown as
is a plot of the Mach number contours at midspan. The conto

. - . nction of pitch in Fig. 19. Both simulation an rimental
remain continuous as they pass through the various mesh IeVCE unction of pitch in Fig. 19. Both simulation and experimenta|

Fig. 18 Flow vectors near the trailing edge at midspan

. . : . Sults are shown. The agreement appears good, however, the
F'g.l.”e 18 shows th_e velocﬂy vectors in the region of the bla_ mulation results overpredict the loss at the center of the wake.
trailing edge. There is no evidence of these velocity vectors be'.'?’g ascertain whether this overprediction of loss is numerical in

dlsc_o_ntlnuous. Indeed, one can clearly see two c_ounterrotatlglqgin, a further refinement of the flow neighboring the suction
vorticies formed by the merger of the flow the suction and preg, tace was attempted. At the location of minimum suction sur-

sure surface. .- ' face pressure, the mesh refinement reduced the valyé af the
A plot of the local loss coefficient, defined as . L . ;
centroid of the first cell from approximately 75 to approximately

P2, 4, 20. The resulting velocity profile through the suction surface

1- p77 ’ boundary layer is shown in Fig. 20. Shown on the figure are plots
X= 2 g associated with the three mesh levels. The finest mesh is level 9
1 P2, 4 and the coarsest mesh is level 5. Mesh level 8 represents the first

P refinement of mesh level 5 and mesh level 9 is a second refine-

(where p is pressurep, is the total pressure and the indice ment of level 5. The plots_in Fig. 20 sh_OV\_/ th_at the results for me_sh

denotes the inlet flowtplane and 2 the measuring plane at ]1 els 8 and 9 are nearly identical. This |nd|_cates tha_t Fhe solu_tlpn
lt ough the suction surface boundary layer in the vicinity of mini-
mum pressure is nearly mesh independent. The simulation results
presented in Fig. 18 are associated with the velocity profile for

0.1 ;
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Fig. 17 Mach number contours at midspan in increments
of 0.05 Fig. 19 Loss coefficient at 143 percent chord at midspan
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0.0007 _ Kutta procedure appeared to be improved by the SDDMG proce-

’ ' ' ! dure. This positive impact on stability appears to be related to the
elimination of the adverse effects of mesh stretching by the
0.0006 Q ] SDDMG procedure.

0.0005 | ] Summary and Conclusions

Accurate predictions of the aerodynamic performance of turbo-
machinery blading requires resolution of flow features near the
leading and trailing edges of blades, boundary layers, shocks and
clearance flows. To obtain the required flow detail, grid cells are
E clustered in regions of high flow gradients and then stretched to
% fill in the remaining flow region. This often results in grids with
0---O MESH LEVEL 5 % very high aspect ratios. For CFD codes which employ a Runge-
0.0002 } ©--8MESHLEVELS ] Kutta-based iteration strategy, this often leads to numerical stabil-
6—o MESH LEVEL 9 ity problems. To circumvent these stability problems and still have
the ability to resolve features associated with high flow gradients,

...... a segmented domain decomposition multigf@8DDMG) proce-
P dure was developed. The SDDMG procedure was implemented in
0.0000 I . 2-D to test its ability to produce grid independent solutions and
0.40 0.50 0.60 0.70 0.80 enhance the stability of a Runge-Kutta-based integration strategy.

NON-DIMENSIONAL AXIAL VELOCITY The SDDMG procedure was used to simulate a compressor and
turbine cascade. Each case was used to show a different feature of
Fig. 20 Nondimensional axial velocity versus distance from the SDDMG procedure. Both simulations yield results which were
the suction surface at midspan grid independent. Results were shown that illustrated the ability of
the SDDMG procedure to capture the flow details in the neigh-
borhood of a compressor blade leading edge and a turbine blade
mesh level 5. Note that the results for mesh level 5 fail to resolyeailing edge. In addition, it was shown that the SDDMG proce-
the outer region of the suction surface boundary layer. The impaitire yielded velocity profiles associated with blade boundary lay-
of the refined definition of the suction surface boundary layer asrs which were grid independent.
the local loss coefficient is shown in Fig. 21 as a function of pitch. Comparison of simulation results to experimental data showed
The plots from Fig. 19 are repeated in the figure. The added the SDDMG procedure was predicting solutions that are consis-
finement appears to have little impact on the estimated loss at tbat with the experimental data. Indeed since the simulation re-
center of the wake. The refinement does appear to yield a sharpeits are, for all practical purposes grid independent, any differ-
loss profile with the loss profile for level 8 being nearly that foence between simulation and experiment is due to geometry
mesh level 9. Thus, one can state that the loss profiles are neaiifferences, experimental error, or the modeling of turbulence.
mesh independent. Any differences between the simulation andComparison of the SDDMG method to a conventional meshing
experimental result are due to experimental efnotte the experi- strategy is difficult because the mesh construction of each system
mental loss coefficient is greater than one in the core flow regioms so different. However, such a comparison was reported and
a difference between the simulated geometry and that of the efscussed in Celestirfd]. A comparison of the convergence his-
periment, or the modeling of turbulence. tory of the two strategies to a time asymptotic solution showed

For both the ARL and VKI cascade simulations, the SDDMGhat the SDDMG method converged about 15 percent faster than
procedure did not adversely impact the stability of the Rungéhe conventional stretched mesh method even with about 15 per-
Kutta iteration strategy. On the contrary the stability of the Rungeent more mesh points.

Based on the results from this study, the SDDMG procedure is
a viable alternative to grid stretching to resolve the flow features

0.0004 | 9 :

0.0003

0.0001 |

DISTANCE FROM THE SUCTION SURFACE, RADIANS
Ly

0.1 . which control the performance of turbomachinery blading. An
implementation of the SDDMG procedure in 3-D is recom-
mended.
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The Effect of Variable Chord
Length on Transonic Axial Rotor
Performance

Aircraft fan and compressor blade leading edges suffer from atmospheric particulate
erosion that reduces aerodynamic performance. Recontouring the blade leading edge
region can restore blade performance. This process typically results in blades of varying
chord length. The question therefore arises as to whether performance of refurbished fans
and compressors could be further improved if blades of varying chord length are installed
into the disk in a certain order. To investigate this issue the aerodynamic performance of
a transonic compressor rotor operating with blades of varying chord length was measured
in back-to-back compressor test rig entries. One half of the rotor blades were the full
nominal chord length while the remaining half of the blades were cut back at the leading
edge to 95% of chord length and recontoured. The rotor aerodynamic performance was
measured at 100, 80, and 60% of design speed for three blade installation configurations:
nominal-chord blades in half of the disk and short-chord blades in half of the disk; four
alternating quadrants of nominal-chord and short-chord blades; nominal-chord and
short-chord blades alternating around the disk. No significant difference in performance
was found between configurations, indicating that blade chord variation is not important
to aerodynamic performance above the stall chord limit if leading edges have the same
shape. The stall chord limit for most civil aviation turbofan engines is betwee@ @4 of
nominal (new) blade chord[DOI: 10.1115/1.1459734

Keywords: Axial Compressor, Variable Chord, Blade Recontour, Performance Restora-
tion

Introduction ontouring, there exists a pool of blades with different chord
lengths, ranging from blades that are near nominal chord length

Users of gas turbine; en.gine.s have.a vested intgrest in trackgp n to those near the stall chord limit. Furthermore, as blades
performance trends with time in service to determine compone de below the stall limit, they must be replaced with new blades

deterioration and, consequently, maintenance intervals. During &t have the full nominal chord length. A set of compressor

life of any gas trbine, blade eros_ion is p_resent, eSpeF“"!”y fBfades of varying chord length will therefore be installed into each
those un|t§ that are exposed to unfiltered air such as _aV|at|o_n tHlbofan engine that goes through a complete maintenance cycle.
bofan engines. It has been observed that atmospheric particulgia, current maintenance practice is to distribute blades of varying
erosion is a serious concern for the fan and the tip regions of highgq length around the disk with a check for balance. A reas-
pressure compressors, see Sallee efHl. Kramer et al.[2], sembled engine is then checked on a test stand to insure that it
Covey et al[3], and the DOE/FAA Symposiurid]. The effect of meets rated thrust with sufficient exhaust gas temperature margin

this erosion is to reduce the blade chord progressively from thgfore return to an aircraft. Since even 1% of fuel burn can add up
midspan to the tip region and to roughen and distort the blade

surface.

The effects of roughness on rotor performance have been docu-
mented by Suder et dl5] and Robert$6]. These papers indicate PROFILE
that the penalty for leading edge roughness and erosion can be \
significant. Turbofan operators therefore perform chord length res- BLUNT LEADING EDGE
toration at routine maintenance intervals to regain performance {/_—
before deterioration is too severe to salvage blades. N =

As the rotor blades erode, the leading edge becomes rough, CHORD LINE

(@)

NOMINAL

blunt and distorted from the nominal shape and the aerodynamic
performance sufferéReid and Urasek7]). Nominal performance
can be recovered by recountouring the leading edges as reported
by Roberts[8]. A recontouring or reprofiling process similar to
that illustrated in Fig. 1 can restore nominal operation for multiple
compressor and engine refurbishment cycles until the blade chord
erodes to the stall limit. Below this chord length, which varies
among engine-compressor types, a decrease of stall margin is
likely (Roberts[9,10). s dvevererarera
After compressor blade rework that includes leading edge rec-

Contributed by the International Gas Turbine Institute and presented at the Inter- (b)
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui- ) ) )
siana, June 4—7, 2001. Manuscript received by the IGTI, January 18, 2001. Papig. 1 Schematic of blade leading edge— (&) Blunt leading
No. 2001-GT-498. Review Chair: R. A. Natole. edge due to erosion, (b) Recontoured leading edge
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to several tens of millions of dollars in operator cost per year f Inlet Throttle Valves |

a large fleet of engines, the question arises “Does fan or compr: ;F‘“’ Orifice - T
sor performance depend on the order in which mixed-chord blac+gf%: =
are installed into a fan or compressor disk?” Investigation of thi
issue through back-to-back engine tests at an airline maintena
facility is prohibitively expensive in terms of both cost and time
Furthermore, the results would be difficult to interpret due to oths
changes made to an engine during a shop visit. The purpose of
present investigation is therefore to explore this issue in a ca
fully controlled compressor research rig environment.

An opportunity to perform the necessary variable-chord rotc
testing arose when a NASA-Glenn high-speed compressor ro
was damaged during compressor stability research. During
weld-repair and a recontour of the blade leading edges, one-f
of the rotor blades were repaired to nominal chord and one-h
were repaired to 95% of nominal chord. This chord length we
chosen because the great majority of civil turbofan engines ha
stall chord limits between 94 and 96% of nominal chpddlL0].

Fig. 3 NASA-Glenn single-stage transonic compressor test
Test Rotor facility

The test rotor for the present study, shown in Fig. 2, is from a

low aspect ratio transonic core compressor inlet stage designated -143 % of chord 318
as NASA Stage 35. The results reported here were obtained from |
a rotor-only configuration with the stator removed. This configu-
ration eliminates blade row interactions and thus allows direct — SIN1
measurement of flow differences between rotor configurations.
The rotor design pressure ratio is 1.865 at a massflow of 20.19
kg/s. The inlet relative Mach number is 1.13 at the hub and 1.48 at =&
the tip at the design tip speed of 454 m/s. The rotor has 36 blades, "
an inlet tip radius of 25.4 cm, a hub-tip radius ratio of 0.70, an

aspect ratio of 1.19, a tip solidity of 1.3, and an axial chord of

2.72 cm at the tip and 4.12 cm at the hub. The rotor tip clearance
at design speed is 0.40 mi®.016 in), which corresponds to 0.7% <
of chord. Details of the rotor aerodynamic design were reported . .
by Reid and Moor¢11]. Overall aerodynamic performance of the Axial direction
stage was reported by Reid and Mo¢te)].

STN2

rection

ROTOR

|

Fig. 4 Location of aerodynamic survey stations
Instrumentation and Measurement Techniques

All measurements were taken in the NASA-Glenn W8 singlgected to standard-day conditions at the rotor inlet. Radial distri-
stage axial compressor facility, shown schematically in Fig. 3. utions of total and static pressure, total temperature, and flow
complete description of the facility is given in Moore and Reiéngle are measured at stations 1 and 2 shown in Fig. 4. Stage 35
[12]. Mass flow is measured using a calibrated orifice located fgy g close-coupled stage, and there is not sufficient space for a
upstream of the compressor. The orifice measurements are &Rjrvey station between the rotor and stator. Since additional sur-
vey stations were not added in the present work, Station 2, which
is normally used to survey the stator outlet flow, is the first avail-
able aerodynamic survey station downstream of the rotor. The
measurement uncertainties are: massfla®,3 kg/s; flow angle,
+0.5 deg; total pressure0.01 N/cnt; total temperature0.6 K.

The probe measurements are corrected for Mach number and
streamline slope based on a calibration of each probe used and on

95% of
nominal chord

Fig. 5 Simulated erosion of 5% of chord over the outer 50% of
Fig. 2 NASA rotor 35 span
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alternating around the wheel. Adiabatic Efﬁciency

Fig. 8 Radial profiles of efficiency for 80% speed at a mass-
Fig. 6 Schematic of tested blade installation configurations flow rate of 17.5 kg /s

the design streamline slope. All measurements are (:orrectedEt)(Spe”mental Procedure

sea-level standard-day conditions at the rotor inlet. Radial distri- Figure 5 shows the simulated erosion applied to one-half of the
butions of total temperature are mass averaged across the annukagor 35 blades during leading edge repair. Starting at mid-span,
Radial distributions of total pressure are energy averaged by cahese blades were blended back to 95% of nominal chord at the tip
verting them to their enthalpy equivalents and then mass averamd then recontoured as shown in Fig. 1 using a procedure de-

ing them across the annulus. scribed by Robertf8] and Model and Rober{d 3]. The remain-
Total Pressure Ratio Total Temperature Ratio Adiabatic Efficiency
2.00 " " " " " T , " 0.9 " T "

1 1 127 E i 1
1.90 1 0.80- ]
1.25F 3

100% speed 100% speed 100% speed
1.8 ' : : ‘ 123 . ' ' : 0.7 : : ' .
0 11 12 13 14 15 10 11 12 13 14 15 10 I 12 13 14 15
1.60 4 T T T T v T T 0.9 T T
i 1 Ll6F E b 1
1.50F 1 0.80F 4
R e ] +HH
80% speed 80% speed 80% speed
1.40 . - 1.12 L L - 0.7 - .
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Massflow (kg/sec) Massflow (kg/sec) Massflow (kg/sec)
Fig. 7 Rotor overall performance at 60, 80, and 100% speed for three blade installation configurations. Stalling
massflow denoted by vertical bars. Crosses denote error bars. 0O, halves; A, quadrants; = alternating.
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Fig. 9 Rotor performance at 100% speed, maximum massflow operating point— [, halves; A, quadrants; =, alternating

ing half of the blades were weld repaired back to the full nomingloint plotted in Fig. 7. The error bars shown in each figure indi-
chord length, and the leading edges were then also recontoucete the estimated error in the data based on uncertainties in pres-
using the same process. sure and temperature measurement, probe calibration, and probe
The rotor was tested using the three blade installation configyositioning. The stalling massflow for each configuration tested at
rations of nominal and short-chord blades illustrated in Fig. 6: g9 and 100% speed is noted by a vertical bar. At 60% speed the
1. HALVES: 18 nominal-chord blades followed by 18 shortStalling massflow was not significantly different than the lowest
chord blades; massflow at which full surveys were acquired.
2. QUADRANTS: four 90-deg. segments around the compres- The maximum massflow achieved at design speed does not cor-
sor disk, each containing nine blades of the same choreispond to rotor choke, but is set by choking of the diffuser down-

length; stream of the rotor, which was not designed for the exit flow swirl
3. ALTERNATING: nominal-chord and short-chord blades alpresent when the stator is removed. In addition, the pressure rise
ternating around the disk. and efficiency for all three configurations at design speed are

These configurations were chosen to investigate the range of pig4/er than previously measured for rotor $51]. This results
sible blade installation configurations that might be encounterd@m the fact that the leading edge recontour process for both the
when reinstalling mixed-chord blades into a fan or compresséfort-chord and nominal-chord blades did not preserve a slight
during an engine shop maintenance visit. end bend at the leading edge in the outer 10% of the blade span.
All configurations were tested at 100, 80, and 60% of desighhe repair process is fully capable of preserving the end-bend
speed. These speeds yield tip relative Mach numbers of 1.48, 1.ft8jnd in the original Rotor 35 airfoil. However, the time and
and 0.89, respectively. These speeds were chosen to cover rémources available for the “one-off” repair of Rotor 35 did not
range of tip speeds encountered within modern fans and the frgosktify the cost of the tooling required to preserve this feature in
middle, and rear stages of core compressors. Full spanwise prefe repaired blades. Since the end-bend helps to adjust the blade
surveys were taken to provide detailed performance data over {hading-edge incidence to the lower axial velocity within the end-
annulus height as well as mass averaged performance parame{@ssi. boundary layer, its elimination during blade repair resulted in
lower pressure rise and efficiency due to increased loss and block-
Test Results age at the tip. These differences between the repaired blade and
Figure 7 summarizes the rotor performance characteristicsaitginal blade performance are significantly reduced at 80% and
100, 80, and 60% speed for the three configurations tested. F@0% of blade speed. The authors feel that the differences between
span aerodynamic performance surveys were acquired at eadginal and repaired blade performance do not compromise the
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results of this investigation, which is focussed on differences than the other two configurations at any given location outboard
blade performance as a function of how mixed-chord blades a£80% span. While the efficiency differences shown in Figs. 7
loaded into the compressor disk. and 8 are not much greater than the uncertainty of the measure-
It can be seen from Fig. 7 that, within the measurement erranents, they are consistently evident across the massflow range
there are only two significant differences in performance for trend are therefore probably real. Survey data was often acquired at
different blade installation configurations. First, the “alternating®0 and 100% speed during the same rig run as the data shown in
blade installationConfiguration 3 consistently delivers the larg- Fig. 8 and inspection of the data acquired at these other speed
est stall margin. At design speed the stall margin for the “altedoes not show the same trends as observed at 80% speed. One
nating” blade configuration is 18.4% compared to 16.4% for thexplanation for the lower efficiency of the “alternating” configu-
“halves” configuration. This seems reasonable since the shorgation near the tip is that at 80% speed the rotor is operating in the
chord blades have a higher aspect ratio and can be expectedraosonic regime, with a tip relative Mach number of 1.18 and a
have less stable operating range. By grouping these blades rtaedspan relative Mach number of 1.01. Since the flow around the
gether(as in the “halves” configuration stall precursive distur- leading edge is extremely sensitive to geometry in this Mach num-
bances have an opportunity to grow in amplitude as they rotater regime, it is possible that the lower efficiency is due to the
around the short-chord half of the wheel, thus triggering stall. Bynperfect repair and the impact of adjacent long-chord and short-
contrast, in the “alternating” configuration, the wheel consists afhord blades on the bow wave system.
pairs of long- and short-chord blades, and the long-chord blade<Civil aviation gas turbines operate at or near design speed for
apparently serve to stabilize their short-chord neighbors. much of each mission. Since the majority of mission fuel burn
The second notable difference in overall performance showntimerefore occurs near design speed, it is instructive to look for
Fig. 7 is a consistent spread in efficiency between the three blatifferences in blade element performance between the three blade
installation configurations at 80% of design speed. Two reasoinstallation configurations at design speed. Spanwise distributions
for this spread can be seen in Fig. 8, a plot of the spanwise profilefstotal pressure ratio, total temperature ratio, adiabatic efficiency,
of efficiency at the highest massflow. The data symbols have beggviation, total loss coefficient and diffusion factor are presented
removed in order to more clearly see the differences betweandesign speed for three massflows that cover the stable operating
profiles. The “quadrant” configuration is approximately 2 pointgange of the rotor in Figs. 9—11. The spanwise performance com-
higher in efficiency than the other two configurations over thparisons show no performance difference, within measurement er-
lower 40% of span. Although masked by the steep radial gradiewnt, attributable to changes in the blade installation configuration.
in efficiency near the tip, a close look at the data also reveals thfafinal comparison of detailed performance for the three installa-
the “alternating” configuration is 2—4 points lower in efficiencytion configurations is shown in Fig. 12, where the tip static pres-
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Fig. 11 Rotor performance at 100% speed, near-stall operating point— 0O, halves; A, quadrants; =, alternating

sure rise across the rotor measured by an array of static presqorecussion
taps in the casing is presented for 100% speed at the same thr
operating points as shown in Figs. 9—11. Once again, there is
measurable difference in performance between the three instal
tion configurations.

ni@ne might ask to what degree the rotor insensitivity to chord
‘Fr]gth measured in the present work is a result of the relatively
p%or performance of the repaired blade. In other words, if the tip
end-bend featured in the original rotor had not been lost during
the repair process, and the repaired rotor had an efficiency more
25 ‘ ‘ ' ' h typical of a new rotor, would the results have been the same.
o B g While the imperfect restoration of the leading edge was not ideal,
20 : 1 repair of this blade did provide a unique opportunity to investigate
£ & performance differences in a series of back-to-back tests in a care-
15 o o T ke fully controlled compressor research rig environment. In the au-
I Near Stall thors experience, if the leading edge of a used, eroded blade is
recontoured to a shape that delivers near nominal performance
10 ¢ across the span, i.e., the same loss and turning as a nominal blade,
50 100 0 then there is no discernible difference in performance between the
new and refurbished blade.

A second question is whether or not tight manufacturing toler-
ances need to be held for blades if performance is not sensitive to
blade chord variation. The authors feel that not only should the
present tolerances be held for overall blade manufacture, but that
leading edge tolerances should be tightened so as to force blade
vendors to err on the small side of the tolerance band, thus creat-
ing a bias toward thin leading edges rather than thick leading
edges.

2
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Summary and Conclusions

The test results presented above for three radically different
configurations of rotor blade chord mismatching indicate that, for

Fig. 12 Static pressure distributions over the blade tip for
three operating conditions at 100% design speed
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blade chords down to 95% of nominal, there are only two meaologies International for their blade refurbishment support during
surable performance differences between configurations for tiés research.
tested rotor. First, there is a 2% difference in stall margin, with t
“alternating” blade installation configuration providing the bes eferences
stall margin. Second, thers & 2 point difference in efficiency at [1] Sallee, G. P., Kruckenburg, H. D., and Toomey, E. H., 1978, "Analysis of

80% speed, with the “alternating” blade configuration providing L”ArgoAfa(‘:”Ri“g"";%gPe”Ofmance Deterioration and Proposed Follow-on Tests,”

the lowest efficiency. This spread in efficiency may be caused byz) kramer, W. H., Paas, J. E., Smith, J. J., and Wulf, R. H., 1980, “CF6-6D

the imperfect repair and by the rotor operating at transonic relative = Engine Short-term Performance Deterioration,” NASA CR-159830.

inlet Mach numbers at this speed. [3] Covey, R. R., Mascetti, G. J., and Roessler, W. U., 1978, “Examination of
Since the three installation configurations tested cover the ex- Commercial Aviation Operational Energy Conservation Strategies,” The Aero-

. . . ! space Corporation, Aerospace Report No. ATR(7861-1, Vol. 2.
tremes of possible chord mismatch, it can be concluded that MISt4] Proc., DOE/FAA Symposium on Commercial Aviation Energy Conservation

matching is not important to aerodynamic performance above the = StrategiesApr., 1981.
stall chord limit, which for most civil aviation engines is between [5] Suder, K. L., Chima, R. V., Strazisar, A. J., and Roberts, W. B., 1994, “The

94-96% of nominal(neV\b chord Iength. This statement applies Effect"of Adding Roughness and Thickness to a Transonic Axial Compressor
. . . Rotor,” ASME J. Turbomach.117, pp. 491-505.
only to blades that have been refurbished with a leading edg%] Roberts, W. B., 1995, “Advanced Turbofan Blade Refurbishment Technique,”

recontour. ASME J. Turbomach., Tech. Briet17, pp. 666—667.
Furthermore, in that the mismatched Rotor 35 was tested alt7] Reid, L., and Urasek, D. C., 1973, “Experimental Evaluation of the Effects of

0 ; - : “ n g 0 a Blunt Leading Edge on the Performance of a Transonic Rotor,” ASME J.
100% design speed—corresponding to “fan” tip speeds, 80% Eng. Power95, pp. 199-204.

speed—correspond@ng to “front compressor” tip speeds, and 60%yg) Roberts, W. B., 1984, “Axial Compressor Performance Restoration by Blade
speed—corresponding to “rear compressor” tip speeds, the au- Profile Control,” ASME Paper No. 84-GT-232.
thors believe that the insensitivity to blade installation configura-[9] Roberts, W. B., 1995, “A Study of the Performance and Stalling Behavior of

i f ; JT8D Short Chord Compressor Blade Elements,” Airfoil Management-Airfoil
tions observed in the present work applies to fans, low pressure Technologies International Internal Nct@ct).

compressors, and the rear stages of high pressure compress@§sroberts, W. B., 1996, “A Study of the Performance and Stalling Behavior of
. y g
alike. CF6-80C2 Short Chord Compressor Blade Elements,” Airfoil Technologies
International Internal NotéMay).
[11] Reid, L., and Moore, R. D., 1978, “Design and Overall Performance of Four
Acknowledgments Highly-Loaded, High-Speed Inlet Stages for an Advanced High-Pressure-Ratio
. Core Compressor,” NASA Tech. Memo., 1337.
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3-D Transonic Flow in a
Compressor Cascade With
Shock-Induced Corner Stall

An experimental and numerical study of the transonic flow through a linear compressor

Anton Weber

e-mail: anton.weber@dlr.de

Heinz-Adolf Schreiber cascade with endwalls was conducted. The cascade with a low aspect ratio of 1.34 was
e-mail: heinz-a.schreiber@dir.de tested at an inlet Mach number of 1.09 and a Reynolds number af109 Detailed flow
visualizations on the surfaces and five-hole probe measurements inside the blading and in
Reinhold Fuchs the wake region showed clearly a three-dimensional boundary layer separation on the
blade surface and the sidewall, and a severe corner stall induced by a strong 3-D shock
Wo|fgang Steinert system at blade passage entrance. The experimental data have been used to validate

and improve the 3-D Navier-Stokes code TRACE. Results showed an excellent resolution

German Aerospace Center (DLR), of the complex flow field. Surface pressure distributions on the entire blade surface

Institute of Propulsion Technology, and the endwalls, flow angle and total pressure contours within the blade passage and

51170 Kéln, Germany the wake are compared with the experimental results. An analysis of the secondary flow

of this highly staggered cascade did not show the classical corner vortex. Instead, a
severe flow deviation and partly reverse flow near the walls is seen. The flow solver
helped to identify a weak ring vortex that originates from the passage sidewall. Surface
oil flow pictures on the blade contour and the sidewall are in qualitatively good agree-
ment to numerical surface streaklines. A considerable improvement of the numerical
results could be achieved by a gradual grid refinement, especially in the corner region
and by successive code developmébOl: 10.1115/1.1460913

Introduction for example, analyzed a subsonic cascade with high flow turning
Enormous efforts are devoted to improving the efficiency of g and corner stall. They gave a detailed descyiption_of the secondary
turbine components. One part is to design and employ Custoef%-W field and compared the results to their Navier-Stokes solu-
. o . ns. At very high supersonic inlet Mach numbers, Osborne et al.
tailored blade profiles with minimum losses and controlled blac%:ecently provided test results of a cascade, but for compressor
bc_)u_nd_ary layers. The_second and even more complex part 'Stvs this blade had an atypical favorable pressure gradient.
minimize losses resulting from secondary flows near hub and cas—, yresent work deals with a cascade that is typical for a
ing. Recent three-dimensional blading design concepts, which §pr,qonic compressor blade section with relatively low flow turn-
example apply sweep and dihedral, help to control secondfy, o\ supersonic inflow velocities, but a strong normal shock
flows, to reduce or suppress corner stalls and try to avoid adve($&,e at plade passage entrance. The interaction of this shock
transports of low-momentum fluids inside of the blade ré®&. \qve with the blade boundary layer and the incoming endwall
These complex flows can only be resolved and understood By ndary layer leads to a complex flow field with shock-induced
making use of fully three-dimensional Navier-Stokes flow 30|Ver§eparations on the blade and the corner region.
However, their reliability, and thus the progress of the new designThe work presented here has two main objectives: The first
approach, strongly depends on the ability to predict the flow fielghiective is to analyze and understand the shock induced second-
and the design parameters as accurately as possible, and not galyfiow from both the experiment and the numerical simulation.
to give qualitatively good results. Especially the mass flow ratgne second, but main, objective is to use the detailed experimental
pressure rise, and efficiency strongly depend on the ability ita to validate and improve the numerical algorithm, the type and
simulate the boundary layers on blade and endwalls including 3d@nsity of the computational mesh, and to select suitable turbu-
separations. o _ ) o lence models of our Navier-Stokes solver. Some existing short-
Thus, there is a significant interest in thorough validations @omings of the simulation are discussed, although most details of
the new Navier-Stokes solvers, especially for highly loaded flowge flow structure are clearly revealed.
present in compressor blade rows. Especially for transonic com-
pressors with embedded shock waves and shock-induced separa-
tions, only a few test cases from real compressors are availaliexperimental Setup

however, with limited information on viscous flow regiof&4]. The experiments were performed in the Transonic Cascade

Most of the code validations have been performed with Iowel'runnel of DLR Cologne. It is a closed loop, continuously running

loaded test cases of turbine configurations with accelerated ﬂo“f’é:‘cility with an upper transonic wall and variable test section
Decelerfstl.tedl ?OWS and se;t)aratlon n tlhe. CO[”te.f regions are e‘ﬁ%r?ght The air supply system enables an inlet Mach number range
m%re criuca for an aclcura e nutmerlc;a ‘:‘i'm]flj ation. d from 0.2 to 1.4 and a Mach number independent variation of the
ecause of a simple geometry, steady flow, and easy exp Iéynolds number. For the present tests, in which the influence of
“?e“ta' acce53|p|l|ty cascade tests a”.OW a deqp insight into ¢ fidwall and secondary flow should be dominant, a cascade with
viscous flow regions and provide detailed experimental data foreﬂlarged blade chordc=125 mm, s/c=0.70) and'a relatively
thorough code validation process. Therefore, Kang and HISEh |5 aspect ratio of 1.34 was installed. Figure 1 shows the test

section with four compressor blades fixed between perspex end-

Contributed by the International Gas Turbine Institute and presented at the Intgry) |5 T control inlet and exit flow of the cascade, the exit flow is
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui-, . . . .
siana, June 4-7, 2001. Manuscript received by the IGTI, October 2, 2000. Paper QU.'ded by two tailboards combined with throttles which are

2001-GT-345. Review Chair: R. A. Natole. hinged to the outermost blades. Although there are only four
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Fig. 1 Test section of DLR transonic cascade wind tunnel

blades, an acceptable periodic cascade flow could be established
with suction through the outer bypass channels and a suitable g, 2 Schlieren photo at M ;=1.09, 8,=147.1 deg
throttle setting in the rear.

The blade and cascade geometry corresponds to a cascade, that

has been tested extensively at DLR under 2D- and Q:gl-tgiade center region a shock-induced laminar separation bubble is

Zﬁgds'té?cg dwglrs](? glsaggoanigfr;t i;at;og?ngued;ogneﬁ?gglg\ggp obs_erved between 49 and 69 percent of chord and in the wall
. : ) region a severe corner stall can be seen.
Two center blades were instrumented with static taps to Mean, fow pictures from both, the suction surface and the wall
sure the static pressure distribution in four spanwise sections. F Iovided in Fig. 4, clearly SIiIOW the region of separation, the
thermore, endwall static pressure distributions were recorded fr o !

; o 8httachment linex/c=0.7) in the center part of the blade, and
130 taps along the center blade passage Fig. 3. Within the he area of reverse corner flow close to the sidewalls. A sketch of
blade passage and in the exit planes three and five-hole pro

X . Nnole Proyes cascade and an interpretation of these surface streak lines is
measured pitot- and static pressure and flow angle distributio P

Ren in Fig. 5
The 5-hole probe had a conical head with 2.6 mm in diametet. T -
Additional laser-2-focus(L2F) readings checked inlet and exit The sidewalls do not show the classical crossflow from pressure

planes and confirmed the probe results even inside of the Wt suction side V\_/ith nearwall overturn_ing, but clearly visualize a
regions[10] q_ mendous de_vlatlon around the trailing edge and a separation
: line together with a focus on the rear part of the endwall. This
Test Conditions. The tests were run at an inlet Mach numbegtrong deviation near the endwall in combination with a wall stall
of 1.09, a total pressure of 1.1 bar, giving a blade chord Reynolgéems to be typical for cascades with high stagger angles as it was
number of 1. 10°. The turbulence level of the inlet flow is already shown in a similar, but subsonic test of Stark and Bross
approximately 0.6 percent, the thickness of the incoming sidewéﬂl]; ) ) ) )
boundary layer is 5 mm. Inlet flow conditions were determined Simulated suction surface streak lines are plotted in the right-

from total pressure, sidewall static pressure taps and additioh@nd side of Fig. 4 in comparison to the experimental oil streak
L2F measurements at midspan. lines. This first comparison reveals, that the corner stall in the

simulation is more extended and the footprint of the shock wave is
more bowed in spanwise direction than in the experiment. Further

Description of Test Case ; -vH : .
] ] explanations and other details in relation to the numerical result
At a fixed inlet Mach number of 1.09 the cascade was testedigill be discussed in the forthcoming.

different incidence angles ranging from choked flow condition
(B1=147.0deg) to 2.5 deg higher incidence with higher loading
and stronger boundary layer separation. The test point presented
here was operated with an experimental pressure ratio of 1.4&
condition at which the cascade just choked at an inlet flow anc
of 147.1 deg(see Fig. 6.

Flow Structure. With the corresponding back-pressure ¢
nearly normal shock wave establishes in front of the blade pz
sage, but the back-pressure is high enough to avoid local react
erations to supersonic flows and a second normal shock. Figur
shows a Schlieren picture of the test section. The blade surfe
Mach number distributions together with the integrated midsp:
flow parameters are provided in Fig. 8. The Schlieren picture
reality shows integral values of the density gradients along tl
blade span. Dominant in this picture is the midspan location of ti
quasi normal shock wave ahead of the blade passage, although
shock surface near the windtunnel sidewall boundary layer
slightly bent upstream. The real three-dimensionality of the sho
surface can be estimated from the simulated footprint of th
shock wave which is plotted in the lower part of Fig. 3. This figur
also shows the Mach contours on the sidewall and the blade suc-
tion surface. Fig. 3 Computational grid (50 percent blade span, skip =2),

Due to the high preshock Mach number of 1.4 near the blagfet plane: x/c,=—0.81, outlet plane: x/c.,=1.59, and simu-
surface, the shock is strong enough to induce separations. In kited surface iso-Mach contours at test conditions
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Flow Solver

The flow solver used in the numerical analysis is the 3-D
Navier-Stokes code TRACE developed since 1991 at DLR Co-
logne for steady and unsteady turbomachinery flow simulation
[12-16. The main topics of TRACE are:

» Multi-block solver on general structured grids

» Time integration: Explicit or implicit schemgusing ILU de-
composition

 Spatial discretization: Jameson-type central differences with
eigenvalue damping or Roe-upwind TVD

 Full multigrid method(FMG)—not used here.

» Steady and unsteady multistage capability using either mix-
ing plane approackGiles) or sheared cell technology

e Turbulence models: Baldwin & Lomax, Spalart & Allmaras,
standard and low-Reynoldse (Kato & Launder extensionhigh
and low-Reynoldk-w (extension for compressible flows, Suga,
Craft & Launder approagh

 Transition modeling: Abu-Ghannam/Shaw criterion as an ad-
ditional correlation—not used here.

Computational Approach

In the context of this paper the ability of the code to determine
transition was not applied. All calculations were run by assuming
a fully turbulent steady flow throughout the blade passage. Before
starting the numerical analysis, a high-quality five-block struc-
tured grid has been generated by Yamanijafd and the author.

TE Special emphasis was placed on a high degree of overall grid
orthogonality and to get an ideal wake resolution, shown in Fig. 3.
Fig. 4 Oil streak lines on sidewall  (top) and suction surface In order to achieve the desired inlet flow conditions &d g3, at

(bottom, left ) and TRACE simulation, M ;=1.09, 8, =147.1 deg the inlet reference planex{c,=—0.25), a constant back-
pressure was imposed at the outlet boundary of the computational
domain atx/c,=1.59. Inlet and exit boundaries are treated by
nonreflecting boundary conditions according to Giles and Saxer.

An interesting flow feature in the entrance region of this tran 2 Simulate the inlet turbulence level a mixing length of 1 percent
{ blade chord was imposed at the inlet plane.

sonic flow case can be observed in the leading edge endwall 3 . . . .
é['he first series of calculations were performed on a relatively

ner region. The detached bow shock ahead of the leading ed ; - - . T
interacts with the endwall boundary layer and initiates a 3-D dis- arse grid having 383.823 nodal points overall, using an explicit

turbance with a slight over-expansion at the endwall leading ed ameson cell-centered scheme for time integration and the stan-

corner and a weak oblique shock which both travel under abg rd k- turbulence model with wall functions. For all calcula-
60-65 deg toward the cascade center. The suction surface MH8HS in this mode only the relatively low loaded choked flow

number contours of the NS simulation in Fig. 4, bottom rigmconditions allowed a stable and converged 3-D solution. In gen-

slightly indicate this overexpansion with peak Mach numbers ﬁral, the calcul_ated '055*?5 dominated by _the strong corner stall
the leading edge corner region. were too high in comparison to the experiments. Therefore, the

overall exit pressure level decreased by more than 5 percent—
compared to the experiment—in terms of the static pressure ratio
p,/p;. In subsequent attempts finer grids, different solution
schemes as well as low-Reynolds turbulence models were applied.
Shock wave i A major step regarding stability could be done by using an im-
[ — plicit upwind scheme on the basic grid. In the end, only a much
- finer grid with 707.119 nodal points overaly*=1...3, 49
= points for resolving half of the spantogether with a low-
k “ Reynoldsk-w model and an implicit upwind schem@VD)
yielded exit static pressure levels near experimental ones and
Wall stall = staple as well as converged solutions over the whole working

,,,F»”x" range. All operating points in this mode could be run with a CFL
i number of 100.
Corner stall In contrast to the standatd e model with wall functions, the

k- model used here has extensions to count for pressure dilata-
tion, compressible dissipation, and effects of rotation. It was
found that for highly loaded compressor flows tkav model,
even with wall functions, has advantages over the stankiasd
model. Going from coarse to fine grids ends up with the same
code stability and convergence behavior but less total pressure
losses and higher pressure rise. Furthermore, it was found to be

i\ Expansion Shock induced separation important to have the same fine near-surface grid spacing in the
Y and shock and reattachment corner region, for both the blade and endwall surface.
In Fig. 6 top, the mean static pressure rgtjd p, for a constant
Fig. 5 Interpretation of oil streak lines inlet Mach number is shown as a function of the inlet flow angle
360 / Vol. 124, JULY 2002 Transactions of the ASME
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------ explicit, Jameson, standard k-e, coarse grid 0.05 R
s & LA implicit, upwind-TVD, standard k-¢, coarse grid TRAGE
—{&}— implicit, upwind-TVD, low-Re k-, fine grid ﬁ 0'04:_ ? Ilgiztgtdrzt:ding _
B measurement DLR = [ ]
@ 0.03F .
1.60 o r 1
a i o : ]
S 1550 test 2 002F .
o [ case x ; 1
B 150 & ootk ]
] [ ]
S 145f—— i i .
& O-' el L rardl IPEPRPINS INRPEEY
R S 02 04 06 08 1 12
o Inlet Mach number M,
® 135 y
@ 5 i Fig. 7 Measured and simulated incoming sidewall boundary
1305 g T8 VT 750 layer profiles ahead of the cascade at  x/cCn=—0.25. 3-D-NS
014y simulation: pitchwise averaged, M ;=1.09, B,=147.1deg.
(]
g 3
o & form factor ofH,=1.88. Figure 7 shows the experimental distri-
2 butions of Laser-2-Focus and pitot probe readings in comparison
@% to the numerical simulation at a distance of 25 percent axial chord
ag upstream of the leading edge plane. The pitchwise averaged wall
g boundary layer from the 3-D Navier-Stokes results shows a more
= ample boundary layer profile, i.e. in the simulation there is a
L slightly higher momentum of the incoming wall boundary layer.
0085 47 48 49 150 Nevertheless, all calculations were performed with no sidewall
Inlet flow angle B, boundary layer imposed fa_r upstream at the _computational_in_let
plane &/c,,= —0.84), but this was done to achieve a nearly simi-
Fig. 6 Achieved overall pressure ratio and midspan total pres- lar boundary layer thickness at the station where the wall bound-
sure losses for crucial code development steps, M ;=1.09. ary layer was measured. Imposed at the computational inlet plane

were total pressur@;,, total temperaturel;, a constant inlet
turbulent intensity of 1 percent, and the pitchwise velocity com-

B1. This figure clearly illustrates the achieved static pressure f@@nentvs, which is known via the target values;Mind 3; .
tios of the simulation for three code development steps in relationy;4ch Number Contours.  In Fig. 8 calculated and measured
to the experimental data. The corresponding total pressure Ig35q4e surface Mach numbers are compared in 4 spanwise sections
coefficients at blade midspan are shown in Fig. 6 bottom. In cogt 7 1 167 27.4. and 50 percent span from the sidewall. At the
trast to the static pressure, which is nearly constant over the whelg (¢ Fig. 8 inlet and exit mean values at midspan are listed.
exit plane, the total pressure varies in spanwise direction. This 9§§re, the overall agreement is quite good. Differences occur in the
be seen in Fig. 13, where for test case conditions the numericgliic pressure ratio, where the simulation could not just reach the
results are compared to the experiments, one solution for a co SPerimental value op,/p,=1.45 and the exit flow angl@,
grid and the other for the finest one. The largest discrepancy Qbnere in the experiment a 0.8 deg higher flow turning is mea-
viously exists in the endwall region, where the coarse grid SOldyreq. In the lower part experimenté#ft) and simulatedright)
tion (standardk-e model, explicit schemeshows significant Frofile Mach numbers in 4 cuts are presented. It is clearly shown
higher losses. Due to higher corner losses and correspondifg: from mid-span toward the sidewall the shock front moves
plockage, the coarse gr!d solutions provide lower overall pressyigstream for both, theory and experiment. The theory, however,
rise. It should be mentioned that the ad-hoc use of the presgfifhily overpredicts this upstream movement of the 3-D shock
(up-to-datg experimental windtunnel data for code validationy  face which can be seen in the footprints of the shock in the
gave a tremendous contribution onto the code development. ' |oer part of Fig. 4. On the pressure side there is only little varia-
Using the implicit upwind TVD scheme and the low-Reynoldion, in the isentropic Mach number distribution in spanwise direc-
k- turbulence model for the finest grid, the simulations for aion gue to a local incidence increase when approaching the wal.
operating points, even the near stall cases, were stable. All resulty, the center of Fig. 8, experimental and numerical surface
presented in the forthcoming were obtained applying these lati§schh numbers are compared in a section near the sidewall and at

options of the Navier-Stokes solver. midspan. In general, there is a good agreement for both cuts. Both
show a higher local incidence close to the wall in relation to the
Results midspan section and both have less pressure increase near the

For the test point, already described, with choked flow condY‘-’a”' But as the simulation achieves a lower back-pressure than
tion (M,=1.09 51=’147 1degand an e’xperimental static pres_the experiment, there is a slight difference between the simulated
sure ratio of 1.45, detailed data were collected within the bla d measured |se_ntrop|c Mach number Iev_els in the rear_part_of

fypassage. At midspan, the flow acceleration on the suction side

passage and the exit plane. A second set of detailed data clos .
stall exists forB, = 148.5 deg, but the results, which show simila/S@ds to a so-called preshock overshoogl1.46), whereas in

agreement to the corresponding numerical simulations, are ﬁ%? .experiment. there is a flattening Qf the distribution caused by a
presented hergL0]. In the following sections we will concentrate ‘@minar shock-induced separation with a maximum Mach number

thi ial fi int & = 147.1d d th of only 1.34. The sho_ck-inducedaminab separation e_xtends
ggperlismsgnetgladgtgetrg tlﬂg gﬁ'r?] eﬁtéal analysigg and compare e om 49-69 percent with a turbulent reattachment indicated by

vertical dotted lines. In contrast to that the numerical turbulent
Inlet Flow. The incoming sidewall boundary layer upstreansimulation found a short turbulent separation bubble from 50-54
of the cascade was measured to have a thickness of 5 mm amkecent of chord. An additional experiment outside of this project,
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Fig. 8 Isentropic profile Mach number distribution in 4 span-
wise cuts. Top: averaged data at midspan; center: near-wall
and midspan distributions; bottom: spanwise development in

experiment and 3-D simulation.

e : - midspan
turbulent ahead of shock impingement, showed less upstream ir\\ \ &1 P
fluence underneath the shock, and thus a slightly higher preshock ] o
Mach number similar to the presented numerical result. Improveid- 9 Isentropic Mach number. Top: distribution near SS and

ments in calculating the present laminar shock induced separat@]tzirdi‘i’éi't'_/‘;C)’(rggrrimgz'tglsingr?gjrsi” ffgﬁqsss‘f&ivszﬁ ':r‘g;%’:: );
are achieved by assuming a laminar profile boundary layer t%bs; bottom: 3-D simulation at midspan and sidewal.

gether with a transition model, a first result of which is presente
by Kugeler et al[15].

In the experiment the sidewall of one blade passage Weiaﬁs

equipped with 130 static pressure taps, as can be seen at the ¢ %ge of the cascade a large separation in the suction side corner
of Fig. 9 left. At right, the measured isentropic Mach numbef!l" @ symmetrical quarter-circle-like shape can be seen in the
contours are plotted. The experiment shows a nearly normal shepynerical analysis. Utnl'lfje ('jn tlhe e>t(r[])er|m|e|r!t th.? :;)W totg_l prﬁs-
which meets the suction surface at 40 percent of chord. In contrg§t€ Z0N€ IS more exiended along the wall In pitchwise direction -
to that, the numerical analysibottom, right shows a curved toward the pressure side and less extended in spanwise direction;

shock front with more upstream influence near the blade surfak&:: there is a more triangularlike shape, measured also by Stark
In the trailing edge region again the theoretical Mach numb d Brosq11]. In both passage traverses the spatial extension of

level is slightly higher—compare, for example,M0.94 at the '€ reverse flow region is marked with a dotted line in the simu-

sidewall. At midspan, the simulated iso-Mach lines can be seeprlq?tf'on. The thickness of the calculated suction side boundary layer

bottom, left. The shock front is shifted more downstream in conftocl€ases slightly f“’”ﬁ midspan tovv_ard the_region about 2.0 per-
parison to the sidewall, especially near the shock impingemefint fromc}hs waI_I._Thll's rﬁglc:(nlof mlrlumal VISCoUs '|:QSSQS IS ac-
point at the suction surface and the shock front is strongly bowedMPanie h'yh mr:nlma_ S ﬂc kosséb ue arer?sdl? 9. dDO ad b

At the top of Fig. 9 the wall Mach number distribution along twd€9/0n In which the main shock wave is pushed forward and be-
near-blade cutgfull symbols at center, leftis shown and the comes oblique due to the interaction with the endwall boundary
corresponding numerical results are interpolated into the expéﬂyer' Bolth effects, Ifusjsh ihé);k Iossels and even n;okr)e ctl]early, less
mental pressure tap locations. In the simulation, again, the ne§cous losses arourzlh=0.2 are also recognized by the pitot

wall shock position is slightly shifted more upstream with IowePrObe measurements. .
preshock Mach numbers in comparison to the experiment. Downstream of the trailing edge plane, both theory and experi-
ment show a similar mixing behavior of blade wake. Due to a

S; Traverses. Figure 10 shows total pressure contours fronremendous deviation in the near-wall region, the wake center line
two S; traverse planesxEconstant) inside of the cascade ats curved and shifted toward the pressure side. However, as the
x/cx=0.71 and 0.86 and one plane in the wake regiom/at, corner stall was more pronounced in the simulation, the region of
=1.43, which is identical to the denoted cascade exit plane IBw total pressure is still more concentrated in this area.
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PPy o5 06 07 0B 09 10

Simulation Expeariment Simulation Expenment

Fig. 10 Development of total pressure in streamwise direction Fig. 11 Development of secondary velocity in streamwise di-
and extension of reverse flow region (dotted line ), left 3-D  rection, right-hand side: five-hole probe experiment
simulation, right experiment  (Pitot probe )

In the same axial positions calculated and measured secondagss transport toward the blade center, indicated by higher values
flow charts are shown in Fig. 11. Neither inside of the cascade riar the y-distribution atz/h=0.149. At the wall-nearest cut at
in the wake traverse can a classical passage vortex patternziie=0.071, the flow angle determinations of the numerical simu-
detected. The dominant secondary flow inside of the blading takasion, both3 and y, are doubtful, because this cut is located just
a direction away from the suction side corner; i.e., mass is trangear the center of the corner stall and in a region of partly reverse
ported mainly toward midspan. In the exit traverse plane there ggw, where the data analysis fails. This uncertainty is true also for
two dominant secondary flow directions. Globally, the mixing ofhe flow angle measurements within this reverse flow region.
the low-momentum blade wake forces the mean flow to fill up thgso, the near suction surface five-hole probe measurements of

blade wake, and especially the former suction side corner regigRe B-angle are imperfect and had to be corrected.
Therefore, there is a mass transport toward the sidewall, but in the

direct vicinity of the sidewall the secondary flow is directed in Spanwise Flow Quantities. Figure 13 shows spanwise distri-
bladewise direction from suction to pressure side which is just thetions for conservatively averaged total pressures and flow
opposite direction of a classical passage vortex. This phenomeranylesg at the exit plane at/c,,= 1.43. This was done by mixing
was already analyzed experimentally by Stark and Bfa&kfor out pitchwise variations in flow properties via solving the conser-
highly staggered compressor cascades. The comparison thegition equations for mass, momentum, and energy for both theory
versus experiment shows an overall similar flow pattern, but thgd experiment. The total pressure has a slight minimum around
magnitude of the secondary velocity vectors is at least 20 percexit-25 percent of span before it increases toward the (sak
higher in the numerical simulation. again center of Fig. 20 Approaching the sidewall, the exit flow

Intrablade Spanwise Sections. For a quantitative compari- angle shows a continuous increase of deviation up to more than 15

son of local experimental and simulated flow data Fig. 12 showd§9- As already mentioned before, a comparable result was ob-
series of plots with total pressure, pitchwise and spanwise fid@ned by Stark and Bro$41], who measured a similar flow angle
angle distributions(8 and ) along z=constant cuts in the rear distribution also behind a highly staggered compressor cascade.

part of the blade passage/¢,=0.86). For the total pressureThe classical overturning near the cascade endwalls, t_hat n_ormally
both Pitot and five-hole probe readings are compared with tfesults from crossflow emerging from pressure to suction side and
numerical analysis. At midspan position and 29.8 percent spHlf corresponding passage vortex, obviously exists only with
away from the wall, the 3-D simulation and the experimental dag®@mpressor cascades of low stagger angle and higher overall flow
agree quite well. Significant differences are observedz/at —turning, which can be seen for example in Kang and Hif§ghin
=0.149 in the total pressure distributions and the spanwise fldtie present highly staggered cascade, the boundary layer separa-
angle distributionsy. This is due to the fact that in the numericalion on the sidewall effectively suppresses the cross flow and the
analysis this cut is placed already within the corner stall regionprresponding local overturning. Both the oil flow traces on the
whereas in the experiment this cut is just aside. Because of msidewall in Fig. 4 and their interpretation in Fig. 5 show this line
corner blockage in the simulation there is also more spanwiséwall separation diagonally in the rear part of the passage.
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Fig. 12 Pitchwise distribution of total pressure and flow angles B and y inside the blade passage

(x/c=0.86) at four spanwise positions. 3-D-simulation compared to experimental data from 5 hole
probe (hollow ) and extra Pitot readings (solid symbols ).

Structure of Corner Stall

The typical horseshoe vortex that normally forms around the
blade leading edge is practically not visible and seems to have no
significant influence on the endwall- and global passage flow. TT
flow ahead of the leading edge is just primarily influenced by tr
interaction of the detached bow shock with the incoming endwe

0G T T T

0.5¢ — TRACE: fina ]
o Experiment
AR TRACE: coarse

Total pressure loss
coefficient w
=]
el
o

Flow angle [,
5
T

IEI 0.1 0.2 L'.II.'.i Df4 0.5
Relative span z/h

Fig. 13 Spanwise distributions in exit plane at X/ Co=1.43,
pitchwise averaged. Coarse grid: standard  k-& model with wall
functions; fine grid: low Reynolds k- model. Fig. 14 Simulated surface streak lines on blade and sidewall
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the hub region of the NASA rotor 37. In the present experiments
the ring-like vortex is shifted upstream when the back-pressure is
increased and with lower back pressure it seems that the outer
branch of the vortex away from the wall points
downstream.

In contrast to the present Navier-Stokes simulatiege Fig. 4,
bottom righ}, in the experiment shown here the outer branch of
the vortex does not meet the profile trailing ed§ég. 4, bottom
left), but probably drifts toward the wake region. Basically, how-
ever, the topology of this shock-induced corner stall is well pre-
dicted and very similar to the topology already suggested by
Schulz et al[19]. The sketch in the lower part of Fig. 15 right
again illustrates the limiting stream surface above the separation
zone and the ring vortex that originates from the wall. On the
left-hand side of this figure, the extension of the reverse flow
region of the present test case is demonstrated by the calculated
stream-surface witli=0.

Conclusions

— A detailed experimental and numerical study on shock-induced
y corner and wall stall in a linear compressor cascade has been
presented. The Navier-Stokes simulation provided an excellent

S resolution of the flow field, showing up many details like surface

Limiting ral < streaklines, shock-induced separation and the vortex structure
stream surface | f:__fj & within the corner region. Simulation and experiment both showed
S clearly that with this highly staggered cascade there is no cross-

P = flow on the sidewall from pressure to suction side and no corre-

sponding overturning near the wall. Thus, no classical passage
vortex exists, but instead a weak ring vortex originates from a

Ring vortex g separation region on the rear part of the sidewall.
During the code validation process, the numerical results of the
Fig. 15 Simulated near-wall streamlines on suction surface Navier-Stokes solver were improved by:

and sidewall—bottom left: calculated structure of reverse flow ) . . . )
« grid refinements especially in the corner regions,

« applying a low-Reynold&-w turbulence model,

o . ) * introducing an implicit upwind schem@VD)
boundary layer, the effect of which is hardly visible as a slight
disturbance on the wall and suction surface oil traces in Fig. Although the results were improved considerably, the simulation
The rear part of the blade passage, however, is dominated by $ti# slightly overpredicts the extension of the corner stall and the
corner stall and associated wall stall. The experimental Oil stregsulting blockage effect. Because of that, the simulation achieved
lines on sidewall and suction surface in Fig. 4 clearly show tHess static pressure rise than the experiment. Further improve-
reverse flow regions and the stall line on the wall. The numericelents are expected by considering laminar flow on the blade front
Navier-Stokes simulation of surface flow traces shown in Fig. 1and transition in the shock interaction region.
provides very similar results. Experiment and simulation both vi- Overall, the work presented above demonstrated the fruitful
sualize the endwall separation line that rolls up into a focus afferplay between computational and experimental fluid mechan-
the reverse flow around the trailing edge. On the suction surfaées. In this context, the present Navier-Stokes solver was im-
especially in the corner region, the streaklines are somewhat difoved and validated especially for flows in compressors with
ferent. Again, the stall region in the simulation is a bit more exétrong decelerations and complex corner separations.

tended and shows a small focus at the trailing edge which is nOtRemarks. A collection of selected data of this test case is

visible in the experimentFig. 4, botton. : . . .
For a better and complete understanding of the complex ﬂCFY!L(:‘.g:’Irfgt?dhtl'?pilmtdrﬁ%ﬁtg:]i\//t\gegb9€7" ﬁgmﬁﬂo] and available via

pattern, especially away from the surface and inside the separation
region, solely flow visualizations of the surface streak lines are
not sufficient. Probes and even laser anemometers are in msknowledgments

cases unsuitable tools to study the complex stall regions and VOrThis work was partially supported by Arbeitsgemeinschaft
tex structures. A thoroug_h analy5|s of the three'd'mens'onall%chtemperatur-Gasturbir(e\G Turbo), Bundesministerium “u
simulated flow field can fill this gap. Therefore, particle tracegyirtschaft  und Technologie, BMWi, Fderkennzeichen
were generated from the numerical solutions which started at $§8>7040B5. ' '

entrance region of the cascade. For an optimal visualization of the
vortex topology it was necessary to start the sidewall traces |
inside the boundary layer and the blade surface traces just outsi
of the shear layer. Within the corner stall region the corresponding AVDR = axial velocity density ratio:
traces from both sides roll up to a vortex shown in the upper part AVDR = (p,u,)/(pquq)

menclature

of Fig. 15. One end of this vortex originates from the sidewall and ¢ = chord length
the outer leg just hits the trailing edge. In further experiments and h = blade height
numerical simulations, however, we observed that the detailed M = Mach no.
structure of this vortex strongly depends on the operating condi- p = pressure

tion and especially on the back pressure, as was also discussed in Re = Reynolds no.
a similar work of Hah and Loellbadi 8], who analyzed a corner s = blade spacing
stall in a compressor stator hub region and a similar corner stall in u,v,w = cartesian velocity components
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X,y,Z = cartesian coordinatgs: axially, y: pitchwise,z
spanwisg

B = pitchwise flow angle;B=atan@/u)+90 deg
v = spanwise flow angle/=atanv/u)
p = density
w = total pressure loss coefficienti= (py1— pi)/ (P11
—Pp1)
Subscripts

1 = inlet plane upstream of leading edgéc,,= —0.25

2 = exit plane downstream of trailing edge'c,,=1.43
ax = axially

is = isentropic entity
LE = leading edge

t = total

TE = trailing edge
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An Experimental and Numerical
Investigation Into the
wachimmarz | Mlechanisms of Rotating

Mem. ASME

STN Atlas Elektronik GmbH, I nsta h i I itv

Bremen 28305, Germany

Chunill Hah This paper reports on an experimental and numerical investigation aimed at understand-

Fellow ASME ing the mechanisms of rotating instabilities in a low speed axial flow compressor. The

NASA Glenn Research Center, phenomena of rotating instabilities in the current compressor were first identified with an
Cleveland, OH 44135 experimental study. Then, an unsteady numerical method was applied to confirm the
e-mail: chunhill.hah@grc.nasa.gov phenomena and to interrogate the physical mechanisms behind them. The experimental
. study was conducted with high-resolution pressure measurements at different clearances,

Wolfgang Neise employing a double phase-averaging technique. The numerical investigation was per-
Mem. ASME formed with an unsteady 3-D Navier-Stokes method that solves for the entire blade row.

DLR, Institute of Propulsion The current study reveals that a vortex structure forms near the leading edge plane. This

Technology, vortex is the result of interactions among the classical tip-clearance flow, axially reversed

Berlin, Germany endwall flow, and the incoming flow. The vortex travels from the suction side to the

pressure side of the passage at roughly half of the rotor speed. The formation and move-
ment of this vortex seem to be the main causes of unsteadiness when rotating instability
develops. Due to the nature of this vortex, the classical tip clearance flow does not spill
over into the following blade passage. This behavior of the tip clearance flow is why the
compressor operates in a stable mode even with the rotating instability, unlike traditional
rotating stall phenomeng.DOI: 10.1115/1.1460915

Introduction rig is a low-speed single-stage fan with outlet guide vanes. Its

- e . . design parameters are given in Table 1. The tip clearance can be
Rotan?g |r_13|tab|I|ty sa phenomeréon_that o%(i‘urs in the tip ﬂow%ried by exchanging casing segments with the impeller diameter
region of axial compressor stages during stable operation. It c - L . .

. e - maining constant. Fan characteristics at different tip clearances
be obse(;yed in highly stﬁg%elreddrotors Wlth S|gn|f|ca;]nt tlphclear- showgn in Fig. 2. Characteristics were recorded bypclosing and
ance and is strongest at high-load operating points where the c aég) : L e S
acteristic levels off. rbe;igl:g the throttle and thus exhibit hysteresis in the stalled

In this condition, the single-stage fan under investigation _raarl- An éccess window incorporating 40 piezo-resistive pressure
ates an audible, Wh'.s“mg tone, and Wa” pressure spectra in theensors was installed. The sensors were spaced as closely as pos-
vicinity of the rotor disk exhibit nonrotational components. Thes

- ~Sible to provide adequate resolution of the pressure field in the
form a characteristic hump at roughly half of the blade passing . . X
frequency(BPP), as can be seen in Fig. 1. région of interest. Transducers needed to be staggered to achieve

h . . axial resolution of 1.33 mitsee Fig. 3. In addition, a pressure
Previous work on the axial fan test stand at DLR Berlin focusegngnsor was installed on the blade tip suction side at 36% chord

on the effects of varying tip clearance and blade number on rOtzaid 3 mm inwards from the blade tip

:23 Lgsttﬁg”r% d(;;rg?r;fr%rtzgtrllal gﬂ?fearﬂigs:ngis tﬁg:f?;gﬁi ?:Ia_Frequency response of the amplifier/transducer/tap combination
; 9 s -Was verified and found to be within 3 dB up to 17 kHz bandwidth
tive to the blade row at a fraction of the shaft speed, not unlike

. . . . with a linear phase relationship. To correct for transducer drift, the
rotating stall cells but with higher mode ordefKameier and - . '
Neise[1], Liu et al.[2], Marz et al.[3]). dc component of the signals was corrected against a row of 20

Spectra similar to those seen in Fig. 1 were encountered\s}%at'c pressure taps. These were periodically sampled with a scani-

. . : ) Iv ring m rements. Tri r pul for ensemble averag-
pressure measurements in the first stage of an axial multistage e during measurements gger pulses for ensemble averag

.~ g were derived from a shaft encoder.
(t:)(r)?tigrnessse?(réisasd rzpotrkt]tiesd :gnﬁﬁfa?ggglnggffg':é:ju:(;utrgl t\i/1|e . I_Together with rotor position/operating point signals, 48 chan-
y Rels were acquired at 51.2 kSamples/s. At a suitably chosen rotor
evance of the phenomenon.

The effect could also be reproduced in the third stage of tﬁéi%% ?;XZiSIG (zmtl:?r'cilmsfefgmig;e rraetssdsesug:n;nI:s rese?lug:ggeof
low-speed research compressor at TU Dresden after enlarging P P P

)
stage’s tip clearance sufficient{iMuller and Mailach[5]). E)assage.

Data acquisition was performed using a VXI front-end, sam-
] pling 60 seconds of time data at 16-bit resolution onto throughput
Experimental Study disks. The resulting 590 megabytes per operating point configu-

- . . . ration could be stored on one CDROM each.
Test Facility and Instrumentation. The present investiga-

tion was performed on the axial fan test stand of DLR Berlin. This Measured Flow Characteristics of Rotating Instability.

The current compressor was investigated extensively to identify
Contributed by the International Gas Turbine Institute and presented at the Intgsitating instability along the fan operating lines with four different

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Louj . : A
siana, June 4-7, 2001. Manuscript received by the IGTI, February 12, 2001; revisaegarance gaps. The rotating InStablllty was most clearly observed

Manuscript received November 7, 2001. Paper No. 2001-GT-536. Review Chair: RE&T the maximum fan loading at the two largest tip gaps of 2.8
A. Natole. and 5.6% of tip axial chord. In the following sections, overall
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Fig. 1 Wall pressure spectrum with rotating instability compo-

nents n=1400/min, BPF =560 Hz
Table 1 Axial fan test stand
rotor blade # 24
stator blade # 17
stator airfoil flat circular arc
rotor diameter 452.4 mm
tip clearance 0.3,0.6,1.2 0r 2.4 mm
(£=0.7,1.4,2.38,5.6
percent of tip chord)
design point 3000/min, ¢=0.230
hub-to-tip ratio 0.62
tip stagger angle 27°
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Fig. 2 Fan characteristics at different tip clearances
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Fig. 3 Position and layout of the access window

obtained by mapping pressure time histories onto the rotor cir-
cumference. This “pseudo-spatial correlation” is done under the
assumption that the pressure field is steady in the relative frame.

Unsteadiness in the relative frame will result in an aliasing
phenomenon. The spatial correlation between neighboring scan
lines breaks up when the relative frame pressure field is unsteady
on a time scale comparable to 1/BPF. Thus, once the flow be-
comes unsteady in the relative frame, this technique will only
show a convolution of the unsteady pressure field with the blade
passing frequency.

Figure 4 shows time-lapse plots for four different tip clear-
ances, with operating points suitably chosen to show rotating in-
stability in the latter two cases. Steady flow dominates the endwall
region in the cases with tip clearances &£0.7 and 1.4%. In
addition to the potential flow field, the roll-up and trajectory of the
tip clearance vortex can clearly be seen. Some disturbances are
introduced by the blade wake and in the area between the blade
and the departing tip clearance vortex.

At tip clearances off=2.8 and 5.6%, highly unsteady flow
takes over. The potential flow field varies in its intensity from
blade to blade. While, for the aforementioned reasons, these struc-
tures cannot be interpreted as an instantaneous spatial pattern, the
presence of a rather localized low-pressure spot can be noticed at
seemingly random positions in the rotor entry plane. Instanta-
neous pressure values at the spot’s location go dowiCjo
=-3.

Ensemble Averaging. Ensemble averaging overcomes the
aliasing problem by eliminating any non-rotational components in
the pressure signals. The ensemble-averaged contour plots look
very similar to the steady flow patterns at smaller tip clearance,

observations will be presented first. More detailed flow featurd¥it detail is reduced considerably. In Fig. 5, a blade-to-blade av-
for the 2.8% tip clearance case near maximum loading will théi{2g€ is taken over 150 samplings of one blade passage using a
be shown, since this case was also analyzed numerically to stdtigger signal from the shaft encoder.

the flow mechanisms.

Pseudo-Spatial Correlation. A line of sensors located acrossthe standard deviation can be plotted as a measure of the “local

the rotor disk and sampled simultaneously delivers instantaned{i$teadiness” in the passage. Standard deviation is computed
scan lines of the wall pressure field. The rotor’s motion results figre as

a sweep across subsequent passages. Thus, with a sufficient sam- ) \/:2
pling rate, a highly resolved picture of the pressure field can be Prms= V(Pij — ij)

368 / Vol. 124, JULY 2002

Standard Deviation. As a by-product of ensemble averaging,
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Fig. 4 Time-lapse plots of casing wall pressure at different tip clearances

with the instantaneous pressure valug gnd the ensemble- (&) for all locations in the blade passagxial and circumfer-

averaged pressurg; at location (,j) within the passage. While entia),
not an immediate physical quantity, it maps the locus of unsteadi-(b) for all phase bins within one period of the blade pressure
ness in the passage. signal.

Unfortunately, a= 0.5 sample uncertainty in acquiring the trig-
ger pulse lets steep gradients in the pressure field appear as flud-he wall pressure signals are only correlated to the blade sensor
tuations. High values op/,,; underneath the airfoil/tip gap posi- signal when the instrumented blade passes underneath the access
tion as shown in Fig. 5 must be attributed to this effect. window. These “position coincidences” are collected, evaluated

It can be seen that there is a high fluctuation content in the entry phase, and then re-sorted into phase t8ee Fig. 7. Thus, the
plane of the rotor. In particular, maximum fluctuation amplitudeouble phase averaging now consists of averaging stripes of equal
can be found just ahead of the blade leading edge, stretchingpttase and circumferential position, i.e. belonging to the same
the neighboring blade’s suction side. “pin.” In this way, 60 s of data were split into “position coinci-

At the near maximum loading conditions with the two largejences,” assigned a phase value, and averaged, yielding about 70

cleara_nces_ _showr_1 in Fig. 41 th_e phenomena of rotating instabilg)&erages per 10 deg phase bin. This procedure is based on two
were identified with the whistling tone from the compressor angssumptions:
e

also through pressure spectra. For the current study, the third cas

with the nominal tip gap of 2.8% at the flow coefficient of 0.18 is (a) The observed phenomenon must not have a circumferential
investigated in detail. The measurements correspond to the uppesference; i.e., it must rotate freely in the rotor and must not be
branch of the characteristic in Fig. 2. bound to some upstream disturbance such as stators or other inlet

Double Phase Averaging. To gain a closer physical under-distortions. _
standing of the mechanism of this unsteadiness, it would be nec{P) The observed phenomenon is correlated over some extent
essary to “de-convolute” the pressure time traces and “tran$? the circumferential direction, at least over the width of the data
form” them into the relative frame in order to see the unsteadyindow being averaged.

process as does an observer in the relative frame. . . . .
After more closely examining the blade sensor signal in the Figure 8 shows pressure contours in the relative frame during

presence of rotating instability, a double phase averaging alfﬁ_e period of rotating instability. Apart from substantial fluctua-

rithm was developed allowing display of the rotating instability'°"S in the potential flow field, the m_ost prominent feature_is a
cycle as an animation virtually in the relative frame. ow-pressure spot that travels continuously from the middle

It turns out that the blade sensor signal has a strong periodi@de’s suction side to the following blade’s pressure side. This
content(see Fig. 6. Such a period can be regarded as one “cyclelow-pressure spot is interpreted as the footprint of a radial vortex.

of rotating instability. It is created much like a starting/unstarting vortex from the airfoil,
To assemble an animation of this cycle, pressure samples muisvels across the blade passage, and interacts with the following

be collected blade, giving rise to a new “starting vortex.” However, in order to
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Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



Ensemble averages

£=0.7%, ©=0.160

{=1.4%, ©=0.170

{=2.8%, ®=0.180

£=5.6%, $=0.210

-

C.: -045 -020 005 020

Fig. 5 Ensemble averages and standard deviation plots for

varying tip clearance and selected operating points

Standard deviaticn

C.h 0oe 007 014 021

Sy M\w it
"-__800_1: il (1 | "

Fig. 6 Time history of blade pressure signal

fully understand this unsteady endwall flow, knowledge of flo
quantities in the deeper layers of the endwall flow would b¥

required.

Numerical Study

The experimental study presented in the previous section pf
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Fig. 7 Sorting algorithm for double phase averaging

nisms behind the unsteady phenomena could be adequately ex-
plained. The rotor with a tip gap of 2.8% and a flow coefficient of
0.18 was numerically analyzed.

Numerical Method. A three-dimensional steady Navier-
Stokes code that has been successfully tested for a wide range of
turbomachinery flowgHah[6,7]) was modified to execute a time-
accurate simulation of the full annulus of the compressor. The
downstream stator was not included in the numerical analysis
since the measurements showed that the influence of the stator on
the rotating instability was negligible. At each time step, the gov-
erning equations are solved with an implicit relaxation method
using a fully conservative control volume approach. Previous
studies(Cho et al[8], Hah et al[9]) have shown that high-order
discretization schemes are necessary in both space and time to
avoid excessive numerical dissipation. A third-order accurate in-
terpolation scheme is used for the spatial discretization of the
convection terms, and central differencing is used for the diffusion
terms. The method is of second-order spatial accuracy with
smoothly varying grids. For the time-dependent terms, an implicit
second-order scheme is used. For unsteady flow calculations, the
size of the time step is primarily determined by the requirement
for physical accuracy. However, the time step is also restricted by
numerical stability. For the current implicit time integration ap-
proach, a subiteration is performed at each time step. Residuals of
each finite difference equation are integrated over the entire flow
domain at each sub-iteration. When the integrated residuals of all
the equations are reduced by four orders of magnitude from their
initial values during the subiteration, the solution is advanced to
the next time step. A modified two-equation model is used to
V@stimate Reynolds stresses. The turbulence model applies either a
all function or a low-Reynolds-number correction near the wall
depending on the flow and grid resolution near the wall.

At the inlet of the computational domain, the total pressure,
total temperature, and two velocity components are specified.
Since no unsteady measurements of static pressure or other flow
variables were available downstream of the rotor, circumferen-
@IIy averaged static pressure was specified on the shroud at the

vides evidence of rotating instabilities and a description of trutlet of the computational domain. Nonreflective procedures are
unsteady behavior through measurements and analysis of casigd at the exit to minimize the influence of upstream effects.
and blade tip pressures. A numerical investigation was performedrther details of the computational procedures for the unsteady
to examine detailed flow structures so that the physical mectiw analysis are given by Hah et 48, 10].
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rotating instability
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The rotor consists of 24 blades. To minimize the computation
resources required, a coarse grid consisting of 40 nodes in -
blade-to-blade direction, 36 nodes in the spanwise direction, a
102 nodes in the streamwise direction was used for each ble
passage in the unsteady full-annulus simulation. Four spanw==
grid nodes describe the tip clearance. The grid contains a total

3.5 million nodes.

Because the total number of grid points was restricted =
achieve a practical computational turn-around time, the grid w.
clustered near the tip region. The current grid resolves the me
flow feature, namely the interaction between the tip clearance flc
and the incoming flow in a low-speed regime, reasonably we
The calculation was executed on a CRAY C-90 computer, requ—
ing roughly ten single-CPU hours to advance the time-accuré=
solution by one blade pitch revolution on the current computa-

tional grid.

Journal of Turbomachinery
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Fig. 9 Calculated time history of blade pressure

Calculated Characteristics of Rotating Instability. To ob-
tain an initial flow field for the unsteady full-annulus calculation,

a steady single-passage calculation was first performed. However,
the steady calculation does not provide converged solutions below
a flow coefficient of 0.2. Therefore, the steady single-passage so-
lution at a flow coefficient of 0.2 was used as an initial solution
for the unsteady full-annulus calculation. The rotor exit pressure
at the casing was then gradually raised by an increment of 0.001
psi to obtain a flow rate of 0.18.

The unsteady full-annulus calculated flow field becomes un-
steady at mass flow rates below 0.2. The unsteadiness is mainly
due to unsteady movement of the tip clearance vortex, which is
amplified by an increase in the tip gap. Unsteady wandering of the
tip clearance vortex for relatively large tip gaps was also observed
by Zierke et al[11].

At the flow rate of 0.18, a rotating instability was observed in
the numerical solution. After about two rotor revolutions, an al-
most periodic unsteady solution was observed. The fan character-
istics in Fig. 2 show hysteretic behavior for the two largest tip
clearances. Computations were performed for operating condi-
tions from choke to stall and compared with measurements at the
same conditions. Figure 9 shows calculated static pressure varia-
tion at a location on the rotor suction surface 36% axial chord
downstream of the leading edge and 3 mm inboard of the blade

Fig. 10 Calculated standard deviation of pressure on casing

JULY 2002, Vol. 124 / 371
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Fig. 11 Calculated instantaneous pressure field during one

instability cycle Fig. 12 Calculated instantaneous velocity vectors during one
instability cycle

tip. The almost periodic variation in static pressure indicates the
instability cycle. The measured pressure signal shown in Fig.déstribution on the casing at three instants during one instability
exhibits very similar behavior with more complex variation duringycle. As seen in the measureme(fgy. 8), the calculation also
each cycle. shows a region of low static pressure moving from the suction
Figure 10 shows the calculated distribution of the standard d&ide of the passage to the pressure side at roughly half the rotor
viation of static pressure on the casing. The standard deviatispeed.
was calculated from instantaneous flow solutions during one in-To investigate the mechanism behind this observation, the cal-
stability cycle. Passage-to-passage variations of the standard ddated flow field was examined further. Figure 12 shows instan-
viation were negligible in the numerical solution. The peak valugneous velocity fields at the rotor tip at three instants during the
of the calculated standard deviation is located further away froimstability cycle. Axially reversed flow extending over the entire
the pressure side of the blade and further upstream than that of ¢tireumferential direction is observed near the trailing edge. Cal-
measurements in Fig. 5. This difference may be due to the retafated instantaneous streamlines are shown in Fig. 13. Both Figs.
tively coarse computational grid and/or inadequacy of the cut2 and 13 show a vortex in the middle of the blade passage mov-
rently applied turbulence model. ing from the suction side of the passage to the pressure side at
Figure 11 shows the calculated instantaneous static pressuoeghly half the rotor speed. The strength of the vortex varies
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blades and moves toward the pressure side of the passage. Un-
steady behavior of this vortex structure is the main mechanism of
the rotating instability.

The calculated static pressure history near the blade tip in Fig.
9 shows periodic behavior. This is due to the movement of the
rotating instability vortex shown in Fig. 14. The current numerical
solution does not show clear periodic variation of flow properties
across blade passages, as suggested by Mailach [@@24l.In-
stead, the flow structure varies among blade passages in a rather
random fashion. The number of instability cells can be determined
either by circumferential mode analy$id, or from frequencies in
the relative and absolute framé&shown in Figs. 9 and 1, respec-
tively) which was kindly suggested to the authors by Srhit8i.

For the current operating condition, both methods indicate that
there are about 30-35 cells, which is more than the number re-
ported by Mailach et al.12] for a different compressor. It seems
that the number of instability cells depends on the specific design
of the rotor and its operating condition.

Figure 15 shows a close-up of calculated velocity vectors inside
the tip clearance near the rotating instability vortex and the blade
leading edge. Previous studi€dmith[14], Koch[15]) have indi-
cated that instability arises when the tip clearance flow spills into
the adjacent blade passage from the pressure side at the leading
edge. The results in Fig. 15 show that the tip clearance flow does
not spill into the next blade passage at the leading edge. Instead,
the flow follows the pressure side of the leading edge. The flow
structure seen in Fig. 15 seems to be the reason why the compres-
sor operates in a very stable mode even with the rotating
instability.

Concluding Remarks

Summary. Experimental and numerical studies were con-
ducted to understand the mechanisms of a rotating instability
observed in a compressor operating near stall with a large tip
clearance.

To detect the rotating instability, unsteady pressures were mea-
sured with high-resolution pressure transducers on the casing and
near the blade tip. Ensemble-averaged plots of the casing pres-
sures and their deviations suggest that the flow field becomes
unsteady with large tip clearances. The measured data indicate
that an intermittent low-pressure region traverses the blade pas-
sage near the tip. Therefore, two distinct trajectories of tip clear-
ance flow exist near the casing: one that leaves the passage, and
the other that impacts the following blade’s pressure side.

A three-dimensional unsteady calculation was performed for
the full annulus of the rotor to examine the nature of this flow
structure and the rotating instability. The unsteady calculation cap-
tures the measured flow features well enough to explain the un-
derlying physics of the flow field. With a large tip clearance, the
blockage becomes very large near the casing, and axially reversed
flow develops over the entire circumferential direction with a de-

Fig. 13 Calculated instantaneous streamlines during one crease in the flow rate. The tip clearance flow coming directly
instability cycle over the blade tip is pushed further upstream by the reversed
endwall flow.

What We Learned. The present study shows that the tip
clearance flow does not spill into the next blade passage when a
between different passages at different times. As this vorteatating instability occurs; instead, the incoming flow follows the
moves in the tangential direction, the local pressure field algpessure side of the leading edge. Consequently, the tip clearance
changes due to the change in blockage. flow, the axially reversed flow near the casing, and the incoming
Athree dimensional view of the vortex is shown in Fig. 14 wittflow interact near the leading edge and form a distinctive vortex
particle traces in an instantaneous three-dimensional flow fiektructure. This vortex structure moves from the suction side of the
This vortex, denoted as the rotating instability vortex in Fig. 14gassage to the pressure side at roughly half of the rotor speed. The
seems to be different from the classical tip clearance vortex. Flomrtex formation in the middle of the passage and its relative
near the trailing edge is pushed forward by the axially revers@itchwise movement are the main mechanisms of the rotating in-
flow seen in Fig. 12. It then interacts with the tip clearance flostability. The compressor operates in a very stable mode even
and the incoming flow and results in the rotating instability vorwhen rotating instability is observed. This is because the tip clear-
tex. This vortex is formed periodically mid-way between thance flow does not spill over into the following blade passage. If
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Tip Clearance Rotating Instability Nomenclature

Vnnﬂx\\ e Vortex n = rotor speed1/min)

BPF = blade passing frequency
¢ = flow rate

= ¢ = pressure coefficient
| - { = tip clearance, nondimensionalized by tip chord
1 Cp = static pressure coefficient, nondimensionalized by

dynamic head of rotor tip speed
| Cp = static pressure fluctuation coefficient, nondimension-
alized by tip stagnation pressure
pn = ensemble average of static pressure
Pims = Standard deviation of pressure
i index in axial direction
index in circumferential direction

b
&

—
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Fig. 15 Flow field near leading edge

the flow rate is further reduced and the in-passage vortex mO\J-e)sISCUSSIOn: “An Experlmental and
upstream of the leading edge, the tip clearance flow spills into tfdymerical |nvesitgation Into

following blade passage and traditional rotating stall occurs. the Mechanism of Rotating Instabi"ty,,
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nonuniform, as it does for the flow described here, there are manyThe authors would like to thank Prof. Cumpsty for sharing his
more degrees of freedom and the flow can establish itself in maimgight and his view of the flow phenomena we investigated.
different ways. In consequence, flow that is stalfgdthe sense  We agree that the stage’s overall behavior in rotating instability
that this takes for rotating stall in compresgazan exhibit many s indeed stable. This implies that the observed phenomenon,
different arrangements. | would like to suggest that the rotatingther than being of transient nature, exhibits constant statistical
disturbance found here is a particular type of rotating stall CorfBroperties (frequencies, amplitudes, etc.On a smaller scale,

sponding to the special circumstances of an isolated rotor Wihyking at the flow in an individual blade passage, complex three-

large tip clearance. dimensional events take place periodically which this paper aims
The problem that | have with this paper and with others th% identify. P P y pap

have come from Germany over the last few years is the termThe fact that the overall performance of the turbomachine is

‘rotating instability.” One of the useful conclusions from thestable does not contradict the existence of flow instabilities in
present paper, referred to in the section “What We Learned,” iS tai ) is th . f ot f hich is full
that the flow is actually very stable. In fact, a condition of instacerain regimes, as Is th€ case in a iree jet flow which 1s fully

bility is very hard to observe, since it is by its very nature tlran§table globally, but undisputedly exhibits flow instabilities in the

sient: A pencil standing vertically on its point is in a condition oftrinsic flow of the free shear layer.
instability, but the moment it is microscopically perturbed it !N €arlier work, the first proposed cause of the observed behav-
ceases to be in the state of instability but is falling toward its neld was periodic flow separation. Looking at the simplified ex-
stable condition. The compressor will similarly be unstable at tigmple of 2-D flow around an airfoil, separation certainly fulffills
instant before it moves from being unstalled to being in rotatirigie requirements of flow instability: the flow departs into a differ-
stall; similarly, for a compressor in rotating stall, there will be a@nt state with a recirculation region.
instantaneous condition of instability as the throttle is opened andin the case of rotating stall, the blades communicate their
it moves from stalled to unstalled. The stalled condition, howevestalled state by inducing a different angle of attack on neighboring
is normally very stable. blades. If turbomachines were not round one might call this
I have been told that the term “rotating instability” is well “propagating stall,” and having identified individual blade stall as
estaplished and it is .implied by thig that it should remain in cira flow instability, we might as well call it, more generally, “propa-
culation. The term gained currency in Germany a few years agodgting flow instability.” Is it, in the absence of further knowledge,

describe the type of rota}ting disturbance o[escribed in this paperidédequate to generalize an unknown propagating disturbance of
was an unfortunate choice then and remains unfortunate now. I{i$, |ocal tip flow as “rotating instability”?

a widely recognized feature of the English language that wordstp ;s we assume that on a blade-pitch scale we are dealing with
can be Criaéed].agapte?v t?‘”d r?“ﬁfﬁﬂ t;? suit needs. grt‘ﬁ ‘:f ”;]‘? ¥ instability that is triggered/phase locked by its neighboring
amous of English quotations 1S ats in a name: that WhicH, jeg into a periodic pattefwhich must satisfy the condition of

we call a rose by any other name would smell as swé@8meo AR i
and Juliet ShakespeajeWhile accepting the spirit of this quota- 2-periodicity), and therefore becomes regylgr. The phase.loc.ked
henomenon, on a globéstage scale, exhibits steady periodic

tion, it is also true that it would be confusing to refer to a ros .
ehavior.

using the word “thorn,” or even the word “garlic.” Put another . . .
way, if we want to choose a new use for a word, we should makeNOt knowing the detailed flow pattern, the term rotating/

sure that it does not have a prior meaning that could be confusifgoPagating flow instability is therefore the more cautious term, as
by implying properties that do not apply. Such is the case fd¥e do not positively know that the flow really “stalls” in the tip
“rotating instability,” which strictly has no clear meaning, butregion (though a recirculation region of some kind almost cer-
which implies a special condition that is inconsistent with th&inly occurg. There is more evidence that “rotating instability”
stable behavior of the rotating stall flow pattern that is the subjeand “rotating stall” are different, though related, phenomena: the
of this paper. number of “cells” involved in rotating instability is larger by an
order of magnitude than in the case of rotating stall. We have
observed rotating instability alone near design point operation,
rotating instability plus rotating stall simultaneously when ap-
proaching the stall line, and, of course, rotating stall alone when
the machine is throttled further.

Incidentally, the term “rotating instability” was not coined in
Germany: Bent et dl.investigated the generation of broadband
noise in centrifugal pump impellers and called the observed dis-
turbance of the discharge flow “rotating stall-like instability” as
well as a “rotating flow instability.”

The authors agree with Prof. Cumpsty that perhaps the phenom-
ena could be described with a different teflike “rotating tip
vortex instability” or “rotating tip vortex disturbance’ However,
the term “rotating instability” has been used to describe the phe-
nomenon in earlier studies, in consideration of particular features
of the flow. We, therefore, used the same terminology to identify
the flow phenomenon in our paper.

Closure to “Discussion of ‘An
Experimental and Numerical
Investigation into the Mechanisms
of Rotating Instability’” (2002,
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Short and Long Length-Scale
Disturbances Leading to Rotating
Stall in an Axial Compressor
. Stage With Different
wmenensns | Stator/Rotor Gaps

M. Kuroumaru _ _ _ o _
The transient processes of rotating stall evolution have been investigated experimentally

S. Yoshida in a low-speed axial compressor stage with three stator-rotor gaps. The pressure traces at

eight circumferential locations on the casing wall near the rotor leading edge have been

M. Furukawa analyzed by the wavelet transforms. With the appropriate mother wavelets, the evolution

of short and long length-scale disturbances leading to the stall can be captured clearly.

Department of Energy and Mechanical Behavior of these disturbances is different depending on the stator-rotor gap. For the
Engineering, large and middle gap, the stall inception is detected by a spiky short length-scale distur-

Kyushu University, bance, and the number of spiky waves increases to generate the high frequency waves.
Fukuoka, Japan They become the short length-scale part-span stall cells at the mild stall for the large gap,

while they turn into a big stall cell with growth of a long length-scale disturbance for the
middle gap. In the latter case, therefore, the stalling process was identified with “high-
frequency stall inception.” For the small stator-rotor gap, the stalling process is identified
with “long wavelength stall inception” and supported the recent computational model for
the short wavelength stall inception by showing that closing the rotor-stator gaps sup-
pressed the growth of short length-scale disturbances. From the measurement of the
pressure field traces on the casing wall, a hypothesis has been developed that the short
length-scale disturbance should result from a separation vortex from a blade surface to
reduce circulation. The processes of the stall evolution are discussed on this
hypothesis[DOI: 10.1115/1.1458022

Introduction sporadically at first, the number of the SLSDs increased with the

In the last decade, the investigation of rotating stall inceptiofllPW rate depreasmg, and th_e high-frequency waves were gener-
was highlighted in axial flow compressors from a view point oft€d[8,9]. With further throttling, a long length-scale wave over-
active control. As a result, it is generally accepted that two typéaPPed the multiple spiky waves and finally turned into a big stall
of stall inception occuf1—3]. One is long wavelength stall incep-cell in a deep stall conditiofd]. Cumpsty(Discussion of refer-
tion (also called modal wave inceptipin which a long length- ence[9]) pointed out that a LLSD could be detected at the begin-
scale disturbancéd.LSD) grows in amplitude gradually under anning of the stall evolution process. Obviously, both SLSD and
unstable condition of the whole compression sysfdinAnother LLSD seem to be associated with this process. However, it has not
is short wavelength stall incepticalso called spike-type incep- been made clear how the SLSD and LLSD behave in this process.
tion), in which a short length-scale disturban@.SD) grows in Moreover, factors which determine the route of stall evolution
size rapidly under a condition of high rotor incidence angi&s 5y not been clarified yet. There are too many factors to be

However, there are other routes (.)f stall _evolut|o_n acc_ordl_ng 3 nsidered such as hubltip ratio, tip clearance, configuration of the
report of the European collaborative project for investigating the

generic features of stall inception in aero-engine type compress%? or and stator, presence of ot_her s’_[ructures_near _the st_age, etc.
[6]. In this report, it was concluded that just being able to detefto"d €t al.[11] made the 3-D inviscid flow simulation with a
modes and spikes would not be sufficient in a high speed coffdy-force model in the blade region to capture development of
pressor, and a whole range of other low and high-frequency dretating stall via SLSD, and showed that reduction of inter-blade
turbances need to be taken into consideration. row gaps suppressed the growth of SLSDs. Although such a nu-
So-called high-frequency stall inception is one of the othemerical simulation may have potential to determine the route of
routes which were observed by Day et[#] in two compressors stall evolution in the future, further experimental studies will be
operating at full speed, and considered that the high-frequeng¥cessary to get to the final goal.
waves resulted from multiple short length-scale part-span stallThe first purpose of this paper is to present an experimental
cells. Similar phenomena were observed in the low speed COmathod for elucidating the behavior of SLSD and LLSD in the
pressor test righ7—9]. Structure of the multiple short Iength'Scaletransient stalling process. Wavelet analysis is applied to the pres-

part-span stall cells was elucidated by Inoue et[aD] who . :
. . . sure traces measured on the casing wall near the rotor leading
pointed out dangerousness of their occurrence. In evolution prog

cess of this type of stall, a spiky SLSD appeared and disappea?éi@e' i
The second purpose is to show how the SLSD and LLSD be-
Contributed by the International Gas Turbine Institute and presented at the IntB@V€ in process of the high frequency stall inceptionresponse
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loté- the Discussion of referend®]), and to show the effect of

siana, June 4-7, 2001. Manuscript received by the IGTI, January 2001. Paper _ ;
2001-GT-341. Review Chair: R. A. Natole. §f’ator rotor gap on the stalling process.
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LFG IMFG| SFG casing wall along the axial direction to cover the rotor region. A
FG 1396 246]116 hot-wire survey was made 8 mm upstream of the rotor to get the
smt.mm  coOrrelation with the casing wall pressure.

Jo33 410 , FG _ 330 __ 354 M0 _ 1270

Casing Experimental Results and Discussions
o ‘ Performance Characteristic Curve. The pressure-rise char-
utlet [ .. .
cudey = acteristic curve of the stage performance changed slightly depend-
Vanes ing on the gaps. However, the difference was so small in compari-
son with the accuracy of measurement that the meaningful results

,‘t/,f'}":'bf could not be obtained. On the other hand, the behavior of the
7 pressure rise and flow rate in process of stall evolution changed
Fig. 1 A schematic view of test section clearly depending on the gaps. _ o
Figure 2 shows the total-to-total pressure-rise characteristics of
the compressor stage for LFG and SFG. For reference, the total-
to-static pressure coefficients were estimated by subtracting the
Experimental Facility and Measurement Method dynamic pressure evaluated by the averaged axial velGitity

The experimental study has been conducted in a low-speed 1ate), and are shown below the_total-to-total characte_ris_tic curves.
search compressor of Kyushu University. A schematic view of t{8 every case, the total-to-static pressure characteristic seems to
test section is shown in Fig. 1. It consists of an inlet guide var¥ve negative pressure gradient at the stall point. _
row, a front stator, a test rotor, a rear stator, and an outlet guide=0" LFG, the stall inception of the rotor is detected at point A
vane row. The diameter, the hubtip ratio, the number of bladééen the flow rate is reduced. At a moment of the stall inception,
and the tip clearance of the rotor are 449, 0.7, 24, and 0.5 mifie flow rate and pressure rise coefficient decrease by itse-
respectively. The two stators have 22 cantilevered blades with ft throttling from point A to B, and the compressor rotor falls
clearance of 0.5 mm. The compressor stage is designed foltp mild stall. When the throttlc_a is closing carefglly from point B,
constant whirl angle of absolute flow at the rotor irgtator exiy  the flow rate decreases to point C, and then, jumps suddenly to
and 0.5 reaction at the midspan. The inlet guide vanes are dBoint D where the compressor falls into deep stall. This behavior
signed for the same exit flow angle distribution as the rotor #§ the same as the previous experim@jf although the rear stator
simulate a middle stage of a compressor. Although the front affiréplaced by the end-bend/swept blades. Only the difference is in
the rear stator were geometrically identical in the previous papé}e transient time from point A to B: the flow rate and pressure
[9], the rear stator is replaced by the endbend/swept blades/gs coefficient drop in several tens of rotor rotatignsore rap-
suppress corner stall inside the stator which occurred prior to tify than the previous case: about a hundred rotations of xotor

rotor stall inception. The details are shown in Inoue ef@lfor  FOr SFG, the flow-rate and pressure-rise coefficient decrease by
the design specifications and in Inoue et[4] for the endbend/ itself from point A to D in dozens of rotor rotations and the com-
swept blades. pressor falls into deep stall directly. For MFG, the characteristic

The experiments have been conducted for three axial gaps BBLVE was almost the same as Ske figure omitted but the
tween the rotor and front stator: the ratios of gap to axial choffgnsient time from point A to D was much longer than SFG.

length at the rotor tip are 1.203, 0.747., and 0.352, which are\yayelet Transform of Casing Wall Pressure Trace. The
denoted by LFGllarge front gap MFG (middle front gap, and  yransjent stalling processes of the axial compressor stage with
SFG (small front gap, respectively, in the following discussion. ihree stator/rotor gaps have been studied using the pressure fluc-
The experiment in the previous papers was conducted for LFfaation on the casing wall. In general, a spiky short length-scale
where the multiple short length-scale stall cells revealed signifiisiyrhance(SLSD) appears locally and can be captured near the

cantly'low-pressure bubb!es on the casing wall unQer a mild staffior leading edge, while a long length-scale disturba.tSD)
condition[9,10]. The locations of the front stator trailing edge fofis Jetected over a wide range of axial direction. Therefore, eight
MFG and SFG are set up at the upstream edge and the center of

the low pressure bubble, respectively, which existed in the mild
stall for the LFG. The gap between the rotor and the rear stator ivg 7 .
kept to be 1.075 times of the axial chord length. —Oo—LFG i
The stage performance has been evaluated for the combinati --tr--- SFG total :l
of the rotor and the rear stator. Usually the total-to-static pressu *®F total-to-tota

rise is used to evaluate the compressor stage performance. In i Aji}%%g%

present study, however, it is difficult to estimate the downstrear 0.5¢

static pressure because the casing wall pressure becomes hic . ﬁ

than the averaged value due to the swirling flow which change .4} Wﬁlﬁg
N

‘Design point --.-]

L
O,

with flow rate. Therefore, the total pressure rise of the stage hi

been evaluated from the pressure difference between the inlet & 03
outlet chamber by subtracting the aerodynamic losses of oth® |
elements which were obtained in a preliminary experiment with i
out the rotor and the rear stator. 021 total-to-static -

Evolution of short length-scale disturban¢8LSD) and long
length-scale disturbanc@&LSD) was examined by simultaneous o.1} \

Design point

measurement with eight pressure transduc¢grgdite XCS-062

mounted on the casing wall 4.1 mm upstream of the rotor leadir

edge at intervals of 45 deg in the circumferential direction. Thi

blade passing frequency was removed through a low-pass filter. [

order to distinguish behavior between SLSD and LLSD, the low 01~

pass filtered pressure traces were analyzed by wavelet transforr 92 025 03 035 04 045 05 055 06
Transient event near the rotor tip was estimated by simulte ¢

neous measurement of the casing wall pressure with seven pres-

sure transducer@ulite XCS-062 which were mounted on the Fig. 2 Pressure rise characteristics of compressor stage
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\ lL“ | ,J',l 7J 7_’7_12 Fig. 4 Variation of wavelet transforms for specified scales of
‘ SLSD and LLSD

tion, whereAt is taken to be 1/120 of a rotor rotation. That is,
b/At=120 on the abscissa corresponds to the period of a rotor
Bl “’h R e e rotation, anda/At=120 on the ordinate implies that the length-

scale of disturbance is identical to a rotor circumference. It is

0 > ;;?jf 1% 2048 found that a spiky SLSD occurring on the left side of the low-pass
filtered pressure trace reveals a high value area of the middle map

Fig. 3 Wavelet transforms of a low-pass filtered pressure neara/At~12, although two areas appear for one spiky wave in

trace with the mother wavelets of Egs.  (2) and (3) the upper map. This implies that behavior of a spiky wave cannot

be captured by the Marr wavelet. The point-symmetrical wavelet
should be used for the spiky wave.
On the other hand, the both wavelet transforms are capable of

pressure transducers were mounted on the casing wall 4.1 rE':Elnpturing the disturbance with scaleadfAt~ 100 which develops

upstream of the rotor leading edge at intervals of 45 deg in t . . PP .
circumferential direction to examine behavior of both distug\(’:‘ith time, although presence of a LLSD is hardly distinguished in

bances in the stalling process. In the previous stiglyusing a the low-pass filtered pressure trace. However, it should be noted
. : i that the point-symmetrical wavelet brings about phase shift of 90

single _transducer, occurrence of spiky SLSDS. could be segena for the sinusoidal LLSD because of its form. Namely, a loca-

clearly in the pressure trace when the blade passing frequency &Sg of the maximumi/(a,b) shifts from a high part of the LLSD

removed through a low-pass filter. However, the behavior here the SLSDs are crowded on the pressure trace. Therefore,

LLSD with small amplitude could not be captured when the num; N )
ber of SLSDs was increasing. Although the LLSD can be captu:qh vi'glragf {vfgglevziﬁgoi?(‘f%;g;gﬁﬁbe used for looking into be

by taking a discrete Fourier transform in space about the CIrcuM- 0o the wavelet transform was made for the raw pressure

ge[esrg:eoorf] E[?]Z %?&?rﬁ;igz]étc\z\fggn'rgﬁfgmngt l?:eflfjslig fgrt ace including the blade passing frequency, the contour maps of
’ y (a,b) were almost the same as in Fig. 3 except the range of

into a transient event of disturbances with different scale and A?At<5 (the figure is omittel] This is natural since the wavelet
used recently for investigating the compressor stalling procet?gnsform has essentially the nature of filters in scale. Therefore,

[9,13]. ; . 4
. . . . e wavelet analysis was applied to the low-pass filtered pressure
In this study, therefore, in order to look into the behavior OF: ces in this study.

SLSD and LLSD simultaneously, the eight pressure traces ar
analyzed with the following wavelet transforms.
The wavelet transform of a pressure sigpél) is defined by

n order to look into the transient stalling process in detail, it is
necessary to arrange the eighifa,b) maps of pressure traces at
eight circumferential locations each for the point-symmetrical and
1 Marr wavelet. However, it is hard to present them in a compact
W(a,b)= —f W(T)p(t)dt (1) and understandable way in the limited space of the paper. On the
\/5 other hand, behavior of disturbance with a specified scale can be

where W (T) is a mother waveleta is the scaling parameteb, seen clearly in the variation diV(a,b) with time at the fixed

implies translation, and@ = (t—b)/a. When an appropriate func-
tion is chosen a¥ (T), a large value oiW(a,b) implies that the

disturbance with scala exists locally aroundb. The most widely 035 ®
used is the Marr waveldalso called the “Mexican hat’written PRV
by ¢ ) \ww orbariidy
Fig.6 (a) TWW
W(T)=(1-T?exp —T?) @ 030 ©
However, it is effective to use the point-symmetrical mother
wavelet of 025
100 200 300 400 500 600 700 800
W(T)=—sin(2T)exp — T?) ®3) @)
for capturing a spiky SLSD which is characterized by the rapic
increase followed by rapid decrease in the pressure. 035 T
Figure 3 shows an example of the wavelet transforms in th Fig6 (('1)
transient stalling process. The low-pass filtered pressure trace
which Eq.(1) was applied is shown on the bottom of the figure. 030 = ®
The data shown here are not for the LFG, MFG, and SFG, but fc f JL
the additional experiment described later. They are employed fc (e)W‘W“"WN LY T AW

convenience of explanation because this event includes both o02s
spiky SLSD and a LLSD in a relatively short temporal scale. The )
upper and middle frame are the contour maps\f,b) calcu-

lated with th.e.mother wavelets of Eq) and (3), rgspectlvgly. Fig. 5 Variation of flow-rate coefficient with the rotor rotation
Only the positive values dlV(a,b) are represented in each figure, “transient stalling process for large front gap— (&) stalling
to show the phenomenon more clearly. The abscis&dA$ and process of mild stall (A—B), (b) stalling process of deep stall
the ordinate is a logarithmic scale afAt in the opposite direc- (C—D)

100 200 300 400 500 600 700 800
n
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Fig. 6 Evolution of short and long length-scale wave for large front gap— (a) transient process from point  (a) in Fig. 5(a), (b)
transient process from point  (b) in Fig. 5 (a), (c) transient process from point  (c) in Fig. 5 (a), (d) transient process from point  (d)
in Fig. 5 (b), (e) transient process from point  (e) in Fig. 5 (b), (f) transient process from point  (f) in Fig. 5 (b)

values ofa/At. In this paper, therefore, the variation\®f{a,b) at in Fig. 2) is detected with the formation of this disturbance. It is
a fixed value ofa/At is presented each for SLSD and LLSD. Thattenuated after one rotor rotation, the second SLSD is generated
values ab/At=12 and 100 are chosen for representing SLSD ankxt to it, and the two disturbances grow in amplitude. The num-
LLSD, and denoted by, and W,,,, respectively. Figure 4 ber of SLSDs increases in similar maniigig. 6(b)) from point A
shows the variation dfV,, alonga/At=12 in the middle frame of to B in Fig. 2, and finally the multiple short length-scale stall cells
Fig. 3 andwW,ggalonga/At=100 in the upper frame. This kind of appear at intervals of 4.8 times of a blade spacing the waves of
representation is considered to be a wave through a simplifiedhich are shown in Fig. @). They rotate nearly at 70 percent of
wavelet filter for the disturbance with scaleafAt=12 or 100. It the rotor speed. On th&/,ystraces of Fig. 6) a LLSD is appre-
is found how the SLSD and LLSD behave in the stalling processable prior to the formation of the SLSD, but it never keeps up
in Fig. 4. for long time. Near the stall inception it seems to rotate at constant
. . speed, but it does not grow in amplitude nor rotate at constant
_ Evolution of Rotating Stall for Large Front Gap. = As men- <n00q once the spiky SLSD is generated and increases in the num-
tioned before, the stall occurs in two steps in the case of LF

According to the previous papt0], the first step was the mild er as shown in Figs.(B) and(c). For the first step of stall, LLSD

X . is not predominant for the stall evolution.
stall with multiple short-length scale part-span stall cells and th b

second one was the deep stall with a big stall cell. Figures @d) to (f) show the variation oWy, andWagoin pro-
Figures 5(a) and (b) are the variation of flow-rate coefficient
with rotor rotation in process of the mild and deep stall. In each
cace, the flow-rate decreases in several tens of rotor rotations. T 34
behavior of SLSD and LLSD in each process has been examin ot ‘
by the wavelet analysis for the low-pass filtered pressure tracesg |
eight circumferential locations on the casing near the rotor leadir
edge. The small letter®) to (f) indicated by arrows in Fig. 5 are |
corresponding to the start points of the pressure traces which & |
analyzed by the wavelet transforms in Fig&a)éo (f). !
Figures 6a) to (c) show the variation ofV;, and W, for the 025 100 200 300
eight pressure traces in process of the mild stall. It can be seen on
the W, -traces of Fig. €a) that a spiky SLSD appears and rotategig. 7 variation of flow-rate coefficient with the rotor rotation
nearly at 80 percent of the rotor speed. The stall incedoimt A in transient stalling process for middle front gap

Fig.8 (2)
|

0.30 -

WWMWM“%WW

500 600 700 800

-8
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Fig. 8 Evolution of short and long length-scale wave for middle front gap— (a) transient process from point  (a) in Fig. 7, (b)

transient process from point  (b) in Fig. 7, (c) transient process from point  (c) in Fig. 7

cess of the deep stall. When the compressor is throttled near poinFigures 8a) to (c) show the variation oW,, and W, for the
Cin Fig. 2, the LLSD grows in amplitude and rotates nearly at 3€ight pressure traces in the stalling process of MFG. A LLSD with
percent of the rotor speed as shown in Figd)fwhile the mul- small amplitude is rotating nearly at 40 percent of the rotor speed
tiple spiky SLSDs are still rotating nearly at 70 percent of thgust before the stall inception, but it does not grow in amplitude
rotor speed. At point C of Fig. 2, the SLSDs are attenuated sudbr rotate once a spiky SLSD is generatE). 8@)). Then, in the
denly with growth of the LLSD(Fig. 6(e)), and the compressor first half stalling process, the number of SLSDs increases to gen-
falls into the deep stall with a big stall cell. For the second step efate the high-frequency waves which are sporadically increasing
stall, LLSD is predominant for the stall evolution. and decreasing in amplitude as shown in Fi¢)8When the

At deep stall, the SLSDs still exist in the high pressure range b SD grows and rotates at about 30 percent of rotor speed, the
the strong LLSD(Fig. &(f)). The high and low pressure range ofSLSDs are attenuated and concentrate in the high pressure range
LLSD correspond to the big stall cell and the unstalled bladesf the LLSD as shown in Fig. (8). In the latter half stalling
respectively,[14]. Presence of the SLSDs in the stall cell wagrocess, the LLSD grows in dozens of rotor rotations to form a
discussed in the previous pagdd0]. As shown in Fig. €), they big stall cell where behavior of the SLSDs are similar to Fig).6
are rotating nearly at 60 percent of the rotor speed. They seeniltoe evolution process of disturbances is similar to that of LFG,
develop in the right side of the long wave where the blades entaut the amplitude of high-frequency waves is not so large as that
stall, and degenerate in the left side where the blades go outifthe mild stall for LFG. The compressor rotor stalls in one step.
stall. This trend agrees with behavior of so-called “sub-cell vorthis behavior seems to resemble the phenomenon of the high-
tices” in the stall cell which were found by Outa and Kfd] on  frequency stall inception observed by Day et[&l.
Lhuem%arlisc:? ;L]tl:llzltrior:.)t film probe measurement and unsteady 2E?Evolution of Rotating Stall for Short Front Gap. Figures

9(a) and (b) show the variation ofW;, and W, for the eight

Evolution of Rotating Stall for Middle Front Gap. Figure 7 pressure traces in the stalling process of SFG. The start point of
shows the variation of flow-rate coefficient with rotor rotation irraces in each figure is also indicated by the corresponding small
the stalling process of MFG. The small lettées to (c) indicated letter in Fig. 10 which shows the variation of flow-rate coefficient
by arrows denote the start point of pressure traces which are andgth the rotor rotation. A LLSD with small amplitude is rotating
lyzed by the wavelet transforms in FiggaBto (c). The flow rate nearly at 30 percent of the rotor speed about a hundred rotor
decreases gradually frorta) to (c) in the first half of stalling rotations prior to the stall inceptiofthe figure is omitted As it
process, and rapidly in the latter half. grows, several SLSDs with small amplitude appear in the high
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Fig. 9 Evolution of short and long length-scale wave for small front gap— (a) transient process

from point (a) in Fig. 10, (b) transient process from point  (b) in Fig. 10
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Fig. 10 Variation of flow-rate coefficient with the rotor rotation
in transient stalling process for small front gap

pressure range of LLSEFig. 9(a)). They increase in the number A Fiich
and the amplitude with rapid amplification of the LLS[Eig.
9(b)), and a big stall cell is generated in dozens of rotor rotation
The SLSDs behave similarly to Fig(ff after the big stall cell

oz

develops(at (¢) in Fig. 10. Although the SLSDs exist at the stall . " . ' : : : ; ..l"'
inception, their amplitude is smaller than that of the spiky SLSI;#) o= i pHlich
appearing at the stall inception of LHEig. 6a)). For this case,

LLSD is predominant for the stall evolution. Fig. 12 Pressure field traces on casing wall for large front

. . . — tall i tion, (b) mild stall diti
Trace of Pressure Field on Casing Wall. In the previous gap—(@) stall inception, - (b) mild stall condition

paperd9,10], the authors succeeded in elucidating the structure of

the multiple short length-scale stall cells in the mild stall for LF(%n,gs and correspond the short vertical lines on the bottom of the

using a so-called “double phase-locked averaging tecmiquﬁ(ﬁﬁure. It should be noted that this pressure field is different from

with which the measurement data could be averaged synchigs "o ntaneous pressure distribution relative to the rotor be-
nously with both the rotor and stall cell rotation. It was found th ause the time goes from right to left in the figure

the short length-scale stall cell consisted of a tornadolike vortexIn Fig. 12a), the significantly low pressure area can be seen at

which spanned from a blade suction surface to t_he casing W{:HE right of the considerably high pressure area upstream of the
ahead of the rotor as illustrated in Fig. 11. A physical interpretga,, “rp;q phenomenon causes the spiky wave pattern which is
t'?}g f\? rrtt?ls ph(renorr:jenobnl v(\;as .Tr?cﬁ |nttrtlarrrt15rgf 30:#2(1 S'rﬁufti'%aracterized by rapid increase followed by rapid decrease in

a ortices around a blade. That Is, the tornadolike VOMeX 1S,g,qqra The low-pass filtered pressure trace upstream of the ro-
three dimensional separation vortex from the blade suction surf ?Ieading edge captures this feature well although its phase de-
to reduce the circulation near the tip region. On the other ha s from the raw pressure wave. At the mild stall, similar low

}‘rorcr;. obseérvatl?hn Of. the Iﬁw-pass dflltetretq pressu(rje ?ear thke ro¥essure areas can be observed although they are somewhat larger
eading edge, the size, shape and rotaling speed of a Spiky Weg, ot e inception as shown in Fig.(hR2 These area were

appearing at the stall inception quite resembled those of the ML sed b . . : )
: . y the separation vortices spanning to the casind /Gl
tiple short length-scale stall cells for LF@®]. Therefore, it was as illustrated in Fig. 11.

considered that the spiky SLSD at stall inception should have t eComparing Fig. 1@ with Fig. 12b), the spiky SLSD at in-

Strllﬁlcmge Sr'gl"gttgtth dat (:Lteh? r:t]llqjglrprlr?e?sorrt;?nngr:?s_srfg/z St}ggr?elée ption is considered to result from the separation vortex from the
P uey., u u de. This consideration seems to be in line with the idea of

ducted to elucidate the difference in structure between the spi Y : : . :
. - . .CGamp and Day5] who mentioned that the spike type inception
SLSD at inception and the short length-scale stall cell in the mi as Ft)hree-dim)c[en]sional breakdown of the fﬁ)w fi)gl)d assoF():iated

stall. . . S ;
First, the traces of pressure field on the casing wall have be\ﬁll%h high rofor incidence angle. On the other hand, Hoying et al.

; . . . ] made a 3-D viscous-inviscid hybrid numerical simulation,
obtained by simultaneous measurements with seven axially

ranged pressure transducers. Figure@iand(b) show the pres- Rd found that the spike was caused by a tip clearance vortex

sure field traces for the spikv disturbance at incention and for tligilling upstream of the rotor. However, his calculation does not
ure pIky u ) =P nflict with the separation vortex model illustrated in Fig. 11 in a
multiple short length-scale stall cells in the mild stall. As th

ressures are measured at fixed locations and the blades r road sense. According to the vortex theory, the tip clearance
P u u X ! ex is nothing but a kind of separation vortex which consists of

from left to right, the time proceeds from right to left in the flgurevortex lines separated from blade tip instead of suction surface.

On the top of the figure, the raw and low-pass filtered pressuge multiple SLSCs are in a developed state, while the stall in-

traces 4.1 mm upstream of the rotor leading edge are shown rption is a transient event. Although the vortex separates from

reference. Short vertical lines in the top figure indicate blade Passsar midspan at the mild stall, the separation may be located near
the tip at the onset. It could be located at blade tip surface when
the tip clearance is large.

In order to verify the above remarks, the correlation is evalu-
ated between the casing wall pressure fluctuation and the output
fluctuation of a hot-wire inserted 8 mm upstream of the rotor. The
correlation function is written by

R()=p’ v (N/\p' 2 v'(r) )

wherep’ =fluctuation of the casing wall pressure
V' =fluctuation of the hot-wire output
r=radial location of the hot-wire

Fig. 11 lllustrations for flow structure of short length-scale Figure 13a) shows the correlation functioR(r) in process of
stall cell the mild stall for LFG. The abscissa is the nondimensional radial
Journal of Turbomachinery JULY 2002, Vol. 124 / 381
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06 |
08 E i Fig. 14. The raw and low-pass filtered pressure traces upstream of
04| : | : 5 00 the rotor leading edge are shown on the top of the figure in the
gk i : P same manner as Fig. 12. The traces _in the two rotor rotations are
ke TR N : P . g —psoe shown in the figure, although the period of a long wave due to a
02 fagf 5/" SR R | i =0.3267 big stall cell is longer than three rotor rotations since it rotates at
N — §=0.3244 about 30 percent of the rotor speed. The stall cell covers the
e e e blades from the upper row to the right part of lower row of the
' ' ' ’ ’ rir; pressure field tracéthree quarters on the right side of the top
() figure). The low pressure areas can be observed ahead of the rotor
in the stall cell. They correspond to SLSDs according to the wave-
Fig. 13 Correlation functions between the casing wall pres- let transform. They are more clearly seen on the right side of the
sure and the hot-wire signal 8 mm upstream of the rotor— (&)  |ower frame of the pressure field trace where the blades are enter-
process of mild stall evolution for large front gap, (b) first half ing to the stall cell. By comparing them with the low pressure

process of stall evolution for middle front gap areas in Fig. 12, they also seem to result from the separation

vortices from the blade suction surfaces. It is considered that the

. . - blade releases the separation vortex to reduce the circulation in the
location of hot-wire. The flow rate coefficients as parametels e stall cell

should refer to the values_ on the ordinate of Fi@)Sl.n th_e early Looking into the results of the wavelet transform, however,
process of stall of LEGFig. 13a)), the correlation is high near woir penhavior is different from the spiky SLSDs at mild stall.
the casing; but, the high correlation area extends to the whole flQ¥ .o 15 shows the wavelet transform maps for two low-pass
passage in the mild stall condition. Figure(ti8shows the corre- fiyareq pressure traces at 45 deg apart in the circumferential di-
lation function in the first half process of stall for MFG where th action. The contour lines distributed arouath\t=5~ 15 corre-
number of SLSDs was increasing and the amplitude of highgnq 1o the SLSDs. Their size and intervals are irregular al-
frequency waves were sporadically increasing and decreasing 5, they are rotating about 60 percent of rotor speed. Some
fore the LLSD grew and ro_tated. The f'OW rate coef‘fluents 851 SDs diminish and some ones grow in amplitude as shown by
parameters are corresponding to the ordinate of Fig. 7. In 55 in Fig. 15. This behavior may be caused by upstream
case, th? high correlation area I restr_lcted near the casing. Svement of the separation vortex since the pressure traces were
; . . btained at a fixed axial location. In some cases, the merging of
tip region unless the multiple short length-scale stall cell are f“”é’eparation vortices may occur to grow in size as shown by the left

On the other hand, the SLSDs still existed in the stall cell aatrrow in the figure.

deep stall, as shown in Fig(fs. They were generated by attenu- Additional Discussions. From the experimental results
ating the amplitude of spiky SLSDs in the mild stall for LKEg. shown in the previous section, it is reasonable to develop a hy-
6(e)), and by appearing in the high pressure range of LLSD fgothesis that the SLSD results from a separation vortex from a
SFG (Figs. 9a) and (b)). To look into what the SLSDs is, the blade surface to reduce circulation. The processes of stall evolu-
pressure field trace on the casing wall at deep stall is presentediam are discussed on this hypothesis in this section.

NN _ae S
'||_||_|!_|‘.L|'_-I]_.'-1‘”‘”|"|H|'.|w|'||||'|"|'.||'||||-|?.l
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Fig. 14 Pressure field traces on casing wall at deep stall condition for large front gap
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For LFG, the stalling process was in two steps. In the first ste@onclusions
a spiky SLSD appeared at the stall inception, the number of spiky.
waves increased, and the compressor ran at a fixed flow rate in
mild stall condition where the multiple short length-scale sta|

The process of rotating stall evolution was studied experimen-
® in a low-speed axial compressor stage by changing the stator/

inception, then the separation point on the blade moves to mid-1 Behavior of short and long length-scale disturbances leading
span. At the mild stall, comparatively stable condition is mairto rotating stall can be captured clearly by the vyavelet anal_y5|s
tained by a sufficient front space for spanning the separation vdith the appropriate mother wavelet. The point-symmetrical
tices which constitute the short length-scale part-span stall cei@ther wavelet is available for a spiky short length-scale distur-
with tornadolike structure at equal intervals. In the second stépance which is characterized by rapid decrease following rapid
growth of a long wavelength breaks the stable condition to gathi@erease in the low-pass filtered pressure trace, while the Marr
the separated blades in a big stall cell. wavelet is available for a long length-scale disturbance. Evolution

The stalling process of MFG was similar to LFG. However, thef each disturbance can be examined simply by observing the
process from inception to deep stall went on by itself in about\@rlanons- Of the WaVelet transforms at aﬂxed Scale CorreSpondlng
hundred of the rotor rotations. In this process, the separation poipteach disturbance. ) )
of the three-dimensional vortex is restricted near the blade tip2 The behavior of short and long length-scale disturbances is
region. A long wavelength grows without formation of the mul ifferent dependlng on the s?ator/rotor gap. In the case of Iarge
tiple short length-scale part-span stall cells. This process is cdifiP the stalling process was in two steps. In the first step, a spiky
sidered to be identified with the high frequency stall inceptioﬁhort length-scale dlstqrbance was generated at the stall inception,
observed in two aeroengine-type compressors operating at fiid the number of spiky waves increased to have the multiple
speed6]. short length-scale stall cells in the mild stall condition. In this

On the other hand, the stalling process of SFG is identified wiifoc€ss @ long length-scale disturbance was appreciable, but did
‘long wave-length stall inception’ although several small-siz8°t pla)_/ a predominant ro_Ie. In the S¢°°”d step, the long length-
SLSDs existed in the high pressure range of LLSD at the st ale disturbance grew with attenuation of the short length-scale
inception. The number and the amplitude of SLSD increased fiSturbances and the compressor fell into a deep stall.

the stall evolution process. In this case, the separation vorticgé t.Tf.h% St?ﬂgntgh pLO.CﬁS]? for the mitdtljllg gapt.is cor;}s.i(:]ered tobbe
occur in the low velocity region of LLSD and seem to play a rojgdenuned wi € nigh Irequency stall Inception which was ob-

for increasing the amplitude of LLSD to lead to deep stall. served in two aeroe_ngine-type compressors _operating at full speed
The present experimental result supports the computatiorg J The stall inception was detected _by a spiky _short Iength-scale_
model for the short wave-length stall inception proposed by Gon jsturbance, then, the number of spiky waves increased sporadi-

et al. [11], who showed that bringing the IGV close to the firs ally to generate the high frequency waves, and turned into a deep

rotor suppressed the development of spikes. Physical explanafé%” cell with growth of a long length-scale disturbance. Although

. . rocess was similar to the large gap, the stall developed in one
of this effect can be made based on the hypothesis of the sep ég-przwithout throttling from incepgtiog tg deep stall. P

tion vortex: the small gap upstream of the rotor leading edgs fl The stalling process for the small gap is identified with “long

arrests the growth of a vortex spanning to the casing wall aheadvxcl:ﬁvelength stall inception.” A long length-scale disturbance with

the rotor. The separation vortices from the rotor blades |nter§ all amplitude was rotating nearly at 30 percent of the rotor

\(I:\;Irt(t]utmh?eI:e%r;itaitatnoera?lftir?eesc.a-sr&e Ig\r/]véeg?é?]y flleur']d tlr?-gf:gllsemv&);\}g eed prior to the stall inception. As it grew, several short length-
iy . >INg g‘ gth-s ale disturbances with small amplitude appeared in the high-
generated. It is very interesting that Gongs’ model is capable

L . . essure range of long length-scale disturbance. They increase in
Ereei?:?img/ctehls effect, although the number of blades is assume £ number and the amplitude with rapid amplification of the long

. . length-scale disturbance to generate a big stall cell.

i Thef stall |_r|lceglt_|grg)folr LtEG and MFt%.WaS detected by f?"?)a' 5 The experimental result supported the computational model
kl_orgjo fa ﬁp'ty | : Ph ;S”S'.snse't. ISI proccallssdseglr(nst 0 D82 the short wavelength stall inception proposed by Gong et al.
Kind ot short wavelengtn stall incep iofalso called spike-type [11], who showed that closing the rotor-stator gaps suppressed the
inceptior). However, the process of stall evolution is quite differs rowth of short length-scale disturbances

ent from usual spl'ke-type Inception process reported so_far. In teg 1 the present experiments, the usual spike-type inception
usual case, a spiky wave grows rapidly in size. A spiky wavg ,cess in which a spiky wave grows rapidly in size did not occur.
seems to be caused by the separation vortex from the bladeyag, ever, when the rear stator was close to the rotor trailing edge
shown in Fig. 12. If so, vortices from several blades must B e aqditional experiment, a long length-scale disturbance grew
merged in the usual spike-type inception process in order to grq idly with increasing the number of short length-scale distur-

in size. In the present study, an additional experiment was maglgnces immediately after appearance of a spiky wave at the stall
by reducing the gap between the rotor trailing edge and the réafeption(Fig. 3.

stator for LFG to examine the effect of the rear stator. The reary From the comparison of the pressure field traces on the cas-

gap ratio was 0.620 based on the axial chord length at the rojgg wall between the transient stalling process and the mild stall
tip. In this case, a small LLSD was appreciable prior to formatiogongition, a hypothesis was built up that the short length-scale
of a spiky SLSD, but it never kept up for long time nor rotatedyjstyrbance should result from a separation vortex from a blade
Immediately after the formation of a spiky SLSD the LLSD grevgyface to reduce circulation. The processes of stall evolution
rapidly. At the same time, the SLSD was attenuated and the nujiere discussed in this hypothesis.

ber of the SLSDs increased in the high pressure range of the

LLSD to grow in amplitude in dozens of rotor rotations, as show
in Figs. 3 and 4. This process may look like spike-type inceptid?\t(:kno"‘”e‘j9ments

if the LLSD grow more rapidly. However, the merging of vortices The authors are extremely grateful to Prof. Cumpsty for his
could not be observed in the stall evolution process. What condiseful discussion in the previous pagd®] which motivated to
tions enable to make a spiky disturbance grow in size should beart the present work. They also appreciate to Mr. Iwakiri for
elucidated in the future. helping the experimental work.
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Boundary Layer Development in
the BR710 and BR715 LP
Turbines—The Implementation of
High-Lift and Ultra-High-Lift
Concepts

This paper describes a detailed study into the unsteady boundary layer behavior in two
high-lift and one ultra-high-lift Rolls-Royce Deutschland LP turbines. The objectives of
the paper are to show that high-lift and ultra-high-lift concepts have been successfully
incorporated into the design of these new LP turbine profiles. Measurements from surface
mounted hot film sensors were made in full size, cold flow test rigs at the altitude test
facility at Stuttgart University. The LP turbine blade profiles are thought to be state of the
art in terms of their lift and design philosophy. The two high-lift profiles represent slightly
different styles of velocity distribution. The first high-lift profile comes from a two-stage
LP turbine (the BR710 cold-flow, high-lift demonstrator rig). The second high-lift profile
tested is from a three-stage machine (the BR715 LPT rig). The ultra-high-lift profile
measurements come from a redesign of the BR715 LP turbine: this is designated the
BR715UHL LP turbine. This ultra-high-lift profile represents a 12 percent reduction in
blade numbers compared to the original BR715 turbine. The results from NGV2 on all of
the turbines show “classical” unsteady boundary layer behavior. The measurements from
NGV3 (of both the BR715 and BR715UHL turbines) are more complicated, but can still
be broken down into classical regions of wake-induced transition, natural transition and
calming. The wakes from both upstream rotors and NGVs interact in a complicated

manner, affecting the suction surface boundary layer of NGV3. This has important impli-
cations for the prediction of the flows on blade rows in multistage environments.
[DOI: 10.1115/1.1457455

After an introduction to the subject, the experimental methods are
n presented. Hot film results are then presented from LP tur-

ines that represent conventional, high lift and finally ultra-high-
designs. Each turbine design represents a step in the evolution
our understanding of the aerodynamics of these turbines and

Introduction

Since the fan of a high bypass ratio turbo fan engine produc
up to 80 percent of the total thrust of an engine it is vital that t
low pressure turbine that drives it is efficient. A 1 percent increa:
in LP turbine efficiency gives rise to a 0.7—0.9 percent increase i . .
engine efficiency; see Wisldt]. In over 50 yr of extensive re- (h€ results show the increasing complexity of the flows.
search the efficiency of the LP turbine has risen just 10 percentagd "€ Mach number distribution for conventional lift blading in
points to today’s efficiency levels of over 90 percent. The devel9- 1 has a large and continual acceleration over the leading part
opment of the gas turbine as a whole, and the LP turbine in p&fthe suction surface and up to the peak Mach number. Although
ticular, has therefore reached a stage where rises in efficiency Bfé shown in these inviscid predictions, soon after the peak Mach
increasingly hard to obtain. Manufacturers are therefore lookirtymber, the flow separates under the adverse pressure gradients.
for other ways to make their products more competitive. Up to the peak Mach number, the acceleration is high enough and

Engine weight reductions provide financial benefits to both tttee momentum thickness Reynolds number low enough to keep
airlines and to the engine manufacturers. The LP turbine can bethg boundary layers laminar, despite the effects of periodic wake
to one third of the total engine weight. A way of decreasing itgirbulence. A boundary layer is unstable when it is being deceler-
weight and manufacturing costs is to reduce the number of bladated. Therefore, the turbulence from the periodic passing of wakes
In doing this for a given stage loading, each blade must carryislikely to cause transition from laminar to turbulent flow. How-
greater aerodynamic load. The main loss generation mechanisnewer, as is often the caggee Howell et al 2]) this transition does
the LP turbine is that due to profile loss in the boundary layersot occur until very near the position where the laminar flow starts
When increasing the lift of a profile, it is therefore vital to underto detach from the blade surface. The exact reason for this is not
stand the boundary layer development. The data presented in ol understood, but it could simply be that a separated shear
paper validates the design concepts used in producing these higlyer (or a boundary layer near separatias highly unstable. It
lift profiles. therefore transitions easily when the wake turbulence is above it.

This paper is organized so that it clearly shows the developmentCurtis et al.[3] showed, through a loss-lift parametric study
of both the understanding of wake-boundary layer interactions afiolving a large number of profiles, that it was possible, with
the development of high and then ultra-high-lift LP turbine bladegteady flow, to increase the lift of a datum profile by approxi-
mately 20 percent without an increase in profile loss. Those stud-

Contributed by the International Gas Turbine Institute and presented at the In 5 were carried out at a higher Reynolds number than those pre-
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Lcﬁﬁ- 9 y P

siana, June 4-7, 2001. Manuscript received by the IGTI, December 18, 2000. Pa%@nmled in this paper. The i.ncreaseq I.iﬁ profdeso-called high-lift
No. 2001-GT-441. Review Chair: R. A. Natole. profile) resulted in a Zweifel coefficient of 1.05. Some of these
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High Lift Concepts — a brief overview (which is almost linear out to the freestream, Cumpsty ef7d).
is very stable to disturbances and will not so easily separate in an

fra HIthli.;f; Lift adversg pressure graQierjt, asa laminar profile would. The value of
Conventional Lift the trailing edge velocity is highly dependent on the local pressure
16 } /. gradient, but the leading edge velocity is almost unaffected by it.
! / / / The ends of calmed regions that trail turbulent spots are variously
& 14 reported to travel at approximately 30 percent of the local free
‘E 12 stream velocity; see Gostelow et §8]. The effect of variable
2 J— pressure gradient on the velocity of the calmed region has not
fla 1 fom=" been documented.
@ o Schulte[9] showed the details of how the losses were con-
E 08 | trolled at a Reynolds number of 130,000. He showed that it was
9 06 the interaction of the calmed regions of turbulent sfiismed by
= wake passingthat suppressed the separation bubble. This separa-
E 04 442 tion bubble suppression is the reason for the control of the losses
3 0.2 - Che L on the high lift turbine profiles. Howelll0] and Howell et al[2]
' showed that this understanding could be taken further. Still higher
0 lift blades were investigated in cascade tests: the so-called ultra-
0 0.2 0.4 0.6 08 high-lift profiles.
Normalised Axial Chord The control of the separation bubbles and their losses is depen-
dent on wake-induced transition occurring around the separation
Fig. 1 Comparison of predicted conventional lift. High-lift, and location. Wake-induced transition usually starts at the position
ultra-high-lift Mach number distributions (normalized ); after  where flow separation would occur with steady inflow. This is true
Haselbach et al. [13] in all the cases presented in this paper. The Reynolds number

tested here ranged from 60,000 to 120,000. The low-speed mea-
surements taken at the Whittle Laboratory on a variety of profiles

profiles produced separation bubbles on the rear of the suctiamd at a variety of Reynolds numbers above 130,000 also indicate
surface. The results suggested an optimum profile would be sortfee same onset location of wake-induced transition. In many of
thing similar to that shown in Fig. 1. the low-speed tests carried out, the Reynolds number based on

Wakes shed from upstream blade rows travel over downstreanomentum thickness was approximately 250 just before separa-
blades disturb their boundary layers; see Hodgjrand Ladwig tion. This obviously changes slightly depending on the pressure
and Fottnef(5]. As a boundary layer becomes more receptive tdistribution. However, for the ultra-high-lift profiles(the
disturbances, the high turbulence in the wakes eventually caug#715UHL) part of the design specification was actually to
the formation of turbulent spots through the mechanism of bypasshieve a momentum thickness Reynolds number of at least 250,
transition. Schauber and Kleband®] showed that these spotsby the position of separation. This helped to guarantee that wake
travel down stream in a characteristic manner. An ST diagram isreluced transition occurs at the separation location. This in turn
contour plot of, for example shear stress, with time onyiexis  keeps the performance of ultra-high-lift profile at similar levels to
and surface distance on theaxis; see Fig. 2. The different celeri- previous generations of high-lift or low-lift designs.
ties of the leading and trailing edges of the turbulent spots meanFrom these Whittle Laboratory tests, Rolls-Royce Deutschland
that the regions of high shear seen in ST diagrams diverge in tingsigned the profiles employed on the BR715UHL LP turbine. To
This is because the leading and trailing edge velocities of turbgontrol losses the profiles were aft loaded. Wakes and their effects
lent spots are reported to travel at approximately 90 and 50 pejere used to control the losses generated by the separation
cent of the local free stream velocity for zero pressure gradiefiibbles present in these designs. Howell] also showed that it
flow. Behind the spot is a calmed region of flow that has a fujs also the wake turbulence and not just the effect of the calmed
velocity profile, which is shown in Fig. 2 as region C. This profilgegion that helps to suppress the losses generated by the bubbles
on ultra-high-lift profiles.

Cobley et al[11] describe the many parts of the design process
leading to the development of the LP turbines in the BR700 series

Separated of engines. They also (_jesc_ribe some of the design methodologies
flow transition used to develop the high-lift profiles. Harvey et 2] showed
that the efficiency of these LP turbines is approximately the same
9 3 1A as previous generations. In particular, the BR715 actually
2 Separation/ achieved an efficiency above previous generation LP turbines as
61_) well as 20 percent reduction in blade numbers. FigurgaRen
o from Haselbach et a[.13]) shows the increased lift obtained for
< B the three profiles shown here as compared to current Rolls-Royce
@ designs. These levels of performance were obtained without a loss
&2 penalty.
o A The BR715UHL LP turbine is the most highly loaded turbine
© ever tested by Rolls Royce Deutschland—formally BMW Rolls
2 Royce. No unsteady design tools were available at the time for
Wake this design. Rolls Royce carried out the design in collaboration
transition with the Whittle Laboratory.
1 onset The main objective of this research was to validate the under-
100 standing of suction side boundary layers under the influence of
Fraction of Surface Length wakes. The data presented in this paper clearly illustrate that the
presence of wakes shed from upstream blade rows dominates the
Fig. 2 A schematic diagram of wake-induced transition and boundary layer development. Under no circumstances can the
separated flow transition boundary layer development be considered a steady process. This
386 / Vol. 124, JULY 2002 Transactions of the ASME
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Fig. 3 Lift coefficient versus Mach number for a variety of

blade profiles, including the high-lift profiles of the BR715 and

BR710 demonstrator. The BR715UHL turbine achieves even

high lift coefficients. After Haselbach et al.  [13]. Fig. 4 NGV2 of the BR715UHL LP turbine showing the hot film
array of sensors on the right hand aerofoil

paper shows that the understanding of wake boundary layer in

X ’ ¢ Etween these positions that the hot film sensors were located. The
actions has been successfully employed in the new designs of

films were located at 40 percent span for NGV2 the BR710,

BR700 series LP turbines. BR715 and BR715UHL turbines. The films are located at 50 per-
cent span for NGV3s on the BR715 and BR715UHL LP turbines.
Experimental Details The occasional sensor failure is common on highly three-

Slimensional profiles due to difficulties with securing the hot film
arrays to the curved surface of the blades. Figure 4 shows the
GV2 of the BR715UHL LP turbine with the hot film in position.

The measurement of wall shear stress using hot films was
veloped by Bellhouse and Schulfd4], and is now a well-

established technique. It is possible to calibrate hot films, but t .
is a difficult and time-consuming process; see Hodk and ata from faulty sensors has not been shown, but the analysis of

Davies and O'Donnel[16]. Also, errors of 20 percent or morethe flows was not hampered to any significant extent by such

arise when hot films calibrated in a laminar flow are used to mefg_llures.

sure a turbulent flow. The hot film sensors were used on the aft! € data was ensemble averaged over 200 revolutions of the

: ; ; tream rotor and logged at the rate of 125 kHz for the BR710
part of suction surfaces and were therefore likely to see lamin4PS ;
turbulent, calmed, and separated flow at different positions of tR&d BRFS turbine tes;sé(l):cl)(rl_ithe; BR71ﬁUHL tests, 256 ensembles
upstream rotor, see Halstead et[al7] or Banieghbal et al;18]. we'&e taken a; 3 rate o iz for ﬁqc sensor. oved
Calibration for all these conditions would be extremely difficult, 2 Variety of data processing techniques were employed to re-

and quite probably impossible. It is for these reasons that the Hjéﬁce the data.lAs weIII alstthéa r_?\r/]v quasi shl;alarRsmaSsmfne ”.‘eanl .
film sensors are used in an uncalibrated form, which yieIdsV§l ues were also caiculated. The ensemble Orasignal is a

pseudo shear stress. When used in an uncalibrated manner, §§@sure of the deviation from the ensemble mean of that signal.
absolute level of the shear stress is unknown, bt it is the relatiy8€ €nsémble skew of a signal distinguishes the positive or nega-

magnitude of the shear stress level from sensor to sensor that'y€ deviation of th_e signal at a particular tlr(m_easured relative
the reference timefrom the mean of the signal at the same

obtained. With careful analysis, this relative or “quasi”-sheal.

stress is all that is required to obtain information regarding t gne. With. hot film measurements, the skew of a signal is useful
state of the boundary layers. or d(_et_ectlng how far the boundary layer has pro_gressed through
The highest frequencies associated with turbulent fIuctuatioﬁ@n.s't'oqlgHOdtion ekt aI[le)])t.hIf a boulndsliﬁyblayer IS compltleftgtly_
are thought to be of the order of 300 kHz, whereas the frequen@'Na' then the skew of the signal will be near zero. 1r It IS
response of the hot film sensors is around 30—40 kHz. Therefol edominantly Iamlna_\r with _the occasional turbql_ent component
the majority of the turbulent fluctuations in the boundary lay en t_he ske_w of a S'gn‘"’.‘l will be small, but positive. Where the
cannot be measured. However, laminar, turbulent and separaidd> IS maximum(at an intermittency of approximately 50 per-
boundary layers have very different shear stress levels. %nb then the skew would be approximately zero. As the signal

changes in the levels occur at frequencies of the order of the walecOmes turbulent with a smaller laminar component, the skew
omes negative. As the boundary layer becomes completely tur-

passing of upstream rotors. This means that the hot film sens t the sk f a sianal h It h teristi
can detect the passage of turbulent spots and their calmed regigi§"b [N€ SKEW o a signal approaches zero. It IS a characteristic
ot film gage signals from transitional flows, that the positive

as well as separated flows. The ability to measure these differifl ; Lo . .

flow conditions and their relative robustness makes the hot filifc " early in transition, is more obvious than the later negative

sensors a powerful measurement tool in a rig environment.

other instrumentation capable of unsteady measurement Wasglts

available upstream of the NGVs. Therefore, all the interpretation

in this paper is made solely from CFD predictiofrot shown BR710 High-Lift Demonstrator Rig: Stage 2 Nozzle Guide

and the hot film measurements. Vane—CRUISE. The time history of the raw quasi-wall shear
Past investigations into the development of blade surfas&ress measurements taken at the cruise condition are shown in

boundary layers indicated that most of the interesting physics deig. 5. The uppermost plot shows the measurements at 71 percent

curs from peak suction to the trailing edge of the profile. It isurface length. The lowest plot shows data from nearest the trail-
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Fig. 6 ST diagrams of (a) nondimensional ensemble mean
quasiwall shear stress, (b) nondimensional ensemble RMS,
and (c¢) ensemble skew

Fig. 5 Time history traces of quasi wall shear stress for the
cruise condition of the BR710 LP turbine

ing edge of the blade at 96 percent. The large upward spikes .Uasi-wall shear, one can see regions of high RMS,(Bpand
shear stress are due to turbulent spots traveling over the sensgis, - regions of‘slightly negative skew in Figch This is con-
The signals at 71 percesf show turbulent spots, but little evi- gistent with the interpretation that these regions are caused by

dence of calmed flow. The quasi-wall shear stress between theggsitional flow and are caused by the movement of turbulent
wakes (while not zerg probably indicates that this is near thespots over the sensors.

position of separation. There are large fluctuations in the boundary
layer at the final sensor indicating that transition is not complete atBR715 Engine Stage 2 Nozzle Guide Vane—TAKEOFF.
this Reynolds number. Calmed regions of flow can be seen &te raw signals from the hot film sensors of the NGV2 of the
some locations, particularly those regions marked C, howev&R715 LP turbine are presented in Fig. 7. The signal from the
these calmed flow regions do not survive until the trailing edge eknsor at 78 percestis characteristic of a disturbed lamin@nd
the profile. mostly separatedboundary layer. Occasionally, a passing rotor
The measurements within the ellipse show an interesting fesake causes transition to occur via the formation of a turbulent
ture. There seems to be an absence of turbulent spots at the §sit, but only in about one in five wake passings, at this Reynolds
sensor around the thirteenth wake. This allows separated flowmber and surface position. The sensors further downstream in-
transition to occur as wake-induced spots are not present to digsate that more turbulent spots have formed as the boundary
turb this process. The wake turbulence will obviously be presetdyer becomes more receptive to the wake disturbances.
so this separated flow transition cannot be considered to occur afigure 8 presents data from this NGV as ST diagrams similar to
it would in a steady environment. A frequency doubling of théhose in Fig. 6. Wake-induced transition occurs, on average, at 82
fluctuations can be seen as the flow travels from the sensor at@8cents as indicated by a wedge-shaped region of high quasi-
to 92 percens which is often seen in separated flow transition; fowall shear(contours gray to blagk The trajectories drawn onto
example, see Gostelow and Hofp]. the figure are those that correspond to the leading and trailing
Figure 6 shows the ST diagrams. The black circles at the topediges of turbulent spots. The final trajectory is the approximate
such plots indicate the position of the functional sensors. @Jot velocity of the end of the calmed region. These trajectories have
shows the nondimensional ensemble mean quasi wall shear strbegn calculated from predicted blade surface pressure distribu-
(b) shows the ensemble RMS, afr) shows the ensemble skew.tions assuming constant values for the convection rates.
The relevant scales for each plot are located on the right hand sidét is noted that near the leading edge the contours of ensemble
of the figure. The shear stress is made nondimensional by timean, RMS and skew seem to travel faster than the local free
maximum value of shear stress measured by each sensor, i.e.,
7(s,t)TmadS), Wheret is time. This serves to enhance the periodic
fluctuations in shear stress, but at the expense of their overall
level. The RMS of the data is made nondimensional by the maxi-
mum value of RMS measured at each sensor,#/és,t)/7,,.(S).
Figure &a) shows a wedge shape region of high shear starting
at approximately 71 percest(within the dashed lingsThe trail-
ing edge of this wedge travels at approximately 50 percent of the
local freestream velocity, while the leading edge travels faster at
around 90 percent. The dashed lines on the figure correspond to

425
these velocities and were calculated from a predicted velocity dis- :MMNWMM

tribution. The final ling(with the steepest gradientorresponds to 0 L E L R

the probable celerity of the calmed region. The calmed region is WP PYUSNA AR N

ZM_\M/MW\MM—\A—,\ML/\W
0

e e Ve e 78%s

ZBZ_WMWMJN

0 e e e T Bo%s

LA RAN I o)

0 e e e e 86%s

Quasi Shear Stress
g

var!ously reported to travel at 30 percent U. The velocity dis_tri- 0 R T e 25904%8
bution (not shown also showed that boundary layer separation
occurs at approximately 70 percest which is where wake- Wake Passing Periods

induced transition starts to occur.
At the same phases and surface positions as regions of higig. 7 Raw hot film data from NGV2 of the BR715 LP turbine
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Fig. 10 ST diagrams of nondimensional ensemble mean
quasi-wall shear stress from NGV3 of the BR715 LP turbine;

Fractions of Surface Length CRUISE conditions

Fig. 8 ST diagrams of (a) nondimensional ensemble mean
guasi-wall shear stress, (b) nondimensional ensemble RMS,
and (c) ensemble skew. Data is taken from NGV2 of the BR715

LP turbine. variation over the surface of NGV3 of the BR715 LP turbine at

the cruise condition. The shear stress starts relatively high and
drops as the boundary layer thickens despite the flow acceleration.

stream velocity. It is believed that the wake causes transition Bjter the minimum at 75 percerg the shear stress increases due
causing the formation of turbulent spots under its path. The wak@ the boundary layer undergoing transition. This increases the
convects at the local freestream velocity, but the spot’s leadiggnount of turbulent flow at each sensor location and therefore the
edge travels at approximately 0.9 U. Therefore, the wake ovépean level of quasi wall shear stress. Computational predictions
takes the spots it has formed, allowing it to form further spoghowed that time mean position of boundary layer separation oc-
ahead of the original ones. The wake then finds itself furth€krs at approximately 65 percesit
downstream and over a region of flow that is more receptive to Figure 1@a) shows regions of high ensemble mean quasi-wall
disturbances. Spots may also form under regions of the wa%@ear (marked “H2") originating at 75 percens. These are
where the turbulence level is lower, that is, ahead of the wak@used byand occur at the wake passing frequencytbé wakes
centerline. In this way, the leading edge of the wake-affected zofed from Rotor 2. The regions marked “H4” are not in fact
may seem to travel faster than the free stream. Regions of higftgions caused by the high shear in turbulent spots. They are
ensemble RMSFig. 8b)) and negative skew occur at the sam&imply the response of the laminar boundary layers to the passage
positions in time and space as those of high shear. This is congi§wakes in the freestream. Because of the method of making the
tent with the interpretation of wake-induced transition occurring &@ta nondimensional, the levels of the regions H4 and H2 are the
78 percents. Regions of high ensemble RMS seem to occur jusgme color, however, they are very different levels. The mean
before the arrival of each wake. This could be separated fl&yasi wall shear stress in Fig. 8 shows that the mean shear stress
transition starting to occur as it starts after the calmed region isfdecreasing in this region. The RMBot shown of this data is
the previous spots have passed, see regions marked “S.” almost constant up to peak suction in these locations and the skew

Both NGVs of the BR710 and BR715 engines show classic&/so not showhis also near zero. The conclusion is that wake
wake induced transitional behavior of the boundary layers. NG\gansition occurs in the region of laminar separation and not
of the BR715UHL also shows this behavior, but the data has riegfore.
been presented for brevity. Figure 1@b) shows data for the same condition but at a differ-

) ) . ent position of the upstream rotor. Again the regions marked H2

BR715 Engine Stage_3 szz_le Guide Vane—_CRUISE.F'Q' are seen, but there are also other regions marked H1, which are
ure 9 shows the variation in time mean quasi-wall shear stregonger than those in Fig. @), and are of only a slightly lower
quasi-wall shear that those marked H2. They show that transi-
tional activity occurs at these surface positions, for certain posi-
tions of the upstream rotor. Therefore, there are two regions of
transitional activity and which occur at Rotor 2 blade passing
frequency. A possible explanation for this is the following. The
first transition region seen in the ST diagrafht?) is caused by
Rotor 2 and occurs at 75 percentThe other transition region is
caused by wakes from NGV2 that pass through Rotdregion
H1). Rotor 1 in turn modulates NGV2 wakes. The difference in
blade counts for Rotors 1 and 2 leads to the low-frequency beating
(modulation, whereby at some Rotor 2 positions the strength of
the second transition region is diminished. The amplitude-
modulated wakes are distorted as they travel through NGV3,
which makes interpreting the data more difficult.

This beating in this data is similar to that measured by Arndt
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Fig. 9 \Variation of time mean (solid lines ) and the envelope of
the ensemble mean quasi-wall shear stress for NGV3 of the
BR715 LP turbine

Journal of Turbomachinery

[21]. In that investigation Arndt showed that Rotors 1 and 2 inter-
actions gave rise to amplitude modulations of the strength of the
wakes that entered NGV3. Regions marked H1 reduce in strength
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Fig. 11 Ensemble mean data for one revolution of Rotor 2 of
the BR715 LP turbine

Quasi Shear Stress

as they reach the start of regions H3 because they are older tui
bulent boundary layer. New turbulent boundary layer is formed at
H2, which has a higher quasi-wall shear stress.

Figure 11 shows the variation of quasi-wall shear stress for a
hot film sensor located at 71.5 percerdn NGV3 for a complete
revolution of Rotor 2. It can be seen that there is a variation in the
amplitude of shear stress from the interference in region A, to thgused by the strong separated flow transition present. Cascade
reinforcement that occurs in regions B. The variation of shegieasurements on ultra-high-lift LP turbines have shown that the
stress is a consequence of the changes in turbulent spot producg@paration bubbles and their transition can dominate the flows on
rates that occur because of the beating effect. Wakes with higfase blades, Howell et 42] and Ramesf22]. It is believed that
turbulence intensity are likely to cause the higher shear stregsthis case, the wakes simply modulate the separated flow tran-
regions circled in region B. Arnd21] carried out measurementssition process and so the wake-induced transition is not easily
with a hot film probe traversed upstream of the inlet of NGV3gen from hot film measurements alone.
from an MTU LP turbine and observed a similar beating of the The ST diagrams of this data show wake-induced transition
inlet turbulence field. occurring more clearly than the raw data of previous plots. For

BR715U Engine Stage 3 Nozzle Guide Vane—CRUISE. example, see the ensemble mean quasi-wall shear stress data in

. h Fig. 15 and in particular regions marked H1 and H2—these mark
The final hot film measurements are taken from the BR715U - s . ;
turbine. These show similar results as from the 3rd-stage NGVLI e onset of wake induced transition. This occurs at approximately

the BR715 turbine but it should be remembered that blades on t ﬁ%ﬁ:ﬁﬁ;ﬁ?gdﬁgggﬂg: EEFS ?S:Jb?g:rgr?(/j?frf.erent from the pre-

LP turbine generate 12 percent more lift than the BR715 tu.rb"\%us one and no beating could be seen in the data. Again, this is
The measured and predicted pressure distributions for this pro-

file are shown in Fig. 12. The measured static pressures show at
pressure plateau and therefore boundary layer separation starting
at approximately 82 percent axial chord. This is a little later than 1.0
the hot film measurements will have us believe. However, given 3 O_O]WMMWWW 656
the few static pressure tappings available in this rig, it is not 2 10 ' ' ' ’
unreasonable that there is a difference. @ - 1\/WW]\”HI/MM\/V\MM
The time history of the raw data for various sensors along the ~ %° — i 75.4
surface can be seen in Fig. 13. There is no obvious evidence o : :
individual turbulent spots %r indeed calmed regions. Other data Wake Passing Periods
Dounary ayers on ulra-nign-if profles do ot seem to ol 12 | ENSeTble mean skew fo to sensors stouing the
y lay 9 pr . . ghange in periodicity of the data as the flow travels down-
as much calmed flow near the trailing edge as lower-lift profilegyeam
This does not necessarily mean that calmed regions do not exist in
these flows: it just means that they are not obvious from raw data.
Further examination of these figures shows that there is little pe- 5.0
riodicity in the raw data, however wake-passing events can be
seen in some of the data presented in the skew data in Fig. 14. The
lack of periodicity in the flows on this turbine is believed to be

Fig. 13 Time history of the raw data
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Fig. 15 ST diagrams of (a) nondimensional ensemble mean
Fig. 12 Predicted (solid line ) and measured (circles ) static  quasi-wall shear stress, (b) nondimensional ensemble RMS,

pressures on NGV3 of the BR715U LP turbine; CRUISE condi- and (c) ensemble skew. Data is taken from NGV3 of the BR715U
tions. After Haselbach et al. [13] LP turbine.
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Low Speed Profile BRTIONGV2 BR715NGV2 Conclusions

- Boundary layer separation occurs on NGV2 of the 710 LP tur-
> bine rig soon after peak Mach number, and reattach before the
. trailing edge. At cruise Reynolds numbers, wake-induced transi-
[ s tion starts at around the separation position, but separated flow
] transition is not complete by the trailing edge. Calmed regions can
be seen in much of the data of this conventional lift LP turbine.
‘ Results from NGV2 of the BR715 LP turbine rig show periodic
| wake-induced transition starting at around 71 percenElow
by 94 separation occurs near the same position, but only between wake-
Fractions of Surface length induced transition regions. Calmed regions can be seen in much of
the data, even at the trailing edge. It is possible that there is an
Fig. 16 A comparison of low-speed and high-speed measure- open separation at the trailing edge at some rotor positions and at
ments of ensemble quasi-wall shear stress from various pro- the Reynolds number shown, but on averéigeime) the trailing
files edge flow is attached.
The results from NGV3 of the BR715 LP turbine are far more
. ) ~ complicated than those for NGV2 of the same turbine. This blade
not to say that beating does not occur, but it could be that it jgw is subjected to a more disturbed flow, as there is another stage
disguised by the separated flow transition, which seems to be #lgead of it. Wake-induced transitignaused by Rotor )2occurs
dominant transition mechanism. ~at around 75 percerst A wake transition region occurs between
_The doubling of the wake passing reduced frequefseen in those caused by rotor 2, and is probably caused by NGV2 and
Figs. 10 and 1p which the 3rd-stage NGVs are subjected can bg combination of NGV1, and Rotor 1 causing a beating frequency
considered beneficial, particularly for the ultra-high-lift profileswith Rotor 2. RMS and skew data are consistent with this
Higher Reynolds numbers occur in the first stages of the LP tygterpretation.
bine, while lower Reynolds numbers occur in later stages. This iSThe results from NGV3 of the BR715 LP turbine are similar to
fortuitous as high reduced-frequenci@sused by multistage in- those of the same NGV on the BR715 LP turbine, except that the
teractions occur in later stages in the LP turbine where the largejfeparated flow transition seems to dominate the flow. This is prob-
separationgdue to lower Reynolds numberare likely to be bet- aply due to the increased deceleration used on these profiles used
ter controlled, see Howell et di2]. In the first few stages, there g generate the increased lift. There is an absence of the beating in
are fewer blade row interactions; but as Howell ef2].showed, the BR715U turbine data. The beating is almost certainly present,
one does not desire reduced frequency doubling as this increaggscould be that the separated flow transition tends to disguise
losses. this.
The most important features of the measurements from the sec-
nd stage NGVs of all the high-speed turbine rigs are present in
adlow-speed rigs. It is with results from low-speed rigs tests that
ie physical understanding of wake boundary layer interactions
as been obtained. This in turn has provided the firm base on
ch to develop the high and ultra-lift profiles presented.
one of the flows on these NGVs can be considered steady.

o

Wake Passing Periods

Comparison With Low-Speed Data. Having described some
of the salient details of the data from the high-speed rigs, it is no
appropriate to compare these measurements to some take fro
low-speed facility designed to simulate the presence of an
stream rotor. >

Figure 16 shows ST diagrams of non-dimensional ensemm@'
mean quasi wall shear stress data from both second stage N .
from the LP turbines already discussed and also from a low-spe refore, design me_thods that neglec_:t _the unsteady effectg of
high-lift blade. The low-speed profile is described by Curtis et aj/akes are completely incapable of predicting the flows. As design
[3] and is denoted profile H. Measurements from the low spe&gV€l0Pes are pushed furtiem terms of lify it will be a require-
profile capture all the important features that are seen in the higRENt that design methods can predict these unsteady features.
speed measurements. The onset location of wake-induced transiLNiS Paper has shown that through a program of mainly low-
tion is shown as a region of high shear stress denoted W. Tﬁgeed experimental research, a good understanding of the interac-
region forms a wedge shape that is bounded by the trajectoried'8fS Of wakes turbulence and boundary layers has been devel-
the leading and trailing edge of turbulent spots. oped. From this knowledge, incremental steps have been taken

Separated flow transition can be seen occurfingtween the that has aIIovx{ed thg develqpment of ultra-high-lift profiles. The .
wakes on the low-speed profile and BR710 profile. The last ser_‘f"-ﬁe(’t.S of muItlstage interactions have also b_een under_stood, and it
sor on the BR710 profile was located at 94 percemthereas the is be_lleved that thls understandlng can help in the design of future
last sensors on the other profiles were at around 96 pescéit multistage machines, particularly at low Reynolds numbers.
separated flow transition occurs late on the blade, then the sensors
on BR715 profile may not be far enough back along the surface to
measure this. The data from NGV2 of the BR715UHL turbin
show very similar features to NGV2 of the BR715 turbine, and s%cknowledgments
have therefore not been shown. Rolls Royce Deutschland GmbH and Rolls Royce plc are ac-

The low shear regions caused by the spot’s calmed regions déowledged for funding this research and granting permission to
be seen in the raw data of all measurements. The wake pasgwiplish this information.
frequency of the high-speed rigs was of the order of 3 kHz, but for
the low-speed measurements the frequency is just 60 Hz. The
frequency response of the hot films was the same for both re-
gimes. The low-speed measurements therefore allow a muQdmenclature
larger number of samples to be taken per wake passage. This gives )
better quality data, allows much better analysis and illustrates the 7w = duasi-wall shear stress
advantage of taking measurements in low speed rigs. This type of 7w = RMS of signal
moving bar wake generator cannot simulate an upstream stator 7, = nondimensional ensemble mean quasi-wall shear

row because the moving bars do not turn the flow. However, their stress

use in gaining the highest quality data with relative ease and al- 7,, = nondimensional ensemble mean RMS

lowing parametric studies is obvious. s = surface length
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Pressure Surface Separations in
wicnaet 1. srear || LOW-Pressure Turbines—Part 1:
e-mail: mjbrear@unimelb.edu.au IVI I dspa n Be ha"I Or

Howard P. Hodson

e-mail: hph@eng.cam.ac.uk This paper describes an investigation into the behavior of the pressure surface separation
) at midspan in a linear cascade. It is found that the pressure surface separation can be a

Whittle Laboratory, significant contributor to the profile loss of a thin, solid, low-pressure turbine blade that

Cambridge UUIVBFS'W’ is typical of current engine designs. Numerical predictions are first used to study the
Cambridge, UK inviscid behavior of the blade. These show a strong incidence dependence around the

. leading edge of the profile. Experiments then show clearly that all characteristics of the

Neil W. Har"ev pressure surface separation are controlled primarily by the incidence. It is also shown
Rolls-Royce, plc, that the effects of wake passing, freestream turbulence and Reynolds number are of

o Derby, UK secondary importance. A simple two-part model of the pressure surface flow is then
e-mail: neil.harvey@rolls-royce.com proposed. This model suggests that the pressure surface separation is highly dissipative

through the action of its strong turbulent shear. As the incidence is reduced, the increasing
blockage of the pressure surface separation then raises the velocity in the separated shear
layer to levels at which the separation can create significant loss.

[DOI: 10.1115/1.1450764

Introduction method that can be used in the preliminary stages of design. Ex-

The intense competition within the airline industry creates su eriments are performed at midspan on a thin, solid, low-pressure
p y rbine blade in linear cascade. In keeping with studies such as

tained pressure to achieve reductions in both the cost of manufe(b-rtis et al[1], the effect of a more “engine representative” dis-
ture and the weight of modern aircraft engines. The Iow-pressu[{frbance environment is also investigated. A complementary study

turbine accounts for roughly one third of the gross weight of th&,\cerning the effect of the pressure surface separation on the
Rolls-Royce “RB211" and “Trent” series of aircraft enging4]. secondary flow is presented in Brear et[8l.

As a result, there is significant demand for low pressure turbine
blades that are both light and inexpensive. For the designer, re-
duced engine weight implies a choice between thin, solid, afkperimental Methods
thick, hollow low-pressure turbine blades. However, thin, solid

- - Il experiments were performed in low-speed, open-return
?r:iieshg{gﬁugggggagﬁ dcgigp%;?efrgraenuiggr?n trr]r?gsf ?#cl)\éiae ind tunnels at the Whittle Laboratory. Further details are given
desiéns ' ' i Brear[9]. The “moving bar cascade,” discussed in more detail

of th d . ‘ fal tb Curtis et al[1], was used to simulate the wakes shed from an
 Of course, the aerodynamic performance ot a low-pressuré Wisqyeam plade-row. Wakes were generated by circular bars of
bine blade must also be acceptable. In particular, thin, solid bla

) . “fnm diameter which translate circumferentially along a plane
often have a separation bubble near the leading edge on the p[§sateq 50 percertt, upstream of the cascade leading edge. This
sure surfaceat design condltlor_lsThls _separatlon is referred t0 asgnoice of bar diameter and axial location was shown by Howell
the “pressure surface separation.” Given that thick, hoII_ow blades al.[10] to generate wakes that are representative of those inside
can be designed to avoid this phenomenon, the relative aeroglys |ow-pressure turbine. The cascade consisted of seven blades
namic performance of thin, solid blades is dependent on the Iqgsg. 1) with circular leading edges and parameters given in Table
that the pressure surface separation produces. 1. Itis noted that H¢7] studied the same profile, but on a cascade
The behavior of the pressure surface separation inside the §@th a lower aspect ratio.
tating rig is complex and appears to be affected by both centrifu-The behavior of the pressure surface separation was studied in
gal and radial pressure gradient effef@s-4]. However, it is gen- three disturbance environments: steady inflé8), with wake
erally found that separation occurs close to the leading edge gnksing(W) and with a turbulence grid in plad&). RMS inten-
the location of reattachment moves further downstream with rsities are given in Table 2. The steady inflow and grid investiga-
duced flow coefficientor incidence. Pressure surface separationsions were performed at 10 deg, 0 and-10 deg incidence. The
in linear cascade also exhibit a strong dependence on incidenzske passing investigation was only performed at 0 deg inci-
[5—7]. However, only Yamamoto and Nou$@| performed mea- dence, for which the flow coefficientg(=Vy/U) was fixed at
surements of the pressure surface boundary layer. Their res@lfs3 and the reduced frequenéy; 0.29,0.58,1.16, was varied by
suggested that the pressure surface separation could produce gignging the spacing of the bars. The range of Rased on
nificant loss although this was not quantified. blade chorglwas from 100,000 to 300,000, although most results
The main aims of this investigation are therefore to quantify th@ere obtained at a cruise Ref 130,000. In all cases, the suction
loss produced by the pressure surface separation, to identify sweface boundary layer was tripped at 73 perc@ntvith a 0.41-
mechanisms that give rise to this loss and to develop a predictioim-diam stainless steel trip. This limited the effect of variations
in the suction surface flow during the present study, but increased
Ipresent address: Department of Mechanical and Manufacturing Engineeritige overall profile loss considerably.
University of Melbourne, Australia _ ) The turbulence grid was specifically chosen so as to create an
Qontnbuted by lthe InternatlonaI_Gas Turbine Institute gir]q presented at the Inteé—ngine representative” turbulence intensity. It was placed ap-
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui- .
siana, June 4-7, 2001. Manuscript received by the IGTI, October 20, 2000. PaH&pX'mately 870 mm upstream of the central cascade blade and
No. 2001-GT-437. Review Chair: R. A. Natole. was composed of a square array of 12.7-mm circular bars with
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_ Poi=Po2
30.4° - Poi— P, 2

-10° whereP, is the stagnation pressure measured at 125 pe@ent
o In order to obtain a mass averaged pressure surface loss coeffi-
0 cient (Ypg), the flow at 95 percent, was assumed to be at the
i=+10° blade design exit angleatp) and with uniform static pressure
62.8° equal to ambient pressure. Both of these assumptions are closely
- satisfied at 125 percer@,, meaning thatYpg is a reasonable
measure of the contribution by the pressure surface to the overall
mass averaged profile loss at 125 perd@épt Ypg and Yp were
measured using a “Zoc” differential pressure transducer-df0’
H,O range. The uncertainty of measuring both and Ypg is
estimated to be-0.0017 at Rg=130,000, which is a considerable
Fig. 1 Blade A and the angles of incidence studied fraction of Ypsg.
Smoke-wire flow visualization was used to reveal the structure
of the pressure surface separation at midspan. A wire made of
“80/20 Vacrom” was placed upstream of the cascade. It was 0.12
76.2 mm pitch. RMS intensities are given in Table 2. The stream in diameter and had 88(/m impedance. “Shell Ondina Oil
wise integral length-scale of the turbulence was approximately 1" oil coated the wire and a DC voltage was applied between its
mm at 0 percenC, and midpitch. two ends. A 1 kW columnated Halogen lamp was placed down-

Hotwire measurements along the pressure surface and at inletfi@am of the cascade. This produced a sheet of light that was
the cascade were performed with “Dantec” single, normal hopositioned to illuminate the midspan section. A high-speed, digital
wires and Dantec constant temperature anemometry equipmeniideo cameraKodak Ektapro, model 454Qvas positioned next
total of 8192 samples were measured at a 2-kHz logging frgy the cascade. A perspex cascade endwall allowed viewing of the
qguency, with the low-pass filter set to 1 kHz cut-off. The entir@ressure surface flow.
pressure surface flow was mapped out with 19 circumferential
traverses from 95 to 5 perce@t along the pressure surface in 5 . L
percentC, increments and a further traverse at 1 per@pt Al Numerical Predictions
traverses extended from 0.1 mm circumferentially above the pres-The numerical predictions were performed with a steady, two-
sure surface to one third of the blade pitch. Details of the calibragimensional, viscous/inviscid coupled solver named “Mises”
tion procedure are given in Breg®]. Uncertainty ofu was esti- [11]. This was only used in its fully inviscid mode in the present
mated to be+0.1u in the separated shear layer an@®.03u in  study and predictions were performed at a cascade exit Mach
the freestream and attached flow. number of 0.2. Special attention was paid to the resolution of the

The surface static pressure was measured around the blade W#tling edge flow and grid independence was achieved easily.

a “Scanivalve” differential pressure transducer af35 mbar
range. Uncertainty of//V, is estimated to be-0.02.

A single pitot probe was used for measurements of the pressﬁ
surface loss Ypg) and profile loss Yp). The probe tip had 0.5  giagnation Pressure Loss. Figure da) shows typical wake
mm o.d. and 0.3 mm i.d. The small diameter was required f%Iaverses performed at three incidences. The wake profile is es-
reasonable resolution of the pressure surface boundary layer.

K . d 5 dth Qﬁtially symmetrical at-10 deg incidence. As the incidence is
wake traverses were performed at 125 per€riind the pressure o4, ceqd, an extended region of stagnation pressure loss develops
surface traverses were performed at 95 per@ntThe pressure

o ) on the pressure side of the wake. Figur)2shows that this
surface loss coefficientypg) was defined as region of pressure side loss originates upstream of the trailing
Po1— Po.os percerex edge: at a given incidence, the magpitude of the asymmetry in
— P _p. (1) Fig. 2(a) is matched by the traverses in Figh2

01 2 The variation of pressure surface loss with Reynolds number is
wherePg g5 percerex 1S the stagnation pressure measured at 95 peshown in Fig. 3. The effect of the turbulence grid was within the
centC, . Similarly, the profile lossYp) coefficient was defined as experimental uncertainty. Furthermore, the pressure surface loss

when wake passing was included could not be measured directly
because the loss associated with the wakes could not be separated
from that generated along the pressure surface. As an estimate of
Table 1 Parameters of blade A the significance of the data in Fig. 3, the mass-averaged values at
Re,=130,000 correspond to approximately 0.5, 0.6, and 1.2 per-

Yp

gsults and Discussion

Yps=

chord, C (mm) 148.3 cent of the isentropic efficiency of a modern low pressure turbine
axial chord, Cyx (mm) 126.8 operating at+10, 0, and—10 deg incidence, respectively. This

- suggests that the pressure surface flow can have a significant im-
pitch, s (mm) 103.3 pact on the performance of the low pressure turbine.
span, h (mm) 375.0 Isentropic Velocities. Figure 4 shows the predicted effect of
: — > incidence on the flow around the leading edge. The stagnation
inlet flow angle at i=0°, &; (°) 304 point moves from near the pressure surface blend point &2
design exit flow angle, azp (°) 62.8 deg incidence to approximately coinciding with the suction sur-

face blend point at-10 deg incidence. The stagnation points are

_ B o also accompanied by peaks in velociipdicated by the second
Table 2 RMS intensities at 0 percent  C, and midpitch arrow extending from the leading edge ceptamich will be
called leading edge “spikes[12]. The varied location of these

steady wake passin, turb. . . . . o
inflow | 1 T 7 grid spikes shows that they amet associated with any discontinuities
=0.29 =0.58 =1.16 in curvature, but instead suggest that they arise in the smooth flow
| ugms/Vy 0.6 4.0 5.8 74 4.0 around a surface with a small radius of curvature.
394 / Vol. 124, JULY 2002 Transactions of the ASME
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Fig. 2 (a) Wake at 125 percent C,, and (b) pressure surface

stagnation pressure loss traverses at 95 percent
=130,000, steady inflow )

As the incidence is reduced, the leading edge spikes from t
start of an extended region of deceleration on the pressure surfi
(Fig. 5(@)). Furthermore, Fig. 4 suggests that there must be a spi
on the leading edge and that the magnitude of the inviscid dec 02
eration on the pressure surface is controlled by the location of t
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Fig. 4 Predicted contours of isentropic velocity around the
leading edge

leading edge stagnation point. Given that the magnitude of these
leading edge spikes primarily determines the intensity of the in-

viscid deceleration downstream of the leading edge, it appears that
the leading edge flow gives rise to the strong incidence depen-

dence of the pressure surface separation.
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Fig. 5 Isentropic velocities from numerical prediction and ex-

periment (a) under steady inflow
deg incidence (Re,=130,000)

(Re,=130,000), and (b) at O
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at —10 deg incidence illustrates the behavior of the pressure sur-
face flow (Fig. 6). At midspan vortices of spanwise sense form
periodically: the structure labeled 1 can be seen to be relatively
small in the first imagétop left) and then undergo a rapid growth

as it travels downstream. By the fourth ima@mttom lefd, it is
approaching the scale that structure 2 had in the first image. The
frequency of this process matches that observed in the hotwire
measurements discussed later. Similar behavior to Fig. 6 was also
observed at-10 and 0 deg incidence. This suggests that transition
within the pressure surface separation is characterized by the
growth, transport and eventual breakdown of vortices. Significant
unsteadiness continues downstream of the mean reattachment
point (R).

pressure surface

Hotwire Measurements. Figure 7 is in qualitative agreement
with the smoke-wire visualization presented in Fig. 6. Further-
more, Fig. 7 shows the incidence dependence of the entire pres-
sure surface flow. The trend seen in Fig. 7 therefore agrees with
those presented in the stagnation pressure loss measurdfignts
2(b)) and the isentropic velocity distributior&ig. 5a)). Since
unsteadiness must take its kinetic energy from the mean flow,
regions of unsteadiness are often coincident with regions of stag-
nation pressure loss. Therefore, Fig. 7 suggests that the added loss
created by reducing the inciden¢Eig. 2(b), Fig. 3 originates
mainly within the pressure surface separation.

A Mean velocity profiles throughout the pressure surface separa-
suction Surfacelof adjacent blade  tion at 0 deg incidence are shown in FigaB Reversed flow is
not indicated since a stationary, single hotwire cannot determine
Fig. 6 Smoke wire visualization at i=—10 deg (Re,=130,000, the flow direction. The velocity profiles are inflectional within the
steady inflow ) separated shear layer. Although not shown, there is also a trend for
the point of inflection to move further away from the pressure
surface with a reduction in incidence. Thus, the pressure surface

separation becomes thicker as it becomes longer. In order to pass

For a given blade, the location of the leading edge stagnatignyiven massflow through the bladerow, it follows that the veloci-
point is controlled by the incidence. In design, the location of the

stagnation point at a given incidence can be controlled, for ex-
ample, by variations in the inlet metal angle of the blade. Of
course, careful placement of the stagnation point can only be done
at one incidence. This suggests that leading edge spikes cannot
always be avoided on thin turbomachinery blades that operate
over a large range of incidences.

While leading edge spikes may form the start of the inviscid
deceleration along the pressure surface, the extended region of i=+10°
deceleration from O to 30 perce@t, occurs because the profile in
question is relatively thin. Brear et §8] show that thickening the
blade profile removes this extended region of adverse pressure
gradient, and hence the pressure surface separation. However, this
may be undesirable due to the cost reasons described earlier.

Figure §a) shows that the pressure surface separation signifi-
cantly modifies the static pressure distribution around the leading
edge and foreblad€ to 50 percenC,). The magnitude of the 0°
peak velocity in experiment is smaller than that found in the in-
viscid numerical predictions. This is in keeping with Walraevens
and Cumpsty{12], who suggest that the differences between the
inviscid and experimental isentropic velocity distributions is be-
cause the leading edge separation increases the radius of curvature
followed by the flow.

The location of reattachmeitidentified asR with appropriate -10°
subscripts is shown in Figs. &), (b) as occurring at the local
maximum of static pressure. This method of locating the reattach-
ment point is shown by Brear et dI8] to be reasonable using
surface flow visualizations obtained both from experiments and
numerical predictions on blade A. In an inviscid flow, a point of
attachment is, of course, a local maximum in static presege approx. cent.re of shear layer
the leading edge stagnation points in Fig. Burthermore, the (local maximum of ugy)
mean velocity profiles presented in Fig(a8 suggest that this
method is valid. Figure &) is therefore clear evidence that the
size of the pressure surface separation increases considerably with
reduced incidence.

Fig. 7 Contours of ugys/V, along the pressure surface (con-
Smoke-Wire Flow Visualization. Smoke wire visualization tour level =0.01V,, Re,=130,000, steady inflow )
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=+10 deg (Re,=130,000, no wake passing )

ties through the separated shear layer must increase as the inci-
dence is reduced. The consequences of this are discussed latérave a “most amplified frequency15]. This most amplified fre-
Figure &a) also shows that the point of inflection of the meamuency should be evident in raw traces: as Figal@hows at
velocity profiles moves closer to the pressure surface with tige,=130,000 andt+10 deg incidence, there is a strongly periodic
addition of wake passing. The reattachment polR{y), again disturbance with a frequency of approximately 90 Hz at 10 per-
identified as a local maximum in static press(fég. 5b)), also centC,. Further into the region of exponential growth, this fre-
moves upstream. Therefore, wake passing makes the pressureguency can still be seen in the trace at 20 per&ntalthough it
face separation smaller. This was also true of the addition of tige partially masked by unsteadiness of other timescales. By 40
turbulence grid: the location of reattachment at 0 deg incidenpercentC, , exponential growth has ended, the shear layer is re-
with the turbulence grid in place was the same as that shown fattaching and the raw trace exhibits unsteadiness with a range of
the wake passing case in Fig@® Indeed, the addition of the timescales including that of the most amplified frequency. This
turbulence grid or wake passing always reduced the size of tfieal trace can be considered turbulent. Under steady inflow, the
pressure surface separation regardless of the wake passing fag+ signals at 0 and-10 deg incidence also exhibited clearly
guency or the incidence. periodic behavior, with similar frequencies to that observed at
Figure 8b) shows profiles oligys that are typical of hotwire +10 deg incidencéTable 3.
measurements in separation bubBlE3,14). There is a peak value  Table 3 shows that the length/time-scales of the wake passing
of urms, which will be defined as occurring at the center of thand the turbulence grid are of the same order as the “most ampli-
separated shear layer. In keeping with Figa)8the peak value of fied” scales present within the separated shear layer under steady
Ugms Moves closer to the pressure surface with the addition offlow (the length-scales associated with the most amplified fre-
wake passing. Once again, similar behavior always occurred irgencies observed under steady inflow were calculated by assum-
spective of whether wake passing or the turbulence grid was usedy a convective velocity of half the shear layer edge velgcity
In all disturbance environments, the peak valuaigf;s coin- Since the separated shear layer should be unstable to a range of
cided with the point of inflection of the mean velocity profilesfrequencies around its most amplified frequency, it is reasonable
over most of the separatioeg., Figs. 8), (b)). This has been to expect that the separated shear layer responds to these various
observed in several studies of separation bubbles, and stronfglyms of freestream disturbance. Figurglds evidence of this:
suggests that the dominant transitional mechanism of the pressilne wake passing frequency can be seen in the “freestream” raw
surface separation was the Kelvin-Helmholtz instabilt$—15.  velocity trace as well as in the earlier stages of transition along the
Figure 9a) shows that the maximumgy,s grows rapidly under center of the separated shear layer. As Fif) 8hows, this results
steady inflow. This is particularly clear at10 deg incidence, with in a more rapid rise in the unsteadiness within the separated shear
approximately exponential growth occurring over nearly the entitayer. The turbulence grid has similar effect, with its excitation
length of the pressure surface separation and ceasing near redist clear at-10 deg incidencéFig. 9b)).
tachment. The growth at 0 and10 deg incidence appears to be Most authors consider that increasing the entrainment of the
more rapid than at-10 deg incidence and ends well before reatseparated shear layer draws the dividing streamline towards the
tachment. In keeping with the results of several other studies, Figall, thereby shortening the separatid,16|. If this is the case,
9(a) is therefore evidence that spatially linear stability theory cawake passing in the present study has a qualitatively similar effect
be used to describe the transition of the separated shear layetoirthat of the freestream turbulence: both forms of disturbance
the low disturbance environmefit3,15. excite an earlier/stronger transition of the separated shear layer,
Spatially linear stability theory shows that inflectional meaand hence reduce the size of the pressure surface separation. This
velocity profiles are unstable to a finite range of frequencies aatso suggests that wake passing may have a similar effect to the
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x/C.=0.15 Fig. 11 Acceleration parameter along the pressure surface for

0.1 MWW\WW i=0 deg (Re,=130,000, steady inflow )
0.1

T ' r . T . T . r . | Downstream of Reattachment. Figures 6 and 7 suggest that
0.0 02 04 06 08 1.0 the development of the boundary layer downstream of reattach-
ment will be significantly affected by the pressure surface separa-
tion. More fundamental studies generally show that structures cre-
Fig. 10 Time traces of (Ugay— )/ V, along the center of the ated within a separation bubble are long lif&d]. The isentropic

separated shear layer for (a) i=+ 10 deg (Re,=130,000, steady  Velocity distributions in Figs. @), (b) showed a strong favorable
inflow ), and (b) i=0 deg F=0.29 (Re,=130,000, wake passing )  Pressure gradient along the pressure surface from reattachment to

the trailing edge. This suggests the possibility of relaminarization
[18]. Using the experimental results in Fig. 5, the acceleration
parameter along the pressure surface was calculated using

turbulence grid on the loss generated by the pressure surface.

Table 4 shows, however, that the turbulence grid appears to have _Y_ di\/ ©)

a less significant effect in reducing the length of the pressure V2 ds

surface separation as the incidence is reduced. This is perh R

because the location of turbulent onset, indicated reasonably%)

the completion of exponential growth in Fig(a®, moves further

upstream with reduced incidence: if transition occurs earlier, thelf LAY . a
is less unstable, laminar shear layer to excite. Nonetheless, i minarization should occurd]. The fluid therefore experi

basic argument explains the commonly observed result that Aces a complex set of possible influences downstream of reat-

“engine representative” disturbance environment can reduce té%cc:]m;“c:)fbtﬁ? Sttr;gnh|s;2£yelg:attri1§ns;$§:%tebdeflsti)vxaiggg?]tupstream
size of separated regions in the turbomachine. 9 9 :

Figure 12 showsigyg profiles from reattachment to 95 percent
C, at 0 deg incidence. From the reattachment point onwards the

time (s)

d is shown in Fig. 11. It can be seen that once reattachment
¥eurs, the acceleration parameter exceeds the critical acceleration
i;ameter (3.10F) that is commonly used to indicate whether

i

Table 3 Length /time-scales under steady inflow, wake passing

frequencies and the streamwise integral length-scale of the
grid generated turbulence  (Re,=130,000) 03 - . ] 4
i(°) steady inflow wake passin; turb. i ) | 1
(Hz) | (mm) | f_g29 | f=058 | f=11 | &d | =
Mz | Hp |ean | ™ | = 02 ] : :
+10 90 18 n/a n/a n/a 21 D
0 87 | 23 26 52 103 | 21 A 1 1 1
. S
10 83 32 n/a n/a n/a 21 8 01 - | ] |
Table 4 Mean reattachment locations  (x/C,) of the pressure g i i | i ]
surface separation on blade A  (Re,=130,000) k \
incidence | steady wake passing turb. -00'0 R 03 d L a— —r —T
©) inflow | 7 _ Fo f= grid : :
o T e i SO S X/Cx=050 060 070 080 090
000 0.5 040 040 0.40 0.40 Fig. 12 ugrys/V from reattachment to 95 percent C, (
-10 0.65 n/a n/a /a 0.60 =0 deg, Re,=130,000, steady inflow )
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Fig. 13 The model of the pressure surface separation inflow results L

Ugms produced in the separated shear layer appears to dissit  0.00
and/or diffuse. However, a peak irys develops nearest the wall.

In keeping with other studies, the general tendency of the bour 0.00 0.05 0.10 0.15 0.20
ary layer downstream of reattachment is to allow the unsteadine H
produced upstream to diminish while a new “inner layer” devel i

ops along the pressure surfdder]. In all the cases studied, the

absolu?e pealipys Of the inner Iayer increased with axial dlst.ancq:ig. 14 Turbulent shear stress coefficient versus aspect ratio

(eg., Figs. %a), (b)). However, Fig. 12 shows that Wherkys iS  of the pressure surface separation  (no wake passing )
nondimensionalized by the local isentropic velocity, the peak as-

sociated with the inner layer decreases with axial distance. The

behavior of the inner layer is therefore an example of a “weak”

relaminarizatiorj18]. The continued increase in absolute levels of

unsteadiness with axial distance suggests that the mean flow doéereCpg andCpr are the static pressure coefficients in the dead
not act to promote turbulent dissipation over turbulent productioair region and at reattachment a@g is the average static pres-
The flow Is relaminarizing simply because the rate of turbulesure along the separatioB, is the average turbulent shear stress
production inside the inner layer is less than the rate at which thgefficient along the dividing streamline

freestream velocity increases.

[—pu'v'dL

Modeling the Pressure Surface Separation. It has been @)
fpVadL

shown that the pressure surface separation can be a significant
contributor to the profile loss. This section presents a model of the ) )
pressure surface separation and hence suggests mechanismdNgjeV is the velocity at the edge of the separated shear layer.
which this loss is produced. Furthermore, this model uses only thB€ isentropic velocity distribution in Fig.(&) at 0 deg incidence
isentropic velocity distribution and the mean velocity profile§@S been superimposed onto the mean profiles in Fig. 8 as dashed
throughout the pressure surface separation. By using viscous, {ipes. This shows_, that_th_e isentropic velocity is a reaso_nable shear
merical predictions, it can therefore also be used as a predictf@é‘er edge velocity. Similar results are found at other incidences.
model in the preliminary stages of design. Equajuon (6) relates the turbulent shear along. the dividing
The model of the pressure surface separation considers that3f§amline to two nondimensional groups. The first relates the
fluid bounded by the dividing streamline and the surface is iressure difference over the separation to the local average dy-
static equilibrium[19] (Fig. 13. The dividing streamline is as- Namic head_and was determined experimentally from the blade
sumed to be axial, meaning that the pressure forces acting norfidface static pressure measurements. The second is the aspect
to the dividing streamline do not contribute to the axial equilipt@tio of the pressure surface separatiéffl(). The axial length
rium. Laminar shear stresses throughout the pressure surface sé‘F))an the separation is also determined from the blade surface
ration are neglected because they are considered to be small. Stalic pressure measurements. The maximum height of the sepa-

c-

The axial balance between the three imposed forces is ration (H) is estimated from the mean velocity profiles such as
Fig. 8(a) by assuming that the velocity along the dividing stream-
H(Pys—Ppg) +L7=0 (4) line at maximum height is half that of the local freestream veloc-

whereH is the maximum circumferential thickness of the separd- Thus, all terms in Eq(6) are obtained solely from experimen-

tion andL is its axial length.Ps is the average static pressurd@l results. . .

from the separation point to the maximum separation thicknessF9ure 14 shows the values GF. obtained from Eq(6) against

and was found to be approximately equal to the pressure in aspect ratio of the pressure surface separation. The three clus-
dead air regionRg). Pps is the average static pressure from th&®'S of points at low, medium, and high aspect ratio represent data

maximum separation thickness to reattachment. A linear variati#<€n at+10, 0,—10 deg incidence respectively, with each cluster
over the prespsure recovery region results in composed of results at Réetween 100,000 to 300,000. The

straight line through the data is a line of best fit of the steady

(Pg+PR) inflow data only. While this approximately linear variation may
psT T o Q) suggest some deeper significance, the authors feel that it is more
) ) ) o likely to be particular to the present study. The actual valu€ of
which Fig. 5 suggests is a reasonable approximation. along the dividing streamline could not be measured because a
Substituting Eq(5) into Eq. (4) gives stationary, single hotwire was used. However, the range shown in
— (Cpg—Cpp) H Fig. 14 is within those found in the literature for laminar separa-
C==——+— (6) tion bubbles, which suggests that the valuesCoffound in the
4Cp L present study are reasonable.
Journal of Turbomachinery JULY 2002, Vol. 124 / 399
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Neglecting the laminar shear, the dissipation coefficient can [(a)

! 000020 L I ] l L I 1 l 1
written as
1 (9 du -. -10° [
Cy=—3 | —pu'v'5=d 8 i |
d pV3 fo p dy y ( ) 0.0016 -= _‘,_r"‘"l-u.
| il n
At reattachment, Hortofi20] puts forward several arguments to 18 R i

s

suggest that his “universal” mean velocity profile is similar to ¢

0.0012 - L
wake and thus has constant turbulent viscosity. In Hortf2®  “—., LY
formulation, Eq.(8) becomes ?_Lz ] A K
) 16% g u /d( y \
Comg Crno ], V) 5] A5

2 o ' . R
d( y ) ©) 0.0008 ~{\ o >y =
whereC, ; is the average turbulent stress across the reattachi

shear layerd & equals 2.14 and the integral equals 0.554. Th ) R B
dissipation coefficient is then simply {  i=+10° |
“ A..‘S_‘_..._‘\‘..l}
Cy=1.1%C, (10) 0.0000 T B o

which Horton[20] applies to the entire turbulent portion of the
separated shear layer. Given the usual early transition in t®)
present study, Eq.10) will therefore be applied over the entire
separated shear layer.

The dividing streamline is expected to lie between the center
the separated shear layer and the blade suftb®8 This is cer-
tainly the case at separation and reattachment, and suggests
the turbulent shear on the dividing streamline at a given axi
location will be less than the maximum turbulent shear in th
shear layer. The turbulent shear on the dividing streamline
therefore assumed to be equal to the average across the shear |
ie. C,=C_ ;. It follows that

Cy=1.1C, (11)

giving a mean dissipation coefficient for the separation and cor
pleting the model.

Comparing the Model With Experiment. The pressure sur-
face loss coefficient can be written as

25, (0950
 scosa, J,

v
vV,

PS d

3 (s 0.0 0.2 0.4 0.6 0.8 1.0
d(—) (12) . .
So fraction of axial chord

which requires the isentropic velocity and valuesQyffrom re- Fig. 15 (a) Modeled dissipation rate, and  (b) cube of isentro-
attachment to 95 percei@,. The model provide€, along the pic velocity along the pressure surface  (Re,=130,000, steady
pressure surface separation. Given the complex nature of tA&OW)
relaminarizing flow downstream of reattachment, a suitable choice
of C4 in this region is not clear. A value of 0.002 is used down-
stream of reattachment, which is a typical value for turbulemhese two incidences cannot solely be due to the differen€g in
boundary layer$21]. Instead, the dissipation of the pressure surface separation is also
Figure 3 shows a comparison between the predicted and meapendent on the blockage that the separation produces. This can
sured values ofYpg for the steady inflow results. The modelbe seen in Fig. 1B), where the cube of the shear layer edge
agrees closely with experiment at higher Reynolds numbers. Belocity of the pressure surface separation-40 deg incidence is
cause the dissipation coefficient downstream of reattachment veggproximately five times that at 10 deg incidence. Combining
estimated, it cannot be determined whether this improvementtie added blockage with the increased valu€ gtherefore gives
due to the modeling of the pressure surface separation or the tfee required order of magnitude difference in dissipation between
gion downstream of reattachment. Nonetheless, the trend of these two incidences.
creasedY g with a reduction in incidence is evident. The dependence of the pressure surface loss on the pressure
Figure 15a) reveals the behavior of the model. The pressumurface separation is therefore twofold. A separation with in-
surface separation is predicted to create an order of magniturteased aspect ratio will be more dissipative. However, higher
more loss at—10 deg incidence than at10 deg incidence. At aspect ratio separations also present greater blockage to the flow,
+10 deg incidence, the pressure surface separation is a snttadireby increasing the velocity in the separated shear layer. The
contributor toYpg and the attached boundary layer downstreapresent study showed that this blockage effect is significant, since
produces most of the pressure surface loss. Howeverl@tdeg loss production scales with the cube of the shear layer edge ve-
incidence, most of the pressure surface loss is produced by toeity. In the authors’ view, this “twofold” nature of loss produc-
pressure surface separation. The pressure surface separation atitinisshould be of general relevance to separated, internal flows.
incidence is almost as dissipative as the flow at the trailing edge.The presented model also sheds light on the designer’s choice
Given that Fig. 14 predicted th&, for the pressure surface between thick, hollow, and thin, solid blades. Equivalent, thicker
separation at—10 deg incidence was only approximately 2.Girfoils could possibly be designed in which a given isentropic
times that at-10 deg incidence, the order of magnitude differenceelocity distribution, such as those shown in Fig. 5, is realized
in the predicted dissipation of the pressure surface separationngthout separating the pressure surface boundary layer. This
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would reduceCy considerably while maintaining the effect of the S = separation point

blockage. However, Fig. 18) showed that, in terms of the overall Sy = pressure surface lengtm)
profile loss {Yp), the loss produced by the pressure surface sepa- u = mean velocity(m/s)

ration at+10 deg and O deg incidence is relatively small. This Ugaw = raw velocity (m/s)

suggests that design operation near 0 deg incidence is reasonable Ugms = root-mean-square velocityn/s)
on blade A, and that little improvement ¥y around O deg inci- V=V,,/Cp = isentropic velocity(m/s)

dence is expected from an equivalent, thicker profile. = stagnation pressure loss coeffi-

. cient

Conclusions a = yaw angle

The pressure surface separation can be a significant contributor 6 = shear layer thicknesisn)
to the profile loss of thin, low-pressure turbine profiles. This has o* = displacement thicknessn)
been shown at negative incidence on a linear cascade of blades p = density(kg/m®) )
that are typical of current engine designs. v = kinematic viscositym</s)

The pressure surface separation arose because an adverse gi@Sscripts
sure gradient existed in the inviscid flow from the leading edge _ de inlet
and along the foreblade of the pressure surface. The intensity of 1 = cascade inle
this adverse pressure gradient was largely determined by the inci- 2I32 B gzzfgr?zte():(gscade exit

dence, which strongly controlled the magnitude and location of

“spikes” in velocity on the leading edge. All characteristics of the

pressure surface separation were therefore mainly dependent{€rences

the incidence. The strong acceleration downstream of reattach4] Curtis, E. M., Hodson, H. P., Banieghbal, M. R., Denton, J. D., Howell, R. J.,

ment was observed to initiate a “weak” relaminarization of the ~ and Harvey, N. W., 1996, “Development of Blade Profiles for Low Pressure

pressure surface flow in all cases. (2] vamamotor A Tominaga, 1. Matsumuma, T. and O E., 1994, “Detaied
The transitional, separated shear layer appeared to experience measurements of Three-Dimensional Flows and Losses Inside an Axial Tur-

the Kelvin-Helmholtz instability. “Engine representative” un- bine Rotor,” ASME Paper No. 94-GT-348.
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freestream turbulence, was of an appropriate scale to excite the gg 57553
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Paloma Gonzalez This paper describes a study of the interaction between the pressure surface separation
and the secondary flow on low-pressure turbine blades. It is found that this interaction
can significantly affect the strength of the secondary flow and the loss that it creates.
Experimental and numerical techniques are used to study the secondary flow in a family
of four low-pressure turbine blades in linear cascade. These blades are typical of current
designs, share the same suction surface and pitch, but have differing pressure surfaces. A
Neil W. Harvey mech_anism for the intefaction between t_he pressure $urfa(_:e separation and the secondary
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Introduction edge to approximately 50 perce@ . Blade D is also spanwise
iform, although this profile has been thickened in order to re-

The designer of the low pressure turbine in a modern aircr ove the pressure surface separatieiy. 2). Blades B and C are

engine is commonly faced with the choice between thick, hOIIO\%ree-dimensional designs. Both are the same as blade A in the

and thin, solid blades. Bregr et 4ll] point out .that thin, solid central third of span, but are blended out to a thicker profile at the
b]ades can be preferable since they are considerably less exp walls. Blade C has the same profile at the endwall as blade D
sive to manufacture. However, separation bubbles often oc file blade B is thinner at the endwalls ’

near the leading edge on the pressure surface of these thin profiles
at design conditionsThis separation is referred to as the ‘pressure )
surface separation’ and, as Brear et[#].show, can significantly Experimental Methods

increase the profile loss.. . . The experiments were performed in a linear cascade without

Several previous studies have observed some interaction bgrymg the inlet boundary |ayer or blade incidence. Any varia-
tween the pressure surface separation and the secondary s in the secondary flows of the four blades must therefore only
[2—4]. These studies were primarily concerned with the effects gk due to the differing pressure surface geometries. The same
incidence. As such, they were not able to quantify the interactigiascade and tunnels as those presented in Brear[&] ate used.
between the pressure surface separation and the secondary fi@ifther details are given in Bref]. All experiments were per-
because incidence affects both the size of the pressure surfasigned at 0 deg incidence and aRbased on chodbf 210,000.
separation and the stage loading. However, one observationTefe cascade consisted of seven blades with parameters given in
Yamamoto et al[4] is of particular interest to the present study. IMrable 1.
certain cases, reductions in incidence decreased the strength of ttlades B, C, and D were formed by placing an insert on the
secondary flows only up to a particular value of negative incpressure surface of blade A. These inserts were fixed in place on
dence. At incidences lower than this the secondary flow becamm@ pressure surface and allowed a quick change between cascade
stronger. Yamamoto et 44] explained this as resulting from fluid geometries during a given set of experiments. At all times, an
within the pressure surface separation migrating to the tip of theierodynamically smooth transition between the inserts and the
rotor blade, over the casing and into the secondary flow. Howevetade surface was maintained. However, the inserts also prevented
Yamamoto et al[4] did not investigate this further. measurement of the static pressure on the pressure surface of

The continued trends towards reduced blade counts and blade D at midspan and at 1 percent span on blades B, C, and D.
creased stage loadi§] both infer that secondary flows are be-The suction surface boundary layer on all four blades was tripped
coming more significant in limiting the performance of the modat 60 percent surface lengthi3 percentC,) with a 0.31-mm stain-
ern low pressure turbine. This paper is therefore intended less steel tube in order to limit the effect of variations in the
complement Brear et dl1] by studying the effect of the pressuresuction surface flow.
surface separation on the secondary flow. A family of four blades, Care was taken not to vary overall tunnel conditions throughout
named A, B, C, and D, are examinéBig. 1). Blade A is also the experiments. The inlet boundary layer was measured 200 mm
studied in Brear et al.1]. Blades B, C, and D all have the samg158 percent,) upstream of the leading edge of the central cas-
suction surface profile and pitch as blade A, but different pressuwrade blade. Integral parameters are shown in Table 2. The shape
surface profiles. At midspan and O deg incidence, blade A hadaztor agrees closely with that of a zero pressure gradient, turbu-
large pressure surface separation which extends from the leadimgt boundary layer.

Area traverses were performed with a conical tip, 90-deg in-

Ipresent address: Department of Mechanical and Manufacturing Engineerigfided angle, five-hole probe with 0.3 mm forward facing probe

University of Melbourne, Australia holes. The probe tip had an outer diameter of 1.7 mm. Pressure

Contributed by the International Gas Turbine Institute and presented at the 'mFﬁ'easurements were taken with an eight-channel “Scanivalve
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui !

siana, June 4-7, 2001. Manuscript received by the IGTI, October 20, 2000. Pa&cn differentigl pressure transducer af10 HZO range. The
No. 2001-GT-438. Review Chair: R. A. Natole. probe was calibrated over the range80 deg in both yaw and
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‘endwall

midspan

Table 2

cent upstream of the cascade

Integral quantities of the inlet boundary layer 158 per-

&*/h

6/h

H

endwall

profiles
PS

N
N

0.00611

0.00421

1.45

Table 3 Mass-averaged results of blades A, B, C, and D at 125
percent C, from experiment and numerical predictions

: J expt. | pred. expt. pred. expt. pred.
ti//// Al623 | 624 | 00450 | 0.0347 | 0.0282 | 0.0250
C : \——. B | 624 | 626 | 00418 | 0.0334 | 0.0286 | 0.0248

C | 625 62.8 0.0404 | 0.0312 | 0.0282 | 0.0245
D D | 625 62.7 0.0403 | 0.0300 | 0.0281 | 0.0244

SS

ix/C=0.35 @ 0.15 5 *A°B=C*D
Fig. 1 Endwall and sectional profiles of blades A, B, C, and D

0.10 —

PR
pitch and applied to the experimental data using the methods p
sented i 7]. The measurement grid consisted of 39 evenly spac 0.05 -
pitchwise points and 50 radial points. The radial points extend:
from 2.7 to 50 percent span and were concentrated nearer ]
endwall in order to obtain better resolution of the secondary flo g oo . . . . .
region. In Table 3, the loss coefficienY4) and exit yaw angle L
(a3) were obtained from mass averaging from 2.7 to 50 perce b) 0.15
span. The profile loss coefficienY§) is a mass average from 30
to 50 percent span, which is the approximate extent of tw
dimensional flow in Fig. 3. 0.10 —

Blade surface static pressure measurements were meast ~ ’

with a “Scanivalve” differential pressure transducero85 mbar  }~
range.

Langston and Boyle'§8] method of flow visualization was 0.05

used on blades A and D. This method uses a liquid to dissolve & i
0.00

() 10.0 —

AR

Fig. 2 Predicted streamlines at midspan for blades A and D

Table 1 Parameters of blades A, B, C, and D
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0.1

0.2

Fig. 3 Pitchwise mass-averaged
(experiment ), (b) stagnation pressure loss
yaw angle (experiment ), and (d) exit yaw angle (predicted ) for

blades A, B, C, and D at 125 percent

chord, C (mm) 148.3 1
axial chord, Cy (mm) 126.8 100
pitch, s (mm) 103.8 0.0
span, h (mm) 375.0

inlet flow angle at i=0°, o, () 304

design exit flow angle, 0,5p (°) 62.8

0.3
fraction of span

Cx

T I

0.4

J !
0.5

(a) stagnation pressure loss
(predicted ), (c) exit
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transport dots of ink in the local direction of the skin friction. Table 3 shows that the variations in pressure surface geometry
When the tunnel is turned on, the dots of ink become short stredi@ve not changed the profile loss significantly. Therefore, the
that reveal the structure of the surface streamlines. Synthetic oilaafded thickness of blade D serves little aerodynamic purpose
wintergreen(methyl salicylatg¢ was used to dissolve the ink dotsaround midspan at 0 deg incidence in addition to the blade being
produced with a “Staedler Permacolor 317" pen drawn on a draftonsiderably more costly to manufacture than blade A. This sup-
ing film backing. This method of flow visualization is, of courseports the findings of Brear et dl1] and highlights the motivation
least accurate in regions of zero shear. It is therefore emphasibathind the use of thin, solid blades; if aerodynamic requirements
that the results obtained in regions of separated flow should te not dictate the use of a thick blade, a thin blade is preferable
interpreted with great care. It is also noted that the suction surfaoecause they are less costly.

trip wire was removed for these experiments only. The importance of achieving realistic predicted transition onset
] o locations should be emphasized. Specifying transition at the lead-
Numerical Predictions ing edge on the suction surface resulted in profile losses of ap-

The numerical predictions were performed using uMumpgglvpromm_ately 0.0_4._Other_stud|es c_)f turbine proflles.th_at compar_ed
which solves a thin shear layer form of the Reynolds averagéﬂi%mer'cal pre_zdl_ctlons Wl_th experiments _showed similar beha\_/lor
Navier-Stokes equations supplemented by a mixing length turbd0,11. Specifying transition at the leading edge on the suction
lence mode[9]. The predictions were performed at a cascade exgprface is clearly physically ur)reallstlc as the accelerapon from
Mach number of 0.3 in order to accelerate convergence. the leading edge to peak suction on _Iow-pressure tur_blne blades

Other than their differing pressure surface geometries, all fogifould keep the boundary layer lamir{d2]. The considerable
blades had the same basic computational mesh. This mesh @¢ent of laminar flow on low-pressure turbine blades therefore
tended from 33 percer€, upstream of the blade-row to 33 per_necgss_ltates the use of realistic transition modeling if reasonable
centC, downstream and had 109 axial, 49 circumferential, and #3€dictions of profile loss, and hence efficiency, are sought.
radial points. Preliminary numerical predictions showed that this Figure 4 shows that the structure of the secondary flow at 125
axial extent of the mesh was effectively outside the potential fieRErcentCy is the same as that reported in other studies of low-
of the bladerow and that the quality of the solution was not conf/€ssure turbine blades in linear cascg2i8, 10,11. Furthermore,
promised. A plane of symmetry was enforced at midspan with &rd- 3 and Fig. 4 show that there is considerable variation in
inviscid boundary condition. Several numerical predictions we@gnation pressure loss and exit yaw angle in the secondary flow
performed on coarser meshes and, in keeping with Hildebrant dig@ion (from approximately 0 to 20 percent spai trend is
Fottner[10], mesh independent predictions of the secondary flo@€arly apparent in Fig. 3: the peaks in stagnation pressure loss
were never observed. However, the mesh used in the present s@@§ underturning reduce in magnitude and move closer to the
appears to have produced results of sufficient accuracy for {pRdwall as the bllade thickness is |ncreased..Exper|ments show
arguments put forward. that blade D, which has the lowest loss, achieved 10.2 percent

Turbulent onset on the pressure surface was fixed at 25 perciNfer mass averaged stagnation pressure (dable 3 and ap-
C,. which was the approximate location of turbulent onset iRroximately 2 deg less peak underturning than blade A. Numerical
experiments(see Brear et al[1]). On blade A, this gave a reat- predictions be_have similarly, although_ tht_a p_red'lc_:ted stagnation
tachment location of 59 perce6t, compared with the experimen- Pressure Ioss in the _Secondary flow region is significantly less than
tal result of 50 percenC, . It is also noted that specifying transi-that found in experiment. It is emphasized, however, that even
tion onset at the pressure surface leading edge complet&?”gh thg ab.sol.u.te value of the mass averaged stagnation pres-
removed the pressure surface separation. Transition on the sucfBFe, 0SS is significantly underpredicted, Table 3 shows that the
surface was specified at the same location as the boundary Ifative variation between the results for blades A an@®D047
trip in experimentg73 percenC,). The transition locations were 'S the same as that found in experiment.
then fixed for all subsequent predictions on the four blades. TheEntropy Generation Rates. The entropy generation rate
endwall boundary layer was considered turbulent throughout th&oyghout the entire computational domain was calculated for
computational domain. Since the measurement of the inlet boungicn, of the four blades. The entropy generation rate per unit vol-

ary layer was performed 158 percedj upstream of the blade- ,me (,5) was calculated from the rate of shear work performed
row, the boundary layer at the inlet to the computational domagy the fluid:

was “grown” from the measured inlet boundary layer using zero

pressure gradient, turbulent boundary layer relations. Thus, the dv, 1 avx)z (1 v, av,,)z

integral quantities given in Table 2 were increased by 20 X + = 0 T 90 + ar
percent when used as inlet boundary conditions for the numerical ._ = x T ' r
o pS= = (pm+pmy) 2
predictions. T ( vy ﬁvr)
Results and Discussion amoox )

Area Traverses. Pitchwise mass averaged experimental and . .
computational results for the area traverses are shown in Fig. Figure 3 shows that the secondary flow region extends from

- ‘proximately 0 to 20 percent span. This region was divided into
These show that from approximately 25 to 50 percent span, t% number of volumes that are defined in Fig. 5. The pitchwise

exit yaw angle is effectively the same on all four blades an “ .

> =l ; xtent of the “pressure surfacéPS region was chosen such that
matches the design intent closely. Of note are the spanwise ufil- . .
form profiles A and D. Even though blade D is considerablljth's volume would contain the pressure surface separation on

thicker than blade A, both blades have the same exit yaw an
and hence loading at midspan. It therefore follows that any sp

wise uniform profile made from any section of the four bladel portant as the core region contained nearly isentropic flow. The

b o o e e B et s Emlning egin s temed he ‘downstiea@S) reion, Since
tions from O to 25 percent span are therefore not due to an interfcglo(\)’}’ tlrslesst:aggmzr?gsag;b%téc’e;hﬁetsstgld egstr%?]y gx?tnes;gter?atlir(])n
tional spanwise variation of loading. In this sense, this work di Sressure loss coefficient P 9

fers from most three-dimensional design studies where span £&

lades A and B. Similarly, the radial extent of the “endwalEW)
I(%_gion contained the inlet boundary layer. The circumferential ex-
ent of the “suction surface(SS and “core” regions were less

variations in loading are deliberately introduced. Thus, the present oT
; ; ; ; ; 01 .
work is not a typical three-dimensional design study even though Y= — J psdV )
blades B and C are three-dimensional designs. pshVscosa, Jy
404 | Vol. 124, JULY 2002 Transactions of the ASME
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fraction of pitch

0.3
fraction of span

T

0.1 0.2 0.4 0.5

Fig. 4 Contours of loss coefficient  (Y) at 125 percent C, for (a)
blade A (experiment ), (b) blade A (predicted ), (c) blade D (ex-
periment ), and (d) blade D (predicted ) (contour level =0.025)

LE TE midspan
02s 0.2s
core =
.................. J-p§ | |2 v =
O.IhI Aew 1l ) s
NN NN N N NN A N
meridional view quasi-orthoganol view

inside blade-row

Fig. 5 Schematic of the regions defined in the entropy genera-
tion rate analysis

secondary flow. Instead, the reduction in loss from blades A
through to D is achieved by reducing the loss created throughout
the entire secondary flow region. Interestingly, the most signifi-
cant reduction in loss generation is not the pressure surface re-
gion, but the suction surface region. This is perhaps expected as
the suction surface region will contain the highest velocity fluid: it
is generally the case in turbomachinery that the state of the sur-
face flow near peak suction will be most significant in determining
the total loss produced by the bladerpi3|.

In order to reveal the mechanisms that cause these variations in
entropy generation rate, a dissipation coefficient for the flow near
the endwall was calculated

_Tu
PVg 0

0.1h
Cq psdr (3)

where the spanwise extent of the integration was chosen to in-
clude the entire inlet boundary layer. It is noted that this quantity

is normalized by the exit velocity of the cascade, and is therefore
an indicator of the absolute entropy generation rate from 0 to 10
percent span at a giverx,() location.

Figure 6 shows contours of this dissipation coefficient on
blades A and D. As discussed earlier transition onset on the pres-
sure surface was specified to occur at 25 per&nt Figure 6
shows that there is a clear peak in dissipation coefficient at this
axial location on blade A. As with the model presented in Brear
et al.[1], numerical predictions therefore show that the pressure
surface separation dissipates mean flow energy primarily through
turbulent shear. The added thickness of blade D has removed the
pressure surface separation, thereby removing a loss production
mechanism. The loss produced in the PS region in Table 4 corre-
spondingly decreases. The dissipation at mid-pitch is also notice-
ably different on blades A and D. On blade A, the region of high
dissipation near the pressure surface extends across the blade pas-
sage and towards the suction surface. In contrast to this, the mid-
pitch flow on blade D is characterized by lower levels of dissipa-
tion. Given that the entropy generation rés. (1)) is defined as
a function of shear strain rates only, the variations shown in Fig. 6
must arise from variations in shear strain rates. Surface flow vi-
sualizations presented in the next section suggest the mechanisms
by which this occurs.

Surface Flow Visualization. The pressure surface flow is
strongly modified by the different blade desig#sgs. 7 and &

Results of this analysis are shown in Table 4. The total l0g5periments and numerical predictions show that the pressure sur-
reduction from blade A to blade C is 0.0044, which is similar to

the relative variations in both the experimental and predicted area
averaged loss results in Tabl¢®0047. However, it is also noted Taple 4 Predicted stagnation pressure losses in each region
that this method of analysis predicts that blade D has a slighdy the secondary flow on blades A, B, C, and D

o

larger loss than blade C. This is not in keeping with the resul
presented in Table 3 and is thought to expose the limitations of

numerical modeling in discriminating between the expected sm

differences in loss for these two designs.
Table 4 shows that the variations in the loss generated by 1

four different blades is not restricted to a particular region of t

EW SS PS core DS total
A [ 0.0013 | 0.0169 0.0026 | 0.0001 | 0.0037 [ 0.0247
B | 0.0011 0.0167 0.0023 | 0.0001 | 0.0036 | 0.0237
C| 0.0009 | 0.0145 0.0018 | 0.0001 | 0.0029 [ 0.0203
D | 0.0009 [ 0.0151 0.0014 § 0.0001 | 0.0033 [ 0.0209

Journal of Turbomachinery
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approx. passage vortex separation line

Fig. 9 Experimental flow visualization on the endwalls of
blades A and D

o bl B i Ll o o v TN
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surface with negative axial velocity. The passage vortex separa-
tion line also impinges onto the suction surface slightly further
downstream as the blade thickness increases. These trends suggest
that the passage vortex becomes weaker from blades A through to

Fig. 6 Predicted dissipation coefficient for 0 to 10 percent
span on blades A and D

. @ D.
:Zggesc?i?/ae:;tlg? r(r)l?dgpl)aa%e I/-r\l rfgggg?gznattfghindbg% ep D h 2; There are also significant variations in the suction surface flow
pressure surface separation and most of the pressure surface ﬂ‘?\g' 13). As n Figs. 9 a_nd 10, the passage vortex separation I_lne
follows approximately straight lines. Blades B and C, because ersects with the suction surface earliest on blade A. This line

o . : hes the trailing edge at approximately 15 and 10 percent span
their increasing thickness, tend to suppress the pressure surfs ) ? X
separation near the endwall, orciaef)lades A and D, respectively. The difference in the area of

Blade A also has the most circumferential endwall motioﬁurface flow bounded by these separation lines on the two blades

. : ; : considerable.
gcfrlgslé %g&dslh%@“;orggrolnezsf ?hbg'gﬁﬁv'vnaﬁ);mrﬂggﬁsfhtg ep:ee:glljtiThe structure of the interaction between the pressure surface

separation and the passage vortex is now apparent. On blade D,
the surface flow is typical of many turbing? 3] and suggests that
the inlet boundary layer and some of the attached pressure surface

i Ot.”r;cgzn °g%""a] C(l)fgrd 1000 O_f;acgin %fgx‘at)?;'ord 1o flow roll up into the passage vortex. In contrast to this, blade A
bk - B i " has a more complex flow structure. Figure 12 shows streamlines
0.5 k-2 that originate away from the endwall impinging onto the pressure
{2 surface near the reattachment point of the pressure surface sepa-
0.4 _“g’ : ration. As a part of the recirculating flow, these streamlines then
g ER travel along the pressure surface and upstream while migrating
§ 0.3 ’5 ¢ radially towards the endwall. Once they have reached the endwall,
g { these streamlines cross towards the suction surface and roll up
,95 02 into the passage vortex. This overall process gives rise to the
& surface flow visualizations presented in Figs. 7—11 and shows that
i the flow within the passage vortex is composed of fluid from both
the inlet boundary layeand the pressure surface separation
0.0

00 02 04 06 08 1000 02 04 06 08 1.0
fraction of surface length fraction of surface length

Fig. 7 Experimental flow visualization on the pressure sur-
faces of blades A and D

0.51

g 0.4

sep.

0.31 | P
0.24 /“‘
//

0.14

fraction of sp.

A
att
Nl
=

0.04

0.0 1.0
fraction of axial chord

1

Fig. 8 Predicted flow on the pressure surfaces of blades A, B,
C, and D Fig. 10 Predicted flow on the endwalls of blades A, B, C, and D
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Fig. 11 Experimental flow visualization on the suction sur-
faces of blades A and D

The trend of reduced secondary flow strength with increas:
blade thickness is also in agreement with the area traverses
sented earliefFig. 3). Furthermore, the surface flow visualiza-
tions also give a qualitative understanding of the physical mect
nisms responsible for the variations in loss production. F¢
example, the strongly circumferential endwall motion observed ¢
blade A in Figs. 9 and 10 suggests that, relative to the oth
blades, the endwall boundary layers will be more highly skewe
As Fig. 6 showed, the entropy generation rate over the endwall
blade A is correspondingly increased. Table 4 showed that t
most significant loss reduction occurs in the suction surface regi

defined in Fig. 5. Figure 11 also suggests a reduction in bound: ZN

layer skew from blades A through to D. Therefore, the seconda
flow strength and the loss produced within the bladerow appear
be directly related.

Static Pressure Distributions. Figure 13 shows experimental
and predicted isentropic velocity distributions of the four blade
At midspan, the isentropic velocities along the suction surfa
foreblade(0 to 50 percentC,) become higher as the blade thick-
ness increases. This is thought to be due to blockage effects.
discussed in Brear et dl1], the location of the local minimum in
the isentropic velocity on the pressure surface is close to the
attachment point of the pressure surface separation at midsg
Comparison of the local minima in Fig. 13 with the reattachmel

0.8 -

-

0.6

——n

---------

0.2

I 1
04 0.6
fraction of axial chord

0.8

points in Figs. 7 and 8 confirm this both experimentally and in the

numerical predictions. This also suggests that the overpredicti

Fig. 12 Predicted streamlines close to the endwall on blade A

Journal of Turbomachinery

big- 13 Experimental and predicted isentropic velocity distri-
butions of blades A, B, C, and D at (&) midspan, and (b) 1 per-
cent span

of the length of the pressure surface separation is the main cause
of the different experimental and predicted isentropic velocities
along the pressure surface.

All four blades have similar loading at midspéFable 5. This
is expected as the blades have the same pitchwise mass-averaged
yaw angle at midspafFig. 3). Table 5 shows that predictions of
both the foreblade loading and overall loading at 1 percent span
increase with a decrease in secondary flow strength. As a result,
the blade loading cannot be the determinant of the observed varia-
tions in secondary flow because all four blades have nominally the
same loading at midspan and the trend in the loading at the end-
walls is of the opposite sense to that required for secondary flows
to strengthen.

A number of investigators have found that the overall develop-
ment of the secondary flow in a turbine is particularly sensitive to
the flow around the intersection of the foreblade and the endwall
[11,14. This can be explained using simple dynamics. Because
the boundary layer momentum on the endwall and pressure sur-
face is at its lowest around the foreblade, the flow is most easily

JULY 2002, Vol. 124 | 407
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Table 5 Loading coefficients at midspan and 1 percent span
from experiment and numerical predictions (fb is the foreblade
from O to 50 percent C, ov is the overall blade from 0 to 100
percent C,)

midspan 1% span

Cin Cro [ C

(114
expt | pred | expt | pred | expt | pred | expt | pred

036 | 035 | 084 ] 0.80 | 027 | 026 | 0.64 | 0.62

035 [ 034 [ 082 | 0.80 n/a 0.27 n/a 0.63

037 [ 034 [ 085 | 0.80 n/a 0.28 n/a 0.65

T(a|=]»>

n/a_ | 034 n/a 0.80 n/a 0.29 n/a 0.67

turbine blades in linear cascade. Numerical predictions of these
four blades show the same trend as that found experimentally.

A mechanism for this interaction has been suggested. This em-
ploys simple dynamics and is similar to the aft-loading argument
commonly used in modern turbine design. The foundation of this
argument rests on the momentum of the flow near the endwall. In
particular, the existence of a pressure surface separation near the
endwall is an indicator that the flow in this region has low mo-
mentum and will therefore respond to the imposed blade-to-blade
pressure gradient by migrating strongly across the endwall. The
strength of the secondary flow and the skewing of the blade sur-
face boundary layers are therefore increased. Since the entropy
generation rate is a function of the varying shear strain rates inside
these skewed boundary layers, the loss production throughout the

forced towards the suction surface of the adjacent blade bysgcondary flow region varies with the strength of the secondary
given blade-to-blade pressure gradient. For a given blade loadifigw.
it is therefore best to impose the largest blade-to-blade pressur@sing this argument, the secondary flow strength and loss pro-
gradient in regions that are most resistant to cross-passage trajigtion can be reduced by raising the momentum of the fluid near
port, i.e., regions where the flow has highest momentum. Thistise endwall. This has been shown by progressively thickening the
commonly referred to as “aft-loading” since, for a given amounplade on the pressure surface. As part of an overall increase in the
of turning, profiles designed using this argument will tend to hav@omentum of the fluid near the endwall, additional blade thick-
as much loading as possible in the aft region of the blade.  ness has the inevitable effect of reducing the size of the pressure
Given that the blade loading cannot be responsible for the ofurface separation, thereby suppressing the interaction between

served trend in secondary flow, the aft-loading philosophy sughe pressure surface separation and the secondary flow.
gests that the only other likely determinant is the momentum of

the fluid close to the endwall. However, the usefulness of t K led ¢
endwall isentropic velocity distributions in the present argument cknowiedgments

not clear. For example, several authors have found that the isenThe assistance of Prof. John Denton and Dr. Liping Xu of the
tropic velocity along the suction surface near the endwall M/hittle Laboratory is most gratefully acknowledged. The authors
strongly modified by the impingement of the secondary flow frowould also like to thank Rolls-Royce, plc and the Defence Evalu-
across the blade passafil,14]. Therefore, the causal link be-ation and Research Agenc¢iOD and DTI CARAD) for their
tween endwall loading and secondary flow strength is not ogenerous financial support and permission to publish the work
way: the endwall loading drives the secondary flow, but the secentained in this paper.

ondary flow also modifies the endwall loading. Using endwall

isentropic velocities to explain some observed variation in secofldomenclature

ary flow may result in a circular argument.

This difficulty can be avoided by using the isentropic velocity
distribution of the two-dimensional blades A and D at midspan
(Fig. 13a)). Because of its added thickness, blade D has higher
isentropic velocities over most of its surface. Near the endwall,
blade D still represents the greater blockage to the incoming flow.
The momentum of the fluid through the bladerow should therefore
be higher on blade D. Fluid passing blade D is therefore less
likely to be turned toward the suction surface and the secondary
flow should be weaker.

Figures 7 and 8 showed clearly that the progressive increase ir\(_
blade thickness from blades A through to D is matched by a de- =(Por-

C4 = dissipation coefficient
C, = axial chord(m)
C_=¢Cpd(x/Cx) = circumferential loading coefficient
Cp=(Po1-P)/(Py1-P,) = static pressure coefficient
h = span(m)
H=5*/6 = boundary layer shape factor
s = blade pitch(m)
§ = specific entropy generation rate
(J/kg.K.9
V=V,,/[Cp = isentropic velocity(m/s)
Po)/(Poi-P,) = stagnation pressure loss coeffi-

crease in the size in the pressure surface separation. This is ex- clent

pected since the blockage added onto the pressure surface should a = yaw angle _

tend to reduce the intensity of the deceleration around the pressure &% = displacement thicknessn)
surface foreblade and hence encourage the pressure surface p = dynamic viscositykg/m.9
boundary layer to remain attached. The existence or suppression ¢ = momentum thicknesem)
of the pressure surface separation is therefore inseparable from the p = density(kg/n)

choice of isentropic surface velocity. Because the argument [®ilibscipts

forward makes no reference to whether any of the boundary layers P — profile

are separated or attached, the pressure surface separation should t = Furbulent

then be viewed as part of an overall low momentum flow near the 1 = cascade inlet

endwall. The results for blades B and C are also easily explained 2 = pitchwise mass average at 125

using this argument. Because they represent intermediate block-
age of blades A and D, the momentum of the fluid near the end-
wall on blades B and C will lie between that on blades A and D.
The observed trend in secondary flow over the four blades then
follows.

percentC,
2D = design at cascade exit
3 = area mass average at 125 percent
Cx
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Investigation of Unsteady
Aerodynamic Blade Excitation
siom Laumert { [Vlechanisms in a Transonic
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uans marensson | PRENOMenological Identification
wi | and Classification

461 81 Trollhattan, Sweden ) . . .
Based on the results of time-dependent 3-D viscous computations the aerodynamic mecha-

Torsten H. Fransson nisr_ns that cause the un_steady pressure qu_c_tuations on the vane anq_rotqr blade surface of
KTH—The Royal Institute of Technology, a h]gh-pressure transonic turbine are |dent|f_|ed and separately_ classified in a phenomer_lo-
Heat and Power Technology, logical manner. In.order to be able to describe separately thg influence .of wake,_potentlal
100 44 Stockholm, Sweden and shock distortions on the blade surface pressure at design operation conditions, the
stator exit Mach number is increased as to enhance the shock distortions and lowered as
to enhance potential and wake distortions. In a comprehensive approach the observations
from the off-design conditions are utilized to classify every major perturbation observed
in the perturbation space-time maps at design operation conditions. The spanwise varia-
tions caused by the inherent 3-D nature of the flow field and promoted by the 3-D shape
of the rotor blade are addressed.DOI: 10.1115/1.1458577

Introduction A number of research groups have investigated different aspects
In modern fan and turbine design, where great effort is put OrI rotor stator interaction with measurements in realistic rotating

. . - ' . st facilities, often accompanied with numerical computations:
lowering weight and raising performance, the challenge is to OEékshminaryana et al[11] and Chernobrovkin and Lakshmi-
timize for conflicting aerodynamic and structural demands. For. ryana 12] investigated wake and potential distortions in a sub-
example in the case of forced response it might be necessary, Vi test facility. Dunn et a[13] and Rao et al[14] quantified
allow frequency crossings in the Campbell diagram as reported unsteady Ioading on the \}ane and the rotor blade of a transonic
Manwaring et al[1]. In this case it is crucial to have knowledget bine stage. On the same facility Venable ef#5] and Busby

about the blade pressure amplitudes and their relative phase toe %I.[lG] conducted studies on the impact of different axial gaps

able to foresee the structural response in order to avoid high cygle the unsteady aerodynamics and turbine performance. As Dunn
fatigue. Furthermore, in order to be able to influence the unste in his investigations, Hilditch et a[17] concluded that the

?Iage pressaure char(jactetrlstcljgs n tfh(tahdej!gtn F:.r ocess it s neczsgﬁge pressure fluctuations on the front rotor blade suction surface
0 have a deep understanding ot the distortion sources an re caused by the direct impact of the vane trailing edge shock.

aelro?]ynr?mlc |ntera;:t|on m.ecttwartl)lisms.t the deterministic fl It was also noted that the pressure side fluctuations were caused
N Nigh-préssure transonic turbin€ stages the deterministic the impact of the vane potential field. Three-dimensional as-

distortions seen by a blade row stem from upstream wakes, cts were investigated by Moss et [d8]. They observed large
stream anc_i downstream potential field and shock impingem ssure fluctuations at the rotor suction side near the root, which
and re_flectlon._ Mayef2] and Lef(_:ourt[S] conducted very e‘?f'y were associated with the impact of a stator wake loss core.
analytical studies on the convection of wakes through airfoil rows The aim of the present study is a detailed identification of the

&Lm? mad% precilctkl)ons don tZetrl]nteragtlorl W'éh thefalrfc;(ll Surf‘t’:?caistortion sources that causes the pressure perturbations on the
ater, Hodsor{4] broadene € understanding of wake mo 'O%Pbe and rotor blade surface in a transonic test turbine with the

and wake generated unsteadiness in turbine rotor passages WE) of 3-D viscous nonlinear time-dependent computations. The

flow field and bl_ade pressure measurements in a Iarge-s_cale l% mputational results have earlier been validated against experi-
speed test turbine stage. He also conducted computations

L ) ntal data and the agreement between measured and predicted
unsteady wake gust boundary conditigfs Doorly and Oldfield -
[6], Ashworth et al.[7] and Johnson et a[8] investigated the unsteady blade pressures was good and allows the conclusion that

: t of both wak d shock d " i . he important unsteady phenomena were captiradmert et al.
Impact of both wakes and Shocks on downstréam transonic ro 95]). As only few studies so far have investigated the influence of
blades in a linear cascade facility, where the flow distortions wege

d with ind b With the helo of Schii D effects, great care is taken to describe and explain radial
generated with upstream moving bars. With the help of Schliergljaions. one novelty of the present investigation is the utiliza-
photographs, a complex shock reflection pattern was capturg

. . n of operation point variations to enhance shock, potential and
Giles[9] and Saxer and Gilg10] also observed the presence of g oo effects to aid to and reassure the understanding of the ob-
complex shock reflection pattern in their numerical studies g

hiah . bi rved surface pressure perturbations. In Part Il of the paper, the

Igh-pressure transonic turbine stages. connection between the identified distortions and the characteris-

_ ) _ ) tics of the forcing function is established and force and moment
Qontnbuted by lthe InternatlonaI_Gas Turbine Institute gr]q presented at the '”‘%plitudes promoting model blade excitation modes are exam-

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui- X g . .

siana, June 47, 2001. Manuscript received by the IGTI, October 24, 2000. Paid¢d. In this sense this two-part paper establishes a link between

No. 2001-GT-258. Review Chair: R. A. Natole. low distortions and possible blade excitations.
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Table 1 Boundary and flow conditions for the computed test

number case. The boundary conditions for the off design test cases

cases were chosen such as to preserve the blade loading characteristics
- - by maintaining the relative flow angles.
Bounfl?ry Design Low M, High M, Only for the base test case the nominal stator trailing edge
Conditions | OP op op geometry with ejection slot and cooling gas ejection was utilized.
Py, [bar] 1.628 1.628 1.628 For the other cases a round trailing edge was used as it was shown
P; hub [bar] | 0.533 1.185 0.48 earlier by Laumert et al[19] that this simplification only had
To [K] 441.6 441.6 441.6 minor influence on the rotor unsteady aerodynamics.
T, [K) 293 203 203 The computations were performed with pressure-based bound-
- aries specified at stage inlet and outlet. Inlet conditions were given
Rotor speed | 6500 4250 7350 as radial profiles of total pressure and temperature. At the stage
[RPM] outlet a radial pressure equilibrium condition was imposed. Tem-
Vane t/e Inj. Slot, Round, Round, perature walls were employed with a nonslip boundary condition.
coolant 3% coolant | 0% coolant | 0% coolant The turbine rotor is not shrouded and the tip gap was included in
A2/AL 1.0 1.0 1.04 the computational model. The tip gap was estimated to 0.3% of
- - - the rotor span. It has to be mentioned that the number of blades
A3/Al 1.09 1.09 1.24 was reduced from 43 stator and 64 rotor blades to 42 and 64,
Flow respectively, in order to facilitate the periodicity requirements.
Conditions This was done in a simple fashion without any modification to the
M, abs. 0.95 0.58 1.1 airfoil geometry. Two stator and three rotor passages were utilized
M; span in thhe ck:)mpgtations.d_ _ - g §
The boundary conditions and the computed time and mass av-
15% | 85% 1.010.92 0.61]0.56 1.17]1.05 eraged flow conditions for all test cases are summed in Table 1.
M; rel. 0.92 0.36 0.85.
th [kg/s] 10.62 8.08 10.42 Flow Solver Description
P, [bar] 0.868 1.267 0.716 Numerical Method. The equations used to model the viscous
o, [deg] -72.6 -72.6 -72.9 flow are the Favre-averaged Navier Stokes equations for com-
B, [deg] 41 -39.2 -41.23 pressible flow expressed in the cartesian coordinate system. The
B, [deg] 631 60.4 61.4 equations are extended to turbulent flow using thetlirbulence

model formulation with standard wall functions.

The 3-D Navier Stokes flow solver VOLSOL developed at
Volvo Aero Corporation was used. The numerical method to solve
the governing equations is based on an explicit, time-marching,

Test Turbine cell-centered finite-volume procedure. The convective fluxes are

The computations were performed on the VKI BRITE EURA econstructed with a thilrd.order. upwind biased spheme, which .is.
test turbine geometry. This turbine is designed to simulate ¢ ased on the characteristic variables and associated characteristic
rectly the aerodynamic conditions in a modern HP aero-engiNglocities. The viscous fluxes are computed with a compact sec-
stage operating at transonic conditions with a design stator eg[id order accurate centered flux scheme. Time integration is
Mach number of 1.03 at 6500 RPM rotor speed. A large expe andled with an explicit three-stage Runge-Kutta procedure.
mental program investigating the effects of rotor speed variatiorig <S0n [22] provided a detailed description of the numerical
cooling flow ejection and axial gap variations on the unstea hod.

aerodynamics in the rotor blade row has been conducted and re® Sécond-order sliding grid interface method was employed to
ported by Denos et a[20,21]. They also presented a more depass flow information between the stator and the rotor frame of

tailed description of the turbine, including a 3-D view of the stagEeference.

geometry. The computational predicted rotor blade surface presggag Injection Model. An integral film cooling injection

sures presented in this paper were earlier validated against Kuli§gdel simulates gas injection by adding the influence of the pen-

measurements of the unsteady blade pressure at midspan ondfisting jets as source terms in the governing equation. The injec-

test turbing[19]. tion region, mass flow, Mach number and temperature of the in-
jected gas are specified as user input based on empirical basis or
experience. Details of the method have been presented by Dahl-

Test Cases and Boundary Conditions ander et al[23].

Starting point for the investigation of the blade pressure exasrids and Boundary Layer Treatment
tation mechanisms has been the computations at the test faC|I|ty|_ . . .
design operating conditions. The boundary conditions for the con-' "€ flow solver uses structured multi-block grids. The grid gen-
sidered test case are listed in Table 1. A detailed description can§3gtion code uses a parameter-controlled module-script, designed
found in Laumert et al[19]. for turbine blades. Thg grids are nonorthogonal body-fitted. A pic-
As this investigation aims towards establishing the connecti¢y® Of the computational grid has been presented by Laumert
between the observed pressure perturbation on the blade surfaic@l- [19]: The grid size was typically 759039 nodes for the un-
and the excitation source, two additional test cases were studieifddy computations. Five radial nodes were used to model the
order to enhance the wake and the shock distortion by lowerifgfor tP gap. ,
and raising the vane exit Mach number to,M0.58 and M An O-grlc_zl was used around the blades with controlled stretch-
=1.1, respectivelycomputed, time and mass averaged at €,23 N9 in the direction normal to the wall. The boundary layers were
behind the stator trailing edyeAt design operation conditions the '€Selved down to g+ mean value of 28 for the standard wall
vane is choked and the rotor is close to choking which madeftnction computations.
necessary to increase the stator exit to throat area ratio and 6] .
crease the rotor through-flow area in order to increase Whis omputational Approach
was accomplished by increasing the casing-to-hub distance by 4% he PVM software package was used for code parallelization.
at the stator exit and 13% at the rotor exit for the high MacBteady state solutions were used as initial conditions for the un-
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steady computations, which needed 4400 time steps per periodWhen the trailing edge shock passes the rotor leading edge, the
The size of the maximum deviation in static pressure on the rotoigh pressure behind induces a Mach wéwve to travel along the
blade at midspan between two periods served as convergence iaier blade pressure surfa¢geet=0.44). The shock front itself
teria. Convergence was reached after eight periods, when the glgetches into the rotor blade passage until it hits the adjacent rotor
viation was less then 0.1%. Due to the nonlinear processes c@fade suction surface, where it is partly reflectsget=0.54
vergence to exactly zero in this sense cannot be expected, as sup64). The reflected wavéS-R2 travels towards the lower rotor
harmonics and/or portions of uncoherent flow may be present.plade’s aft pressure surface where it again is reflecsb t

. =0.74). It should be noted that the present shock motion is very
Data Evaluation similar to the one observed by Johnson ef&].in a linear cas-

Space-Time Maps. The blade surface pressure perturbation%""de facility.

were analyzed with the help of time-space maps at three radialg|ade Surface Pressures. The surface pressure perturbations

positions, namely 15, 50, and 85% span. The contour levels in thgs analyzed for both the vane and the rotor blade. The investiga-
time-space maps represent the perturbation from the time megfh starts at midspan, where the subsonic and high stator exit
static pressure normalized with the stage inlet total pressRre {1ach number case aid to the understanding of the design condi-

— Piime-mead/ Pox- The abscissa represents the pressure variatighy test case. Thereafter, spanwise variations are reported and
in time where the time is normalized by the stator blade passipgqssed for the design case only.

period. At time=0, the stator and rotor leading edge are axially
aligned at midspan. The ordinate represents the pressure variatiodane at 50% Span. Space-time surface pressure perturbation
along the blade wetted surfaarc length from the leading edge maps for the subsonic, the high M2 case and the design case are
(zerog along suction(negative half and pressurépositive halj shown in Figs. 2, 3, and 4, respectively. All three show a charac-
side to the trailing edge. The arc length is normalized by the totristic pattern of three high/low pressure regiofmeaks are
blade arc length. marked P-SS, SR-SS in the figurem the aft suction side of the
. . . . o stator blade corresponding to three rotor blade passing events dur-

Distortion Tracking. The phenomenological linking of the ;5 the presented time. The subsonic case shows excitation levels
blade pressure perturbations with flow distortions is accomplishggiap, order of magnitude lower compared to the other cases. In the
by comparing instantaneous pressure perturbation contour ploﬁ‘%sonic case the perturbations are caused by the direct impact of
the blade passages with contour plots that enable to track {8 aiternating passing of the high and low pressure regions of the
movement of a specific distortion through the stage. The shoglynstream rotor potential field. In the high Mach number case
motion is captured with contours of the pressure gradient moduliz, herturbation is caused by the impact of the stator trailing edge
|VP|. Information about the relative position of wakes and shocks,qck reflection on the rotor front suction surface, denoted S-R1
is gathered in contour plots of the density gradient mod{¥u& i Fig. 1. The same mechanism is responsible for the perturbations
Additionally the wake distortion appears as a negative jet wi design operation conditions.
qounter-rotating vortices in the perturbation velocity flow vector | ihe high Mach number case the influence of the downstream
field. unsteadiness is limited to the region downstream the choking line,
which is located at arc length,= —0.3 on the vane suction side.
At this position, a second narrow band of high/low pressure re-

Shock Motion. Before specifically discussing the surfacedions is located. The peaks are denoted S-SS in Fig. 3. The pass-
pressure perturbation events it is helpful to have established iR rotor increases the passage blocking periodically and causes a
shock motion in the turbine stage. As the stator trailing edge sho&mination of the expansion through the vane nozzle. The termi-
is weak and rather difficult to capture at design operation condiation is featured by the formation of a vane pressure side trailing
tions, the shock motion is presented for the high tdst case, €dge shock that hits the neighboring vane suction side, causing the
featuring a stronger shock. Though the shock angles as well pigssure peak S-SS in the throat region. The shock formation is
characteristic speeds differ for the two operation conditions, coidicated in Fig. 1, time instants= —0.04—0.24. The shock is
clusions about the shock influence at design operation conditio#gsignated SP in the figure.
can still be drawn in the comparative discussion of the surfaceAt design conditions the formation of a vane pressure side trail-
pressure perturbations. ing edge shock is not evident. As earlier described1ifi] the

The shock motion is visualized with contour plots of the presshock formation is inhibited due to the cooling gas injection. The
sure gradient modulus at midspan. The study was supported witlessure variationgpeaks are designated SP-SS in Figindthe
pressure perturbation contour plots that are not shown here duehwat area between arc lendth= — 0.2 and—0.3 are associated
space limitations. Figure 1 shows the blade passage at 10 sucedth the upstream movement of a sonic pocket that is located
sive time steps during one vane passing period in the rotor framewnstream the choking line. The movement is indicated with an
of reference. The time is related to the position of the markedarrow in Fig. 4.
rotor blade relative to the marked stator blade. The stator trailingin the subsonic and the high Mach number cases no pressure
edge shock position and reflections are marked with solid andriations are evident on the vane pressure side. These cases were
dotted lines, respectively. The arrows indicate the shock wagemputed with a round stator trailing edge geometry without cool-
movement. The discussion starts with the picture of the blagify gas ejection. In the design case, pressure variations are ob-
passage in the upper left cornertat —0.06. At this instant in served at the ejection slot location. See Fig. 4. It should be noted

time the vane trailing edge sho¢®) is in contact with the front that these could have a considerable influence on the cooling per-
suction side of the rotor blade close to the leading edge andgimance.

shock reflection formatiofS-R1) is evident. The open end of the

reflection bows around the rotor blade suction side towards theVane Spanwise Variations at Design Conditionghe vane
lower rotor blade pressure side, while the wave front travels upressure perturbation space-time maps for design operation con-
stream towards the vane lower suction surfatgee t ditions at 15 and 85% span are shown in Figs. 5 and 6, respec-
=0.06—0.24. The downstream part of the wave hits the lowetively.

rotor blade pressure surface, is partly refleai®eRRY) and dis- The same characteristic perturbation pattern is observed as the
torted (seet=0.24). The wave bulk hits the vane suction surfacgnap at 50% span. Though the pattern is the same, the perturbation
at approximatelyt=0.30 and is reflectedS-RR2 towards the strength differs slightly. As the stator exit Mach number increases
rotor blade passagseet=0.34). This last reflected wave is ratherfrom casing to hub, the trailing edge sho& in Fig. J and the
weak and hardly notable in the perturbation pressure. associated reflectioS-R1 in Fig. 2 increases in strength and

Results and Discussion
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Fig. 1 Contour plots of the pressure gradient modulus showing the stage passage at midspan. High Mach number OP.
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Fig. 8 Contour plot of the pressure perturbations for the sub- ) .
sonic test case at T=0.43. Stage passage at 50% span. Fig. 9 Space-time map of the rotor surface pressure perturba-
tions for the high M2 test case at 50% span

thus the perturbation SR-SS, caused by the shock reflection,_i

stronger towards the hub and weaker towards the tip. 0.14. This mechanism causes the pressure rise S-PS in Fig. 9.

The peak SR1-PS origins from the shock reflection S-R2 as it
Rotor at 50% Span. The discussion will start with the sub-impinges on the aft pressure side of the rotor blade. See also Fig.
sonic case. As there is no trailing edge shock present in this tésatt=0.74. Pressure perturbation SR2-PS is caused by the im-
case the rotor blade pressure excitations are related to the impamtt of the shock reflection that bows around the rotor leading
of the upstream potential field and the wake travelling through tleelge and impinges on the pressure surface of the neighboring
rotor blade passage. Figure 7 shows the pressure perturbatitade. This shock reflection path can be followed in Fig. 1, time
space-time map of the rotor blade surface. During the presentee—0.06—0.24.
time a rotor blade “sees” two vanes passing. When the stator trailing edge shock sweeps the rotor suction
The pressure side perturbations are mainly connected with th&face from the blade crown to the leading edge a strong pressure
alternating impact of the high and low pressure region of the vapeak follows its path. This pressure peak is designated S-SS in
potential field. They are not associated with any characterisiég. 9 and the motion is indicated with an arrow. The shock is
velocity relative to the blade surface. The pressure perturbatifsilowed by an expansion causing the pressure to fall. The pres-
P-PS at the aft is caused by the direct impact of the potential fiekire minimum is designated E-SS in Fig. 9, and the motion is
The perturbation PR-PS towards the front appears later than PiR&cated with an arrow.
though the front region passes the vane trailing edge earlier thamThe impact of the shock reflection S-R2 in Fig.t&=(0.74) on
the aft. PR-PS is most likely caused by a reflection of the potentidle rotor suction surface is the cause of the pressure peak in the
field on the neighboring rotor blade suction surface. The timmetor throat region designated SR-SS in Fig. 9. The other peaks on
delay is associated with the wave front traveling across the pdie aft suction surface are most likely connected with shock wave
sage. This excitation mechanism is illustrated in Fig. 8, showingreaflections, but they could not be followed in the pressure gradient
pressure perturbation contour plot of the stage blade passageattour plots.
midspan. The marked rotor blade has a relative position to theThe foregoing observations lead to the conclusion that the sta-
marked vane corresponding to a normalized titwe0.43. Note tor trailing edge shock is the dominant pressure perturbation
that the pressure perturbations are not frame independent. Tha@irce in the high Mach number case. Potential field and wake
fore a discontinuity is seen at the rotor-stator interface. excitations are certainly present but their influence is negligible.
The pressure perturbation P-SS at the front suction side of theThe pressure perturbation excitation mechanisms at design test
rotor blade is also strongly influenced by the direct impact of theonditions are discussed in the light of the observations and
vane potential field. But the pressure peak is also governed by #reowledge from the subsonic and the high Mach number test
wake passing, causing the perturbation to travel with the wakase. Relations between the observed pressure perturbations in the
downstream along the suction side. The wake-induced movemeesign case and the other cases are established by the study of
is indicated with an arrow in Fig. 7. Lakshminarayana e{#l] three characteristics of the pressure fluctuations: location in time
and Chernobrovkin and Lakshminarayai#] have earlier de- and space, shager movement along the blade surfaead per-
scribed the wake excitation mechanism in detail. Downstream thebation strength. During a blade passing period, three major
rotor blade crown atL,=—0.2, the pressure perturbations argressure events are observed on the rotor blade’s pressure surface:
relatively weak and will not be addressed any further. Pressure peak P-PS in Fig. 10 has the same origin as peak P-PS in
In the next section the high stator exit Mach number case wHiig. 7 in the subsonic case, namely the direct rotor potential field
be discussed in order to relate the earlier discussed shock motionthe aft pressure surface. Pressure peak PR-PS in Fig. 10 has its
to pressure events on the rotor blade surface. Compared to toeinterpart in pressure Peak PR-PS for the subsonic case visual-
subsonic case the excitation level is almost an order of magnituded in Fig. 7. It has its origin in the reflection of the vane poten-
higher in the case. tial field on the front rotor suction side. In the high Mach number
The pressure perturbation space-time map of the rotor bladese this event is certainly present, but hidden by the shock re-
surface is shown in Fig. 9. The three pressure peak events defligetion based excitation SR2-PS. As the shock reflection is
nated S-PS, SR1-PS and SR2-PS on the pressure side are alpresent in the design case as well, a corresponding perturbation
lated to the vane trailing edge shock motion in the rotor bladgR-PS is seen in Fig. 10, though it is located slightly further
passage. When the vane trailing edge shock passes the rotor lelmdvnstream on the rotor pressure surface.
ing edge it bows around and influences the pressure side for ahe front suction side of the blade at design conditions is—as
short time period. The shock motion is visualized in Fig.t1, earlier described in the high Mach number case—dominated by
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Nomalized time

Fig. 10 Space-time map of the rotor surface pressure pertur-
bations for the design test case at 50% span

the direct impact of the stator trailing edge shock. The associat
pressure peak and minimum are designated S-SS and E-SS in

10. The pressure peak PR-SS at the blade throat region is caL
by a potential field reflection analogously to the shock reflectic
that causes the peak SR-SS in the high Mach number case.

Figs. 9 and 10.

Between the blade positioh,=—0.15 and the blade throat
region at positiorL ;= —0.3 an upstream and a downstream mov i 4 k
ing perturbation is observed. The fluctuation movements along t _:E_:EE-
blade surface are depicted with arrows in Fig. 10. The dow
stream travelling pressure perturbation is associated with the We 0037 -0.026 -0.014 -0.003 0.008 0.020 0032 0.043
movement in the blade passa@®mpare with the subsonic case_. i )
in Fig. 7). The upstream travelling perturbation is not fully under%;'g' dlelsigﬁ?gé?lé;sémsi:gzspgfs;gzepzsssgor/? Sp;;urbanons for
stood, but the following explanation is suggested: In the design ' '

operation condition test case, the shock reflection S-RR1 in Fig. 1

at time t=0.24 hits the rotor pressure side slightly downstream can bee seen that the vane trailing edge shock directly influ-
the position that is observed in the high Mach number case, cagdgres the front pressure side at 85% span. The resulting pressure
ing the perturbation SR-PS in Fig. 10. At this position on the bladgeak is depicted S-PS in Fig. 13. On the suction side the pressure
surface the pressure side is turned to face more in axial directigfients observed at 50% span are present at 85% apart from the
and the wave is re-reflected and travels towards the r]Elighborg&ential reflection PR-SS in Fig. 10, which is missing in Fig. 13.
suction side where it causes the pressure peak SR-SS in Fig. 1G:Hg different location of the pressure peaks in the space-time map
then refracts with the trailing edge shock and is swept around thgtween the 50% span and the 85% position are mainly attributed
crown of the blade, following the shock motion towards the leadp the three dimensional shape of the rotor blade which results in
ing edge of the blade. The mechanism is illustrated in the seriesg{ariation of the relative position of the spanwise rotor sections
pressure fluctuation contour plots of the blade passage in Fig. {diative to the stator trailing edge.

The suggested wave motion and the location of the trailing edge

shock as well as the associated pressure perturbations are marked

=0.90

in the figure. The time is related to the position of the marked Y St o ————
rotor blade relative to the marked stator blade. TE 04" __ 1 srapd i
’ |

Rotor Spanwise Variations at Design Condition$n principle 0.3+ : P-PS ‘;'—-"'{\ Jl 0.08
all pressure perturbation events observed at midspan are ¢ P5 gz & o} ! 1
present at 15% span, though their location in the time space-m Y~—-=! SR1-PS! | 0.04
is slightly changed. Compare Figs. 10 and 12. There are additiol 0.1 PRPSY |
perturbations seen at 15% that will be addressed in the followir & : | s
Due to the increased shock strength and the change in rotor LE i:'
ometry towards the root, a first shock reflection emanates shor % o 9
after the vane trailing edge shock impact on the rotor suction sic < g3 .02
The shock reflection travels across the blade passage and hits
aft pressure side of the neighboring blade, causing the press 0.3 004
peak SR2-PS in Fig. 12. The periodical appearance and movem S5 40
of a weak suction side trailing edge shock causes the press e .06
peak S2-SS near the trailing edge on the blade suction side. i 1 52551 -l

At 85% span it is observed, that the potential field perturbatior TE n——'ﬂg"-'“l"'ff“——'{_;"—"‘;
are less pronounced compared to the lower span positions. On Normalized time

pressure side the potential influence is only seen in pressure peak
P-PS. The pressure peak SR-PP in Fig. 13 corresponds to Hi 12 Space-time map of the rotor surface pressure pertur-
shock reflection peak SR-PP in Fig. 10 at 50% span. Furthermduagions for the design test case at 15% span
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03l s, ™ 1 0.08
| I | Nomenclature
‘\ o~ 1! i A = annulus area
04 ., -
£ {3Ps : 0.03 ¢ = chord
LE 2 3 T L = length
e : 0.01 m = mass flow
< | M = Mach number
1, Bl P = static pressure
4i 0.02 P, = total pressure
S8 | T = static temperature
! 0.04 To = total temperature
} t = time
TE . a = stator relative angle
i e Numuzllm B e B = rotor relative angle
Subscripts
Fig. 13 Space-time map of the rotor surface pressure pertur-
bations for the design test case at 85 % span a = arc
ax = axial
s = stator
w = wall
Conclusions 1 = stator inlet condition
. ) ) 2 = stator outlet, rotor inlet
A 3-D computational study has been performed to investigate 3 — 5tor outlet

the vane and rotor blade pressure fluctuations in a transonic tur- o
bine stage. The goal was to establish the connection between Afbreviations
excitation source and the observed pressure perturbations on the E = expansion
blade surface. OP = operation point
In the investigations of the vane surface pressure fluctuations it P = potential
is concluded that the blade at suction surface is periodically af- R reflection
fected by the downstream rotor potential field at the subsonic RR re-reflection
operation conditions. S = shock
At the flow conditions with the high stator exit Mach number
and the design case on the other hand, the pressure perturbatj n?
are caused by the periodical impact of the stator trailing ed&%e erences
shock reflection on the rotor suction surface. In these cases thid] Manwaring, S. R., Rabe, D. C., Lorence, C. B., and Wadia, A. R., 1997, “Inlet
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tions revealed that the radial variation in vane trailing edge shock 2'€acy and Lnsteady nviscid ‘ransonic Stator/Rotor interaction With inie
. . . Radial Temperature Nonuniformity,” ASME J. Turbomachlg, pp. 347-357.

strength and the three-dimensional rotor shape con&deratﬂyl] Lakshminarayana, B., Chernobrovkin, A., and Ristic, D., 2000, “Unsteady

changes the appearance of the pressure perturbations on the rotor viscous Flow Causing Rotor-Stator Interaction in Turbines. Part I: Data, Code,
blade surface. and Pressure Field,” J. Propul. Pow&6, No. 5, pp. 744-750.
e : : : : }12] Chernobrovkin, A., and Lakshminarayana, B., 2000, “Unsteady Viscous Flow
In thl.s investigation every major surface pressure perturbat_loﬂ Causing Rotor Stator Interaction in Turbines. Part 2: Simulation, Integrated
appearing on the vane and the rotor has been addressed and linked g\ Field and Interpretation,” J. Propul. Powds, No. 5, pp. 751—759.
to its excitation source. [13] Dunn, M. G., Bennet, W., Delaney, R., and Rao, K., 1992, “Investigation of
Unsteady Flow Through Transonic Turbine Stage: Data/Prediction Compari-
son for Time-Averaged and Phase-Resolved Pressure Data,” ASME J. Tur-
bomach.,114 pp. 91-99.
Acknowledgments [14] Rao, K. V., Delaney, R. A., and Dunn, M. G., 1994, “Vane-Blade Interaction in
. . . Transonic Turbine: P |—Aerodynamics,” J. Pri l. P ;, No. 3,
This research was funded by Sweden’s National Flight Re- ﬁ‘ﬂayfjf,?]efpp93t’o5e_31f‘ erodynamics” J. Propul. Pov, No. 3

search PrograniNFFP. The authors wish to acknowledge this [15] Venable, B. L., Delaney, R. A., Busby, J. A., Davis, R. L., Dorney, D. J., Dunn,

Journal of Turbomachinery JULY 2002, Vol. 124 |/ 417

Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



M. G., Haldemann, C. W., and Abhari, R. S., 1999, “Influence of Vane-Blade Steady and Unsteady N-S Computations,” ASME Paper No. 2000-GT-0433.

Spacing on Transonic Turbine Stage Aerodynamics: Part |—Time-Averagef0] Denos, R., Sieverding, C. H., Arts, T., Brouckaert, J. F., Paniagua, G., and

Data and Analysis,” ASME J. Turbomact21, Oct., pp. 663—672. Michelassi, V., 1999, “Experimental Investigation of the Unsteady Rotor
[16] Busby, J. A., Davis, R. L., Dorney, D. J., Dunn, M. G., Haldemann, C. W.,, Aerodynamics of a Transonic Turbine Stage,” IMECH Conf. Trans., 3. Euro-

Abhari, R. S., Venable, B. L., and Delaney, R. A., 1999, “Influence of Vane- pean Conference on Turbomachinery, pp. 271-287.

Blade Spacing on Transonic Turbine Stage Aerodynamics: Part IlI—Timef21] Denos, R., Arts, T., Paniagua, G., Michelassi, V., and Martelli, F., 2000, “In-

Resolved Data and Analysis,” ASME J. Turbomact2], Oct., pp. 673—685. vestigation of the Unsteady Rotor Aerodynamics in a Transonic Turbine
[17] Hilditch, M. A., Smith, G. S., and Singh, U. K., 1998, “Unsteady Flow in a Stage,” ASME Paper No. 2000-GT-0435
Single Stage Turbine,” ASME Paper No. 98-GT-531. [22] Eriksson, L.-E., 1990, “A Third Order Accurate Upwind-Biased Finite Volume

[18] Moss, R. W., Ainsworth, R. W., Sheldrake, C. D., and Miller, R., 1997, “The Scheme for Unsteady Compressible Flow,” VFA Report 9370-154, Volvo Aero
Unsteady Pressure Field Over a Turbine Blade Surface: Visualization and In-  Corporation, Trollhigtan, Sweden.

terpretation of Experimental Data,” ASME Paper No. 97-GT-474. [23] Dahlander, P., Abrahamsson, H., iMsson, H., and Ha U., 1998, “Nu-
[19] Laumert, B., Matensson, H., and Fransson, T. H., 2000, “Investigation of the merical Simulation of a Film Cooled Nozzle Guide Vane Using an Injection
Flowfield in the Transonic VKI BRITE EURAM Turbine Stage with 3D Model,” ASME Paper No. 98-GT-439.
418 / Vol. 124, JULY 2002 Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



Investigation of Unsteady
Aerodynamic Blade Excitation
Mechanisms in a Transonic
oty | TUrbine Stage—Part II: Analytical

Heat and Power Technology, . . . en .
100 44 Stockholm, Swed
wuser e 8 Description and Quantification
Hans Martensson
Volvo Aero Corporation,
Propulsion Systems,

Military Engines Division,
461 81 Trollhattan, Sweden

This paper presents a study of the blade pressure perturbation levels and the resulting
blade forces in a high-pressure transonic turbine stage based on 3-D time dependent
viscous computations. Globally, the blade pressure unsteadiness is quantified with the
RMS of the pressure perturbations integrated in both time and along the blade surface.
Operation point as well as spanwise variations are addressed. Locally, the relative
strength of the pressure perturbation events on the vane and rotor blade surface is inves-
tigated. To obtain information about the relative strength of events related to the blade
passing frequency and higher harmonics, the pressure field is Fourier decomposed in time
at different radial positions along the blade arc-length. The amplitude peaks are then
related to the pressure events in space-time maps. With the help of the observations and
results from the blade pressure study, the radial variations of the unsteady blade force and
torque acting on a constant span blade profile section are investigated. The connection
between the first and second vane passing frequency pressure amplitudes on the rotor
blade surface and the resulting force and the torque amplitudes for three selected blade
modes was investigated in detail. In this investigation the pressure was integrated over
defined rotor blade regions to quantify local force contributions. Spanwise as well as
operation point variations are addressedDOI: 10.1115/1.1458579

Torsten H. Fransson
KTH—The Royal Institute of Technology,
Heat and Power Technology,

100 44 Stockholm, Sweden

Introduction paper: In Part | the link between excitation source and blade pres-

sure perturbation is, established in a phenomenological approach,

The know_ledge of the forcing function, i.e., the Fourier decongnd in Part Il the forcing function is analyzed based on the knowl-
posed _amplltude and_ pha_se of the surface blgde pressure .assé)c?é'e of the excitation sources. The objective is to quantify the
_ated with the base distortion frequency a_nd hlgher_ harm_onlcs,lb%al pressure perturbations and their relative contribution to the
important in order to foresee and avoid undesired wbratomade force and torque for three model vibratory blade modes.

stresses in the blade structure early in the design process of C¥llze g taken to describe and analyze radial and operation point
pressor and turbine stages. variations

A number of studies have been conducted on the issue of aero-
dynamic forcing of tL_erine blades. Korakianifi,2] usgd a 2D T1est Cases and Numerical Approach
non-linear computational method to evaluate the influence o
varying stator-rotor pitch ratios and axial gap on the blade force. The computations were performed on the VKI BRITE EURAM
Freudenreich et aJ3] also used comprehensive numerical paraniest turbine geometry. In addition to the design operation condi-
eter studies of varying axial gap, stator rotor pitch, stator ex#ons, a high and a low stator exit Mach number test case was
Mach number and operation points to investigate the influence @mputed in order to study the effect of pronounced shock and
design parameters on the forcing function. Clark ef4).con- Wake distortions. The test conditions are listed in Table 1. The
ducted a sensitivity study on the influence of blade scaling on tR@mputations were conducted with the Volvo Aero Corporation
numerical prediction of the blade forcing. In a combined expert-house developed flow solver Volsol. The code is a 3-D viscous
mental and numerical investigation of the unsteady blade loadsS@lver utilizing the ke turbulence model closure with standard
a vaneless counter-rotating turbine facility Haldemann efgl. Wall functions. The numerical method is based on an explicit,
concluded that the presented numerical methods were consety®e-marching, cell centered finite-volume procedure. The accu-
tive in the predicted excitation levels. racy of the Runge-Kutta time integration is second order. The

Though the evaluation of the forcing function provides answef9nvective fluxes are computed with a third order upwind biased
to the question of the level of possible excitations, it gives necheme, based on the characteristic velocities. The viscous fluxes
guidance in the search for a better aerodynamical design, as @ computed with a compact, second order accurate, centered
information about the physical mechanism of the aerodynamicifX scheme. - ) o
excitation is lost in the Fourier decomposition. The establishment” comprehensive description of the turbine test facility has
of a link between the excitation source and the actual pressi¥g€n presented by Denos et [@]. Details of the computational
fluctuation prior any Fourier analysis of the flow field is therefor&St cases, numerical methods and computational grids have been

of great value. This concept is the basic idea of this two-papfesented by Laumert et al. [fi] and[8].

Contributed by the International Gas Turbine Institute and presented at the IntQ—ata Evaluation

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui- . . L .
siana, June 4-7, 2001. Manuscript received by the IGTI, October 24, 2000. Pa1pet':0"~1rler Decomposition. To obtain '_nforma“()n about the
No. 2001-GT-259. Review Chair: R. A. Natole. relative strength of pressure perturbation events related to the
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blade passing frequency and higher harmonics, the pressure i
was Fourier decomposed in time at 15, 50, and 85% span alo
the blade arc-length. The Fourier figures show the amplitude
one harmonic at different spanwise positions along the press
and suction surface of the blade.

Table 1 Boundary and flow conditions for the computed test 0,025 — T FbAS T T T T i ]
cases 1st harm. RMS
== 2nd h: . RMS
Boundary Design Low M, High M, ° s'.l»;iﬁ?ﬁ o, | . ~d
Conditions | OP OP oP 002 4 PeO op o
Py, [bar] 1.628 1.628 1.628
P; hub [bar] | 0.533 1.185 0.48 50015 |
To; [K] 441.6 441.6 441.6 H
T, [K] 293 293 293 H
Rotor speed | 6500 4250 7350 001+ .
[RPM]
Vane t/e Inj. Slot, Round, Round, o005t _a
coolant 3% coolant | 0% coolant | 0% coolant ’ Pt -
A2/A1 1.0 1.0 1.04 FUPTPPY LI
A3/Al 1.09 1.09 1.24 9 . . s . : . :
4 05 06 07 08 0.9 1 11 12

Flow Mach number
1(\:40“;;20“5 095 0.53 11 Fig. 1 RMS/Q versus M , for the vane at midspan

2 . . . .
M, span
11\/?% |185% (l)gzl 092 8§é |0.56 (1);;7] 1.05 Results and Discussion

3 I€l. . . .
m [kg/s) 10.62 8.98 10.42 Analysis of the Pressure Perturbation Levels. In this first
P, [bar] 0.868 1267 0716 part of the result section two main issues are addressed: Firstly,

2 - - ‘2 the analysis and discussion of the pressure excitation levels with
o, [deg] -72.6 -72.6 -12.9 respect to operation point variations at midspan. Secondly, the
B, [deg] -41 -39.2 -41.23 investigation of the spanwise excitation level variations for the
B; [deg] 63.1 60.4 61.4 design test conditions. The study is conducted for both the vane

and the rotor, but focusing on the rotor.

Vane at 50% Span.In Fig. 1, the pressure perturbation RMS
aled with the vane exit dynamic pressure is plotted against the
e exit Mach number. The normalized RMS levels for the first
3 d second rotor blade passing frequencies are also shown. It can

Llﬂ%seen that the normalized total RMS rises with increasing Mach

number. In this operation area the level doubles. The observed
trend is not an obvious fact, as the normalized pressure RMS is

Pressure Perturbation RMS. A global measure for the total constant with respect to vane exit Mach number variations for low

== Design OP
- - High M2 OP
''''' Subsonic OP

pressure perturbation strength on the blade surface at a defisatbsonic operation conditions. The explanation for the rise at
blade span position is defined by the RMS of the local bladggher subsonic and transonic operation conditions is probably the
pressure perturbation integrated in time and along the blade afaresence of shocks. Furthermore it is observed that the slope of
— the first harmonic normalized RMS level slightly flattens, while
RMS, = [Jard Zi=1p7)ds 1) the slope of the second harmonic level slightly ascends, as higher
ot nfads harmonics become more important with increasing Mach number.
A alobal for th turbati ¢ i Fégures 2 and 3 show the perturbation amplitude along the vane
global measure for the preéssureé perturbation strengtn N cqce ot midspan for the first and second blade passing fre-
specific vane passing frequency at a defined blade span position is
defined as follows:
[farcpﬁ»ampds 0.05~
RMSq 2farcds (2) 0.045
where p,_amp is the arcwise local pressure amplitude of thta 0.04
blade passing frequency obtained by a Fourier decomposition of
the unsteady pressure field.

0.035

Rotor Blade Force and Torque. The pressure was integrated g 083
around the rotor blade profile at defined blade span positions t02, ...l
give the unsteady force and torque components that promote seg
lected model vibratory blade modes, namely a flex mode, an edge“ 0.02
wise bending mode and a torsion mode. The flex mode promoting
force part acts perpendicular to the blade chord, the edgewise
bending mode promoting force part acts chordwise. The chord .01
line center was chosen as torsion axis.

The force amplitude of theith vane passing frequency was %998
normalized with the RM$level and the blade chord length. This 0
provides a relative measure of the force realization degree of the
pressure perturbation unsteadiness in ke vane passing fre-
quency. Similarly, the torque amplitude was normalized with theig. 2 Pressure amplitude of the 1st rotor passing frequency
RMS, level and the square of the half chord length. along the vane surface at 50% span

0.015

0 01 02

Arc length
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' —Design OP 0.025}
0.012f -~ HighM20P ]
----- Subsonic OP
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SR
s 0.008+ ] <0015} — Total AMS
g 2 ! | 1st harm. RMS
2 - ~ ~ 2nd harm. RMS
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0.004} )
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Fig. 3 Pressure amplitude of the 2nd rotor passing frequency Fig. 4 RMS/Q versus span for vane at design conditions

along the vane surface at 50% span

blade surface at midspan are shown in Figs. 6 and 7, for the first

and second vane passing frequency, respectively, together with
quency, respectively. The excitation levels of higher harmonics afgeasurement data obtained at design conditions.
relatively low and will not be discussed here. At all operation In connection with the space time maps in Figs. 8, 9, and 10,
conditions the region of major pressure excitations is located the relative strength of the local pressure events at rotor blade
the aft suction side of the vane. In the design and high Machidspan are illustrated for the tree operation conditions in the
number case the region of influence of flow distortions is limitefbllowing. The contour levels in the time-space maps represent the
upstream by the choking line. In the design case a stator geomgieyrturbation from the time mean static pressure normalized with
with a trailing edge ejection slot was utilized, whereas in the higihe stage inlet total pressure® € Pimemead/Po1- TO aid the
Mach number case a round stator trailing edge was used. With fieader, the pressure signal abbreviations are explained in Table 2.
ejection slot geometry the choking area is located further up-At subsonic conditions three pressure peaks of comparable
stream and therefore pressure perturbations are noticed furtbgength are evident in the first vane passing frequency. They are
upstream. In Part | of this papgr], it was observed that the located at the front suction side and along the pressure side of the
pressure excitation source in the subsonic case was the periodigatie and correspond to the vane potential field perturbations
impact of the downstream rotor potential field. In the design arRkSS, P-PS and PR-PS depicted in Fig. 8. At design conditions
the high Mach number cases the main excitation source is tlieansoni¢ the impact of the vane trailing edge shock gives rise to
impingement of a reflected shock wave from the rotor suctica significant and dominating amplitude rise at the rotor front suc-
side. This leads to considerably higher perturbation amplitudestion side. Furthermore the appearance of both potential and shock
the design and high Mach number case compared to the subsasitection(SR-SS, PR-SS in Fig.)&ffect the aft suction side and
case. Probably due to increasing shock strength, the second lg@ve rise to amplitude peaks in the same order of magnitude as the
monic shows relatively higher amplitude levels in the high Macpotential field distortions on the pressure side. The increased
number case compared to the design case. In Pgff it was shock strength at the high Mach number operation conditions sig-
stated that a pressure side trailing edge shock from the neighbugificantly increases the perturbation amplitude at the front suction
ing stator periodically impinges on the vane suction surface in téde. Furthermore the increasing number of shock reflection
high Mach number case. This explains the amplitude peak close to
the choking line, at arc length,= — 0.3 for the high Mach num-
ber operation conditions.

Vane Spanwise Variations at Design Conditionn Fig. 4, the e ' ; "
normalized pressure perturbation RMS levels for the design cas || 1st harm. RMS
are plotted versus the radial position. It is observed that the tote 0.06fj 7 "Znd harm. BMS 1
normalized RMS is nearly constant with respect to the radial po- —— 4rd harm. RMS
sition. The normalized RMS of the first blade passing frequency g gsl ° a:i‘mgpo" _
slightly increases with increasing radius. On the other hand, th 4 High"ﬂzop
normalized RMS level decreases slightly for the second blade_ \—————  _»~" .o <
passing frequency, due to the fact that the Mach number and Wit%"'“' ................ i
it the shock reflection strength decreases from hub to shroud. @ | -~ .

The variations of the local pressure amplitudes with respect t&o03f o 1
the spanwise position are only minor and are not further discusse
for the vane. 0.02- PP R -

Rotor at 50% Span. The normalized perturbation pressure __.—"' <
RMS at rotor blade midspan is plotted against the stator exit Mact 0.01F o-” PR 1
number in Fig. 5. As for the vane, the total normalized RMS o g
increases and the unsteadiness is distributed to higher harmoni 9 . " s . . . .

4 05 06 07 08 09 1 11 1.2

with increasing Mach number as shocks and shock reflection
start to appear.
Predicted pressure perturbation amplitude levels along the Fig.5 RMS/Q versus M, for the rotor at midspan

Mach number
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Fig. 9 Space-time map of the rotor surface pressure perturba-

tions for the design test case at 50% span

Fig. 6 Pressure amplitude of the 1st vane passing frequency
along the rotor surface at 50% span
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Fig. 7 Pressure amplitude of the 2nd vane passing frequency
along the rotor surface at 50% span
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Fig. 8 Space-time map of the rotor surface pressure perturba-
tions for the subsonic test case at 50% span
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TE -

events(see Fig. 10 leads to higher amplitudes towards the rotor
blade trailing edge on both the pressure and the suction side of the
blade.
As is observed in Fig. 7, the subsonic test case shows compa-
rably low levels in the perturbation amplitude along the rotor
blade surface for the second vane passing frequency. The peak
amplitude levels of the design and high Mach number case are in
the same order of magnitude as the potential field and shock re-
flection excitation levels in the first vane passing frequency. Apart
from the region of direct impact of the trailing edge shock on the
front rotor suction side, the second harmonic amplitude peaks at
transonic conditions are caused by two pressure events occurring

0.06

0.04

0.02

0,02

0.04

-0.06

05 B
Normalized time

Fig. 10 Space-time map of the rotor surface pressure pertur-
bations for the high M2 test case at 50% span

Table 2 Pressure signal abbreviations and explanations

Abbreviation

Explanation

P-PS
PR-PS
S-PS
SR-PS
P-SS

PR-SS
E-SS
S-S§

SR-SS

Vane potential field impact ~ on press. side
Potential field reflection — on pressure side
Vane trailing edge shock impact — “-*
Shock reflection impact — on pressure side
Vane potential field impact — on suction
side

Potential field reflection — on suction side
Expansion — on suction side

Vane trailing edge shock impact —
Shock reflection impact on suction side

6
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Fig. 11 RMS/Q versus span for rotor at design conditions Fig. 13 Pressure amplitude of the 2nd vane passing frequency

along the rotor surface; design OP

successively during a vane passing period. While at design con-
ditions the events generally are of different physical origiake
traveling and shock reflection on the suction side, potential field
impact and shock reflection on the pressure )side high Mach

—

number conditions the events are related to the direct or reflec TE oamT—rr= R ——
shock impact. ,~—~1 sra2p9 I
It is observed in Figs. 6 and 7, that the agreement between 03 ! ppPs | '-,--":.‘ ! 0.08
measured amplitudes and the design case predictions generall PS 55| i 7 ' 1'
very good apart from the front suction side region where the ar T=—r—1 5R1-PS) | 0.04
plitude is lower, thus indicating that the stator trailing edge shoc 04y |
is under-predicted. g o | o0
Rotor Spanwise Variations at Design Condition§.he Mach L 2 pq 1 ]
number decreases from the hub to the cassep Table ), thus E '
the strength of dominant distortion source namely the stator tra 42 1 0.0z
ing edge shock decreases. As a result, the normalized press 035 J
perturbation RMS levels visualized in Fig. 11 slightly decreas gg oak | -0.04
from hub to shroud along the rotor blade. The most promine ; aNALLN ]
decrease is observed in the second vane passing frequency. 05 ,’32.5,3“: .06

As already indicated by the almost constant level of pressu TE SR N W1 . SES—
distortions in the first vane passing frequency in Fig. 11, the loc 0 05 1 15
variation of the pressure amplitude along the blade surface sho....
in_ Fig. 12 is similar at all .studied span posit.ions. Some Ioc%l. .14 Space-time map of the rotor surface pressure pertur-
differences are_addressed_ in the fort_hco_mlng in connection wi ?gtions for the design test case at 15% span
the corresponding space-time maps in Figs. 9, 13, 14, and 15."In

the region of the direct vane trailing edge shock impact on the
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Fig. 12 Pressure amplitude of the 1st vane passing frequency Fig. 15 Space-time map of the rotor surface pressure pertur-
along the rotor surface; design OP bations for the design test case at 85% span
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T " ' ' ' T " T ; per vane passing period at the same location are therefore rarely
e | seen at 85% span. This in turn leads to lower second harmonic
perturbation amplitudes on both mid to aft suction side and the
pressure side of the blade. This is consistent with the pronounced
0.8} 1 decrease in the second harmonic RMS level in Fig. 11 at 85%
sl NN 0 [ span.
ﬁo.s- ‘‘‘‘‘‘‘‘ ] Mode Analysis for Design Operation Conditions. In this
81 %<l N\, T section the unsteady forces and torque promoting three model
E = rotor blade mode shapes, namely a flex mode, an edgewise bend-
204} . ing mode and a torsion mode are investigated for the design op-
— 1stharm. . eration condition. The observed spanwise variations are also ad-
F A 2nd harm. .° dressed.
o2H -‘- 3rd harm. ., |
e Yoo oo ” Flex Mode: 1st Vane Passing FrequencyFigure 16 shows the
B 50% span amplitude of the normalized unsteady force acting perpendicular
GLY BS%span| . 0 to the blade chord at 15, 50, and 85% span. The normalized force
0 10 20 30 40 S50 60 70 80 90 100 is a measure of the degree of force realization of the pressure

Span unsteadiness connected with the first vane passing frequency. It

was earlier concluded, that the spanwise RMS variation is weak
for the first vane passing frequency. Figure 16 reveals on the other
hand that the amplitude variation of the normalized force for the

first vane passing frequency with respect to the spanwise position
. . N is very strong. In fact, the degree of force realization is less than a
front blade suction sidél.,=—0.1 in Fig. 12 the pressure am- yiq the degree of force realization at 15 and 85% span. The
plitude is lower at 85% span as the shock strength decreasesjfsssure amplitude variations along the blade surface, shown in
wards the tip. The local appearance and movement of a Wegly 12, do not reveal the reason for the strong radial variation in

shock on the aft suction side causes the high perturbation ampla force, as the amplitude pattern is similar for all positions along

tude atL,=—0.55 at '15%. S the blade span.

On the pressure side the trend is similar for the 15 and 50%qyq aid to the understanding of the spanwise force variations and
position, but the perturbation amplitude is larger at 15% span. Thejn estigate the relative influence of the different pressure events
reason is twofold: Firstly, as the stator exit Mach number is h'ghﬁf ng the blade surface on the force, the pressure was separately
towards the hub, the potential field perturbations are stronger i grated over three regions along th’e blade arc. When examining

secondly, the additional shock reflection peak depicted SR2-P o
Fig. 14 promotes the amplitude level of the first vane passi%%' 12, the subdivision of the arc appears naturally, as the vane

frequency towards the aft. The single shock reflection depict %iling edge shock induced pressure perturbation for all span po-

SR-PS in Fig. 15 gives the additional peak on the pressure side ions dominates a defined region at the front suction side of the
85% span at.,=0.22 in Fig. 12. At 15 and 50% two events perrotor and therefore can be viewed separately. The three areas were
a=0. .12

period affect this location thus promoting the amplitude level ifefined as follows: firstly, the aft suction side, stretching from the
the second harmonic rather than the first. blade trailing edge td_,= —0.155; secondly, the front suction

In the second vane passing frequency the pressure perturbafiil¢ Stretching front.,=—0.155 to the leading edge and thirdly,
amplitude distribution along the blade surface is very similar fdhe blade pressure side. The forces acting on the individual blade
the 15 and 50% span positions. There are only minor differenc&@gions and the summed forces are visualized in Fig. 17 for 15,
observed in the amplitude strength and position along the bla@@, and 85% span. The forces are depicted in polar coordinates,
surface in Fig. 13. For the 85% span position on the other hamdnere the length of the arrow represents the amplitude of the
considerable differences are observed. Governed by the 3-D rdiwice and the angular position represents the relative phase. The
blade shape and the decreasing strength of the rotor trailing edidige arrow represents the force contribution of the front suction
shock, there are fewer potential field and shock reflections pressiute (the trailing edge shogkthe green is the contribution of the
at 85% spar{compare Fig. 15 with Figs. 9 and 14Two events aft suction side and the black is the contribution of the pressure

Fig. 16 Amplitude of the normalized force perpendicular to the
rotor blade chord versus span; design OP

180F === 4 - - m e - ) O 0

210 330
50%
270 span 270 span
Aft suction side = s« s« Front suction side s s Pressure side == « = Total Force e

Fig. 17 Flex mode: 1st harm. amplitude and phase of the force acting on the front suction side, the aft suction side and the
pressure side at 15, 50, and 85% span. The summed total force acting on the whole blade arc is also shown.
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side. The local arrows’ vector sum form the red arrow, which o.s . . .
represents the total force acting over the blade arc at a define

spanwise position. 07- ]
It is observed that the force amplitude due to the influence of
the shock on the front rotor suction sidblue arrow almost 0.6 1

doubles from 15-85% span, although the pressure amplitude i
this area decreasésee Fig. 12 The force increases as the pro- gost
jection of the front suction side arc length on the chord increase2
from hub to shroudthe curvature decreased\s the rotor blade 30_4-
leans in the direction of the blade rotation, the arrow turns coun-g
terclockwise, indicating that the impact of the shock occurs earlieS g.a}
towards the shroud. Comprising the observations, the direct shoc .

= 1st harm.
influence on the force normal to the chord is defined by four g2 o 2:tdharm. I
parameters: firstly, the stator exit Mach number, defining the pres ¢ - 3:: 'r'.‘:r""‘"
sure amplitude; secondly, the blade stagger-angle; and thirdly, th 44} © 15% span |
curvature of the blade, which together quantify the degree of force : :g:ﬁ span
realization of the pressure distortion for the present mode shapt ol . o . . . . . S 20¥4
Fourthly, the blade leaning, influencing the phase. 0 10 20 3 40 S0 60 70 8 S0 100

. . . Span
The examination of the green arrow reveals that the contribu-

tion of the pressure perturbations on aft suction side to the forcerig. 18 Amplitude of the chordwise acting normalized force

in the same order of magnitude as the shock perturbation on treesus span; design OP

front suction side. The force amplitude variation with respect to

the spanwise position appears to be small. The phase shift is al-

most 180 deg from hub to shroud, rotating clockwise, thus indj- . . .

cating that the pressure events that contribute to the force appté%{fJ side and pressure side Qecrease from h.Ub to tip as the level of

half a period earlier at 15% span compared to the 85% span cond _harmonlc perturbations decrea_se in this region. As the

sition. The change in phase is a result of the earlier mention ase difference of the local force contributions from the aft suc-
on side and the pressure side decreases from hub to shroud, the

appearance of different perturbation events along the aft suct ree of force realization increases slightly in the second vane
side in spanwise direction and their relative phase along the bla eJ gnty

. o ssing frequency, as is observed in Fig. 16. The phase variation
g?giﬁzbgz;earg:_d by the radial Mach number variation and t@ the total force is less than 60 deg from hub to shroud. For the
The contribution of the pressure side perturbatiginiack arrow sake_of ?rewty the local for(;]e conrt]rlbutlons for the second vane
in Fig. 17 to the force perpendicular to the chord varies strongIE}aSS'ng requency are not shown here.
in both phase and amplitude in spanwise direction. At 15 and 85%Edgewise Bending Mode: 1st Vane Passing FrequenEjgure
span, the force amplitude is more than twice the amplitude of th@ reveals that the spanwise variation of the chordwise acting
front suction sidgshock and the aft suction side. At 50% it is in normalized force is not as strong as observed for the perpendicular
the same order of magnitude. The phase shift is about 90 degaitting force seen in Fig. 16. As for the flex mode, the investiga-
clockwise direction from hub to shroud, thus indicating that thgon of the total force in chordwise direction at a specific spanwise
pressure events that contribute to the force appear a quarter gfogition is viewed in the perspective of the local force variation at
vane passing period earlier at 15% span than at 85% span. Ashg front suction sidéshock influenck aft suction side and the
the case of the aft suction side, the spanwise variations in phasessure side. When examining Fig. 19, it is observed that the
and amplitude can be explained with the varying appearance gofte due to pressure perturbations on the front suction surface
importance of different pressure perturbation events on the prégre direct impact of the stator trailing edge shock, blue ayriew
sure side of the rotor blade. At 50% span, the dominating pertue dominating contribution to the total force at 50% span.
bation events are P-PS and PR-PS in Fig. 9 and as they are iThis is true for all spanwise positions. In fact in this particular
opposing phase during a vane passing period the resulting fotegse it would be conservative to assume that the total force am-
amplitude is comparably low. plitude equals the force contribution by the shock distortion on the
When looking at the resulting total force in Fig. 1fhe red front suction side. The force amplitude due to the shock perturba-
arrow), it is observed that the unsteady force acting on the pres-
sure side is the dominant contributor at 15 and 85% span. The
phase movement of the local forces is from the left half to the
right half from hub to shroud, where the aft suction side and tt 90 150
pressure side force move clockwise and the front suction sii
counterclockwise. This leads to a 150-deg phase shift from hub
shroud in the total force. At 50% span the front suction side ar 150 ) ]
the aft suction side and pressure side forces are in opposing ph Front suction side
and counteracting. This fact, together with the relative small an -
plitude of the pressure side force at 50% span, explains the to
force amplitude minimum and the low degree of force realizatio;gg(- . . .. . __ ;. _ s o Pressure side
depicted in Fig. 16.

Aft suction side

2nd Vane Passing Frequencylt has earlier been described
that the shock impact on the front suction side causes a press
perturbation amplitude in the second vane passing frequency
the same order of magnitude as the other perturbations obser
on the pressure and suction side of the ragsme Fig. 1R The
perturbation amplitude is not as dominating as in the first var
passing frequency. The local contribution of the front suction side
perturbations to the force acting perpendicular to the chord beig. 19 Bending mode: 1st harm. amplitude and phase of the
comes therefore negligible. The local contributions of the aft sutsrce acting parallel to the chord at 50% span

Total Force
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Fig. 20 Torsion mode: 1st harm. amplitude and phase of the Span

torque at 50% span
Fig. 21 Amplitude of the normalized torque versus span; de-
sign OP

tion decreases slightly from hub to tip and exhibits a counter-

clockwise phase shift of 60 deg, indicating that the perturbation

appears earlier at the hub than at the shroud. As the shock strengthditions is shown in Fig. 22. In contrast to the edgewise bend-
decreases from hub to shroud the amplitude of the pressure prg and torsion modéFigs. 23 and 2% the flex mode promoting
turbation on the front suction side decreases from hub to shrodiokce of the first vane passing frequency does not increase with
Furthermore the projection of the front suction side arc lengihcreasing Mach number at 50% span. In fact, the force amplitude
perpendicular to the chord decreases from hub to shfihedcur- shows a minimum at design conditions. The explanation is the
vature decreasgsThis explains the decrease in the force ampliearlier shown low degree of force realization at 50% span at de-
tude. The phase shift is connected to the blade leaning as earfigh operation as the effect of the force promoting pressure per-
explained for the flex mode. turbation events cancel out to a high extent as they appear with
opposing phase during a vane passing period. This is also the case

for the high Mach number conditions. At subsonic operation con-

pressure perturbati_ons on the aft and front su_ction and the_ PresSiitfons on the other hand, where complex shock and potential field

Z'l??nt?hg]i;r?g%\’rvéfﬁ ngtr'Tr]‘g sn?t%%nedfg?rt?:?r'f/;cs’?eaﬁen;psl'tl;iiv?@lections are not present, the spanwise variations in the force
" 0 9 gated sp Fealization are smaller. More detailed, the flex mode promoting

positions. At 50% span the three local force contributions have tential field disturbances on the blade pressure side, depicted

phase shift of 120 deg relative to each other and cancel out t.(g?PS and PR-PS in Fig. 8, are in phase and the suction side con-
high extent. Therefore, the total normalized force depicted in Fi ilbution is at the most 90 deg phase shifted, thus not rescinding

18 shows a minimum at 50% span. The phase shift of the to : -

force that promotes the edgewise bending mode is about 150 ﬂé% pressure side contribution to the force.

from hub to shroud. Flex Mode: Higher Harmonics. The appearance of two per-
turbation events per vane passing period on the aft suction and

Tarsion Mode: 1st Vane Passing Frequencithe investigation ressure side in the transonic regime leads to second harmonic
of the unsteady torque acting on the chord center axis shows V% ce amplitudes in the same order of magnitude as in the first

5|m|Iar‘trends as the Investigation OT the chordW|§e force. Tmearmonic for design and high Mach number operation conditions
normalized torque amplitude for the first vane passing frequency

varies moderately with the spanwise position. The examination of
the local contributions in Fig. 20 reveals that the shock induced
perturbation on the front suction sidalue arrow is the by far the
largest contributor to the total torque as it is a strong perturbation
acting at a large distance to the center of rotation.

2nd Vane Passing FrequencyThe local contribution of the

60

2nd Vane Passing FrequencyAs observed in the investiga-
tions of the chordwise acting force, the local contribution of the
pressure perturbations on the aft and front suction and the pressure 40— 1st harm. ~/ .,
side to the second harmonic torque amplitude are all in the same~ || 2nd harm. K
. E = 3rd harm.
order of magnitude. .

£ =+~ 4th harm.

At 50% span the local torque contributions are canceling out to §3°’ © Subsonic OP A ]
a high extent as they exhibit a 120 deg phase shift relative to each || ¢ 3;’;,:9;:;, S
other and thus a minimum is observed in the total normalized 4} S i
torque in Fig. 21 at 50% span. S

Mode Analysis for Varying Operation Conditions. In this 10k ,f' -
section the observed variations in relative force and torque S e -
strength for the three operation conditions will be addressed for F S EF PRI Sl PR <
the rotor blade midspan location. s o8 07 o8 o8 1 w 12

. . Mach number
Flex Mode: 1st Vane Passing Frequencyfhe amplitude of

the unsteady force acting perpendicular to the rotor blade char@. 22  Amplitude of the force perpendicular to the rotor blade
for the subsonic, the design and high Mach number operatiohord versus M , at midspan
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160 : i y y second harmonic pressure perturbation amplitude along the blade
- 18t harm. . . . - .
..... 2nd harm. surface is considerably stronger at design conditions. At high
ta0n -~ m:::::- ] Mach number operation on the other hand, the local contribution
© Subsonic OP of the shock-influenced region at the blade front suction side is
12011 B Design OP 1 dominating, and therefore the amplitude of higher harmonics in-
< _High M2 OP .
100l creases considerably.
i gl Conclusions
g In the analysis of the pressure perturbation levels on the vane
60} < . and rotor blade surface, it is concluded that the RMS levels in-
crease considerably faster than the dynamic pressure with increas-
0t ing stator exit Mach number due to the appearance of shocks in
the transonic flow regime. Furthermore, the presence of shocks
20 1 and shock reflections increase the portion of higher frequencies in
the unsteady pressure signal. The spanwise variation of the RMS
15 12 levels at design operation conditions is rather small. The slight
Mach number decrease towards the shroud is explained with the decreasing

strength of the vane trailing edge shock.

In the study of the Fourier decomposed blade pressure signals it
is concluded that the first harmonic pressure amplitude peaks
along the rotor blade surface at 50% span are in the same order of
) n _magnitude on the pressure and the suction side. At design and
at 50% span. As the physical origin of the two events per periggyher Mach number operation conditions the pressure amplitude
merely is shock related with strong pressure gradients at higlje to the direct shock impact on the rotor front suction side is
Mach number conditions, multllples. of the second vane Passifigre than twice as large as the other amplitude peaks along the
frequency are governed, resulting in the strong fourth harmonigage surface in the first vane passing frequency. The presence of
force amplitude seen in Fig. 22. shock reflections at transonic conditions governs second harmonic

Edgewise Bending and Torsion Mode: 1st Vane Passing F,eerturbation_amplitu_des that are in the same order of magnitude_ as
quency. At all operation conditions, the pressure perturbationfSt harmonic amplitudes along the pressure and the aft suction
located at the front suction side give the major contribution to trfide of the rotor blade. At subsonic operation conditions second
chordwise acting force and torque variations. The influence Brmonic perturbations are generally an order of magnitude
perturbations at other blade regions on this force is weak. In ta@aller than first harmonic perturbations.
case of the subsonic operation conditions the vane potential field the analysis of the first vane passing frequency force and
(P-SS in Fig. 8 influences this region. At design conditions thdorque amplitudes at deS|gn operatlpn_ conditions, it is concluded
stator trailing edge shockS-SS in Figs. 9 and 20induces a that the f_Iex mode promoting fprce is influenced by t_he pressure
stronger perturbation at this location, which strengthens with iRerturbations at all separately investigated blade regions, namely
creasing Mach number. Therefore the first harmonic amplitude $¥ front and aft suction side and the pressure side. The spanwise

the force and torque shown in Figs. 23 and 24 rises from subsofffce variation is strong at transonic conditions with a force mini-
to high Mach number conditions. mum at midspan as a result of the inherent phase shifts of the

pressure peak signals relative to each other. At subsonic condi-
Edgewise Bending and Torsion Mode: Higher Harmonicdt tions the spanwise variations are small, which in fact results in a
design operation conditions the local force and torque contributig@ronger flex mode promoting force at midspan compared to the
of the front and aft suction side and the pressure side to the edg@ansonic conditions.
wise bending and torsion mode are in the same order of magni-The strong shock-induced pressure perturbation on the front
tude and cancel out to a high extent as they exhibit a phase shifrofor suction side gives the dominating contribution to the edge-
about 120 deg relative to each other. Therefore the amplitude rigsge bending and torsion mode promoting force and torque at
of the second vane passing frequency in Figs. 23 and 24 frafgsign conditions and the spanwise amplitude variations are rela-
subsonic to design operation conditions is small, even though tiely small. The force and torque amplitude increases with in-
creasing stator exit Mach number. It is concluded that the force
contribution due to the shock impact is defined by four design

Fig. 23 Amplitude of the chordwise acting force versus M , at
midspan

45 . parameters: the stator exit Mach number, the blade lean, the blade
- ;:;";;r':; stagger angle and the blade suction side curvature.
471 - - ard harm. For all investigated blade modes it is observed that higher har-
-'* dth harm. monic force and torque amplitudes increase with increasing Mach
354 © Subsonic OP
o Design OP number.
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Nomenclature
0s 1 ¢ = chord
o - S fhall . . . L = length
. X .7 0.8 0. B . n =
o ! 1 12 m = mass flow
M = Mach no.
Fig. 24 Amplitude of the torque versus M, at midspan n = discrete time step number
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p = local static pressure perturbation
P = static pressure
Py = total pressure
Q = dynamic pressure
T = static temperature
Ty = total temperature
t = time
a = stator relative angle
B = rotor relative angle

Subscripts

= arc
axial

stator

wall

stator inlet

= stator outlet, rotor inlet
= rotor outlet

WNRS g S
I

Abbreviations

E = expansion

P = potential

R = reflection
RR = re-reflection

S = shock
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Numerical Unsteady Flow
Analysis of a Turbine Stage With
Extremely Large Blade Loads

This paper presents the detailed numerical analysis including parametric studies on the
aerodynamic excitation mechanisms in a turbine stage due to the unsteady stator-rotor
interaction. The work is part of the predesign study of a high-pressure subsonic turbine
for a rocket engine turbopump. The pressure level in such turbines can be remarkably
high (in this case 54 MPa inlet total pressure). Hence, large unsteady rotor blade loads
can be expected, which impose difficult design requirements. The parameter studies are
performed at midspan with the numerical flow solver UNSFLO, a 2-D/Q3-D unsteady
hybrid Euler/Navier-Stokes solver. Comparisons to 2-D and steady 3-D results obtained
with a fully viscous solver, VOLSOL, are made. The investigated design parameters are
the axial gap ¢8-29 percent of rotor axial chord length) and the stator vane size and
UIf Wéhlén count (stator-rot(_)r pitch ratio~_1—2_.75). For the nominal case the num_erical solution is

analyzed regarding the contributions of potential and vortical flow disturbances at the
rotor inlet using rotor gust computations. It was found that gust calculations were not
capable to capture the complexity of the detected excitation mechanisms, but the possi-
bility to reduce excitations by enforcing cancellation of the vortical and potential effects
has been elaborated. The potential excitation mechanism in the present turbine stage is
found dominant compared to relatively small and local wake excitation effects. The pa-
rameter studies indicate design recommendations for the axial gap and the stator size
regarding the unsteady rotor load[DOI: 10.1115/1.1458023
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Introduction method, is computationally cheaper, but the specification of the
Hnsteady inlet and outlet boundary conditions requires usually as-

Turbines for liquid rocket engine applications are extreme i . : . .
many aspects depending on the engine type and application'$FOT;$(talgnsstuc:jn tgfettfllgv(\:’iigiztr?iglrs)sn.vvohri]chhiaor:ht?er 2? n(cjl)tgna;il:;?W\L?otrrt]it-3
reach high rocket engine performance, the goal is to maximize e vy ’ R > o' p .
: : : al and entropical type. Several publications aimed at studying the
pressure levels, which can be achieved by using closed cyclcé

: “Iffluence of these perturbation contributions to the blade excita-
e.g., staged combustion cycles or full-flow staged combusu%i—rl(lzns [6,7). Lakshminarayand8] presented a subsonic turbine

gﬁ(t:list. Souvsgr %?Efneireindﬁgaeﬂ?g drfic\)/ re ht'gg'ﬁfr:ﬁrrpeasgﬁe_nggs ge study focusing on the influence of numerical parameters and
unF: < Ql'his also imolies that in Some cases thegturpt;ine ‘s worki% erating conditions on the blade excitation, for which Cherno-
pumps. P Bibvkin [9] described and analyzed the contributions of vortical
at very extreme pressure levels. As a consequence of the h potential effects to the blade excitation
pressure Ieyels in this type of turbine, the absquFe unsteady P'®Sihe consideration of a complete stagéage methodseems to
sure variation _anql_the induced unsteady Ioac_i will be 'af_g.e_- .T Bcome increasingly necessary in cases of more complex distor-
represents a significant challenge_ for th_e de5|g_ner. P055|b|I|t|esti{9nS’ which can occur in transonic turbine stages and in cases
understand and reduce the dominant influencing parameters @fg, narrow vane-blade spacing. The complex interaction mecha-

th?_re(;ore _ct)f_high in_tglre?t. | in detail th tead dnisms in the vane-blade gap of such cases can probably not be
oday, It IS possible o analyz€ in detail tne unsteady aerolyaqeriheq sufficiently with inlet boundary conditions as used in
namic flowfield in turbomachines with computational fluid dy-

. . ; .gust methods.
namics(CFD). The rapid computing power development_ entail Only a few studies are known to the authors, which concentrate
that unsteady CFD analyses are more commonly used in the

. . ) - ff"the examination of design parameters and their influence on the
sign of turbomachinery. Since the unsteady flow influences th@steady turbine blade excitation. Korakian[t®,11 used gust
performance and contributes to the loads, improvements in th

. . - - roach to investigate in detail the influences of axial gap and
Relds ﬁan. be achieved together with better understanding of &g;or plade count and blade size on the excitations of a rotor
ow physics.

> . . blade row in a subsonic turbine stage. He found an optimum axial
_ Numerical approaches to study aerodynamic blade row interags,, - \yhere vortical and potential excitation effects cancel out
tions can be distinguished by models which apply unsteady infgtjy Furthermore, he demonstrated the increased potential and
and exit boundary conditions on a single blade row, ¢g2] and  gecreased wake influence on the blade excitation level with en-
mode!s, which include several blade rows in the computatloqgllrged stator-rotor pitch ratios. [12,13 a comprehensive experi-
domain, e.9.[3-5]. , , mental and numerical study of the shock blade interaction in a
The single blade row approach, in the following called gusfansonic turbine stage with varying axial gap is presented with
conclusions how the unsteadiness influences the stage perfor-
Contributed by the International Gas Turbine Institute and presented at the Intﬁﬁ—

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Lom-ance[14] studied the influence of axial gap on a subsonic high-

siana, June 47, 2001. Manuscript received by the IGTI, October 13, 2000. PapkESSUre turbine stage using a commercial 2-D method and suc-
No. 2001-GT-260. Review Chair: R. A. Natole. ceeded to derive a geometrical design rule for the axial gap.
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Table 1 Design point data

stator 0.5

Total inlet pressure [MPa] 54

Total inlet temperature [K] 760 /
Rotational speed [rpm] 14 000 nominal stator
Power level [MW] 190

Mass flow [kg/s] 1700

Jocker [15] presented the results of a comprehensive parameter
study of axial gap and stator vane design in a transonic turbine,
where rotor inlet gust measurements were compared to numerical
results and related to the predicted unsteady blade forces.

The authors believe that 2-D and Q3-D tools are very valuable
for parametric studies of the physical phenomena, especially when
computational costs, data processing effort and time are taken into
account. 3-D computational methods are needed for realistic pre-
dictions of the flow behaviof16], or at least a correct specifica-

N\

tion of the Q3-D streamtubgsee, e.g.[17]). nominal
The overall objective of this study is to find methods to opti- axial gap
- e————

mize the design of a highly loaded turbine working at extreme

pressure levels. For this purpose, a new one-stage subsonic tur- stator -4 R\
bine, typical for a high-pressure rocket engine application, was AR
designed at Volvo Aero Corporation. This design was thereafter y Y
used in the various flow simulations and parametric studies de- W
scribed in this paper with the specific objective to quantify and X k!

understand the influence of these parameters on the unsteady

blade load. axial gaps --> Ui+
The present study shows, for the first time as far as the authors

are aware, comparisons of rotor excitation levels obtained forF@g. 1 Description of investigated turbine stage configura-

predesign study with results from different methdgdsist versus tions

stage and on different cascades found in literature. It proposes

several design recommendations regarding the reduction of un-

steady blade excitation forces in the turbine stage and it is beethods of modification were applied: in case4), the stator

lieved that this work is a further step towards the incorporation @itch was increased by removing 4 vanes, in 0ds8) the stator

unsteady flow analysis in the design process. was additionally scaled by a factor 1.3 to maintain the steady

aerodynamics.

Turbine Stage Description and Varied Parameters o .
hort Description of Numerical Methods

The investigated turbine is a one-stage subsonic turbine (§e- . i )
signed to operate at pressure levels corresponding to what can bEWO numerical meth_ods were applied and their results were
considered in an extreme closed-cycle rocket engine. The statof@npared. Both numerical methods assume perfect gas despite the
designed with constant vane profiles with a high subsonic outléfge pressure level.

Mach number. The rotor is designed with radial variation in the 5 5 vjiscouginviscid Method (UNSFLO). UNSFLO [3]

blade profiles taking into account the variation of the stator outlgt , 2-D/Q3-D unsteady flow solver computing explicitly the
condition and with a small outlet swirl angle, the blades are therggjinear Euler equations on unstructured grids. It takes into ac-
fore twisted. The blades are also shrouded. No outlet guide vang.ls, ¢ viscosity with a thin layer approach using an implicit
used in the design. The main design data are given in Table 1. Theihod on an O-type grid containing the boundary layer around
nominal flow conditions at stator inlét), in the gap region2), he vanes and blades. For the present results a one-equation k-|
and at rotor outlet3) as obtained from the axisymmetric des'gr}urbulence model as documented[Ir8] was used.

are given in Table 2. The code can either be run in the stage calculation mode or in

Starting from nominal design parameter studies have been pgfs gingle blade row mode. In case of stage calculations two blade
formed investigating the axial gap influence and the stator influ-

ence on the unsteady rotor excitation level. Figure 1 shows the
stage configuration with the nominal axial gap, the range of in-

h . . b . Table 3 Overview of investigations
vestigated axial gaps and the various stator-rotor configurations g

investigated. Table 3 gives an overview of the presented cas| Name g..[%] # vanes # blades R
The axial gap was varied between 8 percent and 29 percent| Nominal |21.4 16 33 2.063
rotor axial chord. The stator count was varied such that the pitiAxjal gap study
ratio R is between 1 and 3. To achieve a pitch ratio of 2.75 tw[g 3.0 16 33 2.063
10 9.9 16 33 2.063
Table 2 Design flow data at stage inlet (1), stage outlet (3), 12 11.8 16 33 2.063
and in the gap between stator and rotor  (2) 16 15.6 16 33 2.063
— 29 28.6 16 33 2.063
Position | 1/stat 2/stat 2/rot 3/rot Stator study
M 0.17 0.732 0.274 0.83 05 21.4 ED) 33 1.0313
o [°] 0 -72.01 | -30.66 | 66.23 1.3 214 12 33 2.75
p [kPa] 52540 | 36498 36498 24275 -4 214 12 33 2.75
430 / Vol. 124, JULY 2002 Transactions of the ASME
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0.03
0.7 07 = == 1st harmonic VOLSOL 2D 180
o025t [ 1t harmonic UNSFLO 2D =
= z o ==+ 2nd harmonic VOLSOL 2D § 1
206 EO-S 2 002 =-~_2nd harmonic UNSFLO 20 3 % 3
] e = 8 i
2 0s 205 g 0.015} Ppressure side suction side Fy it
] ] @ 5 of it
=% a 3 @? H]
L 2 2 001} g 8 H
g 04 =04 @ 5 :
% == VOLSOL 2D > ~<= 10% blade height by 2 .90 if
==+ UNSFLO 2D = 50% blade height 2 0.005 2 8 il
0.3} | =— VOLSOL 3D midspan 03 | == 90% blads height 3 TN s AV R HE
2, TN ¥
0 20 40 60 80 100 d 20 40 60 80 100 oo N 50 100 "%oo 50 0 50 100
axial chord [%) axial chord [%} axial chord {%)] axial chord [%)
Fig. 2 Steady rotor surface pressure, VOLSOL and UNSFLO Fig. 3 Unsteady rotor surface pressure, Volsol 2-D—Unsflo
results, g..=29 percent 2-D, g.=29 percent

rows are modeled. The method applies a mixing plane betweehthe steady blade surface pressures obtained with UNSFLO,
the blade rows to establish a steady solution, for the unstead@LSOL 2D and VOLSOL 3-D with an axial gap of 29 percent.
solution the blade rows are moved relative to each other duringThe comparison demonstrates a good agreement of the 2-D
the computation. Otherwise, an unsteady single blade row calenethods and points out the differences to a 3-D computation. The
lation can be performed, where the unsteady flow is induced byain observation is that the blade surface pressure distribution is
the moving gust specified at the inlet flow boundary. This gust &hifted to a higher pressure level in the 2-D calculation compared
prescribed in terms of pressure and velocity amplitudes of the the 3-D prediction. In the right part of Fig. 2, the blade pressure
flow disturbance. In the present study the velocity disturbancedsstribution is shown at three blade heights, 10, 50, and 90 percent
given with a spatially Gaussian distribution in pitchwise directiorof span. It shows that the design foresees a moderately distributed
The pitchwise pressure variation is prescribed with a sinusoidsttady blade load over the blade span with increasing pressure
function. Both distributions are periodic with the stator vane pitclievel from hub to casing.
During the unsteady computation the prescribed rotor inlet flow Both the 2-D and 3-D predictions expand to the same back
disturbance is moved with the rotational speed relative to the rotaressure at midspan, which is given by the boundary conditions,
blade. Both methodéstage and gustapply the time inclination but a 3-D flow stream sheet experiences a radial displacement
concept by Gileg3] to allow periodic solutions. outwards from the stator inlet to the rotor outlet. This causes the
For all UNSFLO calculations, a mesh sensitivity study has beefserved increased pressure differenz®-3-D) in upstream
performed. Coarser inviscid meshes lead to comparable resultslirection. The stream sheet displacement could be modeled with
terms of the 1st harmonic unsteady rotor pressure, a drastic refittee Q3-D method by specification of a streamtube expansion. In
ment of the present grid gave a prediction of vortex shedding frotine present 2-D calculations no effort has been made to calculate
the rotor trailing edge, for which this code is not capable. Hencen the correct stream sheet and purely 2-D calculations have been
full mesh independence cannot be claimed. performed. The authors believe that this is justified in the case of

) the performed parameter studies, because only the relative
2-D and 3-D Fully Viscous Meth.Od(V.OLSOL)' VOLSOL, hanges are investigated but in the comparison to 3-D results dif-
developed at Volvo Aero Corporation, is a general 3-D unsteal

f | hich sol the Eul " the R d rences are inevitable.
ow solver, which SOIVes the Euler equatons or the Reynoids- Figure 3 compares the unsteady blade surface pressures ob-

averaged Navier-Stokes equations. For the present invest_igatfgmed with UNSELO and VOLSOL 2-D in terms of 1st and 2nd
the standard k- turbulence model with standard wall funCt'OnSharmonic of the perturbation pressure. Good agreement can be
was a%plled. '}I;he “”f."e”ca' mﬁth(ﬁﬂ;f‘)'?q |s|an explict thrﬁe .%een on most parts of the blades both in amplitude and phase.
stage Runge Kutta, time marching finite volume approach With g, o) gifferences are seen on the pressure side, 30—70 percent
optional local time stepping. The convective fluxes are calculated , i chord, and on suction side, 70—100 percent axial chord. It
with a third _order upwind biased scheme, the viscous fluxes uld be that this is related to the difference in rotor geometry,
computed with a second order centered scheme. The code apqli h occurs from the necessary scaling of the VOLSOL rotor:

structured multiblock H-type and O-type meshes and can be USRE different geometrical positions of the neighboring blades can

for 2-D and 3-D computations. cause different propagation of the pressure waves through the pas-

For steady stage calculations the stator-rotor interface is of m ige. However, the differences are so small compared to the stud-
Ing pla_ne type, for uns@eady stage calculations a sI_|d|ng grid eG4l variations tr’1at it gives sufficient confidence in the results.
nique is applied. In difference to UNSFLO the circumferentia

extensions of the stator and rotor mesh domains must be identicahnalysis of the Unsteady Flow, Nominal Case. The follow-

to allow periodic solutions. To achieve this the rotor has bedng analysis of the nominal flow by using UNSFLO will be the
up-scaled by 3.1 percent. This increases the steady load of Hasis for the parameter studies evaluation. The nominal case is
blade through a higher steady pressure on the pressure side dhilracterized by a dominant potential rotor excitation caused by
(locally 1-2 percent of p). The scaling effect on the unsteadythe upstream stator with local maximum stator exit Mach numbers
load could not be quantified, because the necessary unsteady gplto 0.9. The rotor excitation due to the stator wake has a minor
culation with non-scaled blades for comparison can not be pémfluence and contributes only very locally to the excitatisae

formed with this code. following section “Identification of Vortical and Potential Effects,
Nominal Case]. The wake influence is discussed with help of the
Results perturbation velocity field, which forms a negative jet in the rotor

frame of reference creating two counter-rotating vortices when
Comparison of Numerical Methods (Validation). Several chopped by the rotor. This phenomenon is well describd@1m
publications have demonstrated the ability of UNSFLO to predict Figure 4 shows the harmonics 1—-4 of the rotor surface pressure
the unsteady flow behavior in turbine stages by comparison amplitudes, the phase is only shown exemplary for the 1st har-
experimental datée.g.,[16,17]). However, due to lacking experi- monic. Six important excitation regions are highlighted which are
mental data for the present case the predictions were comparedralyzed with help of the analysis of the instantaneous flow field
results obtained with another code, VOLSOL, which has beéRig. 5 and a time space plot of the blade surface presgtige
used for design analysis of turbines at Volvo Aero Corporatio). In Fig. 5 a discontinuity occurs between stator and rotor per-
with good results for several cases. Figure 2 shows a comparigarbation flowfield, because time averages are taken in the stator
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Fig. 4 Harmonics 1-4 of rotor surface perturbation pressure,
UNSFLO, nominal case

fixed- and rotor fixed coordinate system and subtracted from tl
instantaneous values. These time averages are not continuous

In the time-space plot the blade positions of the maxima 1, 2,
3b, and 5 observed in the pressure harmonics are marked w
vertical lines. Where these lines cross the time of maximum exc
tation a horizontal line is drawn, which indicates the times of th
instantaneous flow field plots discussed in Fig. 5. The peaks 1,
and 3b are the main excitations on suction side and can clearly
related to the potential excitation. They appear as pressure pe
moving upstream on the rotor blade with the passing frequency
the stator. It is obvious that the excitations 3 and 3b are at ve
close locations on the blade, but occur at different times.

The excitation 6 on suction side is hard to identify. It coincide
with the sweeping of the wake over the aft part of the blad
suction side. This might induce the small variation of a transon
pocket observed at the rotor trailing edge leading to a 1st he
monic excitation.

The main excitations on the pressure s{@deand 4 are due to
the reflected pressure wave from the neighboring blade sucti
side and hence also of potential type. At position 2 also the wal
excitation influences the pressure, when the velocity perturbatir
vortex downstream of the wake center line attaches to the press
side. This induces a negative pressure distortion on the surface
a time aroundt=0.2, which will thereafter be overlaid by the
negative potential wave. Obviously, at this position wake an
pressure wave excitations are in phase and increase the contri
tion to the 1st harmonic excitation.

The first harmonic phase indicates, when the 1st harmonic €
citations occur in time relative to the reference tifmenich cor-
responds here to aligned leading edges of stator and).rddor
suction side the phase is about zero in the wake influence regi
(5) and otherwise phase shifted by abet®0 deg. The pressure
side phase is characterized by a continuous change from ab
180 to 90 deg beside the variations at the leading and trailir
edge. It is seen in the time space plot of the perturbation pressi
(Fig. 6) that the excitations on pressure side due to wave refle
tions form a pattern as if the maxima were moving from the leac

-3b- =015
Around 42% of suction side
length an excitation occurs,
which can be related to the
reflection of the pressure
wave from the blade below.
The peak 3 indicated in
Figure 4 appears further
downstream at time 0.4 and is
a reflection of the present
Pressure wave.

-1-  t=0.244

The potential excitation on the
rotor LE is caused by the
passing of the stator TE,
which results in an alternating
pressure  cxcitation  moving
around the LE of the rotor
The related pressure waves
are further called p+ and p-.

-2- =573
The main excitation on the
pressure side are the reflected
pressure  waves from  the
above blade, The waves are
due to the potential excitation
and form together with the
negative counterpart (seen on
neighboring blades) a strong
1** harmonic excitation over a
large part of the pressure side.

-5 1=0.855

At this instant of time the
wake excitation on suction
side is strongest. The typical
vortices of the perturbation
velocity  related o the
chopped stator wake cause a
pressure  increase upstream
and a pressure decrease
downstream  of  the wake
center on the blade surface,
The incoming pressure wave
from the stator will overlay
this at the following time,

ing edge to the trailing edge during the period. This explains tr Nete: The center rotor blades in the figures are subject o the
1st harmonic phase behavior. enclosed discussion.

The blade forces and moment presented in Fig. 7 show a sinu-
soidal trend, the first harmonic amplitude is clearly dominatingrig. 5 Perturbation pressure and velocity flow field at four in-
The main excitation is due to the passing potential flow field afants in time, UNSFLO, nominal case
the stator as discussed in the foregoing and the sinusoidal pattern
is mainly induced by the strong 1st harmonic pressure side exci-
tation. A disturbance of the sinusoidal behavior is seen at a time
around 0.2, which is due to the potential interaction between statge rotor 15.3 percent OF ax rotor N front of the blade. Table 4
and rotor flow field at the rotor leading edge. This will increasgrovides an overview of the specified parameters, which will be
drastically when reducing the axial gap, which will be discussegkplained in the following section.
in detail. Splitting into vortical and potential effects builds on the follow-
ing fundamental splitting theorem by GoldstéR?], which states
that the velocity disturbance is composed of a vortical part and a

Identification of Vortical and Potential Effects, Nominal )potential part, each related to different physical phenomena

Case. For the study of vortical and potential effects rotor onl
calculations were performed with varying amplitudes of wake ve- . R
locity deficit (D) and pressure wave amplitude) at the inlet to IW = GW,, + IW,, (1)
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Table 5 Spatial 1st harmonic gust amplitudes

Splitting result | “best fit” | Steady stator exit flow
D | 0.075 0.08 0.0517
P 0.011 0.02 0.0167

pressure side

For subsonic flows it can be expected that the potential-flow dis-
turbance is sinusoidal in the direction and that it decays ir
direction. A general wave like solution of the potential flow equa-
tion for such a flow is

q)(xyy)ZA.e(i'k-er)\.x) @

where A is the amplitude,A governs the axial decay and k
=2m/S; dictates the periodicity of the potentidl. The potential
disturbance is described by a pressure amplitgjslewhich also
induces the velocity amplitudevT/p. These are related in the
present method by

Fig. 6 Time space plot of rotor surface perturbation pressure op=— (Wey - IW 5
p/ptl, UNSFLO, nominal case P Pew (Wew ) ®)

suction side s

The potential pressure wave is shifted in space so that the dis-
turbance maximum is placed in the wake centerline. More details
on the method can be found j8].

where dw is the spatial velocity perturbation vector in the wak% In order to specify the amplitudes of wake and pressure distur-
frame of reference. The vortical perturbatiomtational velocity —Pance necessary to reproduce the stage calculation result a split-
results from the wake of the upstream blade row and the potentid Of the predicted steady velocity field as documented6in
perturbation(irrotational velocity results from the pressure field 2Nd extended if23] has been performed. Table 5 shows the ob-
of the upstream and downstream blade rows. The velocity dist{@ined 1st harmonic amplitudes compared to the spatial 1st har-
bance in the wake is characterized by the inlet angjeand by MOnic of the steady stator exit flow. The ‘best fit' result comes

the maximum amplitude of the velocity defect, which is defined 440Sest to the stage calculation result in terms of 1st harmonic
unsteady rotor blade pressuresge Fig. 8 When regarding the

Wiy —Winin results of the parameter studies on the potential ampli(_lm‘e
D=——+— (2) side of Fig. 8 it becomes obvious that the potential amplitude of
0.011 estimated with the splitting method leads to a very different
excitation than the stage calculation result.

The steady stator exit pressure distribution comes closer to the
“best-fit” parameter but is still too low to give comparable results
to the stage calculation. The splitting estimation of the wake am-
plitude is satisfactory. This result demonstrates the difficulty to
(3) correctly estimate the simplified inlet gust conditions. It was also

found that the gust calculations gave only 1st harmonic responses.
This is important, as the higher harmonics become increasingly
dominant for decreasegl,, (see following section

The 1st harmonic blade surface pressures due to the varied inlet

Wew

With these parameters apd the wake widila Gaussian distri-
bution of the velocity fieldw,, in tangential direction(y) can be
described

cosa
W= Weo |- [ 1—D . e~ V2ySeW)? ( ) W)
w | Fw| [ ] sina,,

15 Farmonic ampiiude [}, st 2nd. 3rd pressure and wake am_plit_udes in I_:ig. _8 show the reIative_ ir_npor-
x 48 15 05 tance of these two excitation contributions as well as their influ-

10F #™ N fy 103 08 0.8 ence locations. Obviously, the largest excitation part for the
K4 o o7, m 89 10 1.2 present case results from the potential interaction. In the right part
5l R WS ,,‘_ of Fig. 8 the wake influence can be identified at mainly two blade

positions:

1. On the pressure side between 20—70 percent blade length.
Here, also the potential part has a strong influence.

fx,fy,m [%}]
o

- \ .
5 N R
\\o." {‘"
.10| = axial force N e
=== tangential force 0.05 A0 = o P2D0
==es= moment [ L gust P=2.D=4
0.04
-15 X A /’ i -= gustP=2,D=6
¢} 0.2 04 0.6 0.8 1 + gustP=4,D= - + qustP=2,D=8
t 0.03 # )| m=e_stage nominal - wew stage nominal

o
o
o
>

Fig. 7 Blade forces and moment in percent of time average,
UNSFLO, nominal case

o
2

0.0118y £5

Table 4 Parameters of vortical and potential effects study, \

20

1st harmonic pressure amplitude p/pt1
1st harmonic pressure amplitude p/pt1

- 05 0 05 1 - 05 0 o5 1
UNSFLO .sucnonslde' s pres.sure.sme sucllonslde. s ) pressuresnde
Potential amplitude variation Wake deficit variation
D [%] P [%] R P=0-4% D=0-8%
0,2,4,6,8 2 2.063 , _ - .
4 0.1.2.3.4 2.063 Fig. 8 Vortical and potential influence on 1st harmonic rotor
s 1o &y s : surface perturbation pressure, UNSFLO
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Fig. 10 Evolution with axial gap of the stator row and rotor

Fig. 9 Unsteady forces normalized with time average in the row contributions to the pressure distribution at their interface

complex plane, UNSFLO

2. On suction side at about 30 percent blade length. The poteRe stator outlet and at the rotor inlet. Furthermore, for stage cal-
tial excitation part is very small at this location. culations some dummy cells are inserted between the two grids

These wake influence regions at positions 2 and 5 in Fig. 4 & d tend to dlstort_ the_lr boundary cells. The right part of Fig. 10
ows the increasing influence of the rotor row on the upstream

also characteriz local maxima in the 2nd and 3rd harmori i
ofst%e preaécsjre ed by loc axima e 2nd 3rd pressure field, when the rotor comes closer to the stator. For the

The analysis of the blade forces and moment is shown in Figgnallest axial gap, the first spatial harmonic of the rotor becomes

The excitation components are presented in the complex plaﬁ‘g strong as the stator one.

which allows viewing the differences in magnitude and phase. It Five variations of axial gap were performed in addition to the

has been found that the excitation obtained with the gust analy; %”.“”a' casgTable 3. For eaqh one, the andy components of

behaves linear in the investigated range so that the combined eX: Instantaneous a_erodynaml_c force, on the blade are reported. As
: prewously noticed i 13] the time-average force does not vary

tation force vectors. An interesting finding is that the forces dueggnlflcantly with the axial gap. In the present study the maximum

vortical and potential interaction are phase shifted. This indicat
the possibility to optimize the design by modification of th
sources to obtain an optimum cancellation of the contributions.

viation from the nominal time averaged load-4.7 percent
Or g,= 12 percent

The perturbation part of the force kandy directions(after
non-dimensionalization by their respective time-aveyage plot-

Axial Gap Study. The following investigation extends theted in Fig. 11 over one period relative to the stator pitch for all the
work presented if10, 11 where the axial gap varies between 2Gtudied gaps. As these perturbations are re-scaled by a similar
and 60 percent of the rotor axial chord. It focuses on the aerodydantity for all axial gaps, they are comparable in the magnitudes
namic excitation of the rotofthough the stator experiences als®f excitation. In terms of Fourier analysis, the axial gaps differ by
an unsteady acoustic excitation at very small)gap the number of harmonics involvegFig. 12).

The axial gap is an obvious key parameter to reduce bothincreasingg,, from 21 percentnomina) to 29 percent leads to
weight and size of the machines but it has also a strong impactminor differences orf, and more visible differences diy . It is
the aerodynamics. Since the wake propagates in respect with thainly due to the variation of the phase shift between the poten-
flow angle and decays slowly downstream while the pressure digl and wake excitations. The blade experiences the pressure dis-
turbance generally spreads in a different direction and decays ex-
ponentially, a variation of the axial gap means a variation of the
relative importance of these excitation sources and their phase
shift. The ideal gap would see the two sources cancel out earh g g
other as much as possible. 15 G 15 2

Moreover, while the wake is generated by viscosity at the trai : : : :
ing edge of the stator, the pressure field at the interface is infl ,; |
enced both by the stator and the rotor rows and thus this excitati
source depends much more on the axial gap. Its features can ¢ g |
be fully grasped through unsteady simulations of the flow in tt
complete stage. Figure 10 provides an illustration: the tangent g .
pressure distribution was recorded along a line at a constant a
distance downstream of the stafdr6 percent ot ;o) OVEr one 5
period relative to the stator and Fourier decomposed both in tir
and y direction. Time averaging in the stator frafnesp. rotor 4, |
frame cancels the influence of the rotor roiresp. stator roy
The figure shows how the normalized time-average spatial hi_ 45
monic amplitude vary with the axial gap, when time averaging 00 02 04 06 08 10 00 02 04 06 08 10
performed in the stator framieft figure) and rotor frameright t 1
figure). In the stator frame, the small variations could partly be ¢ axialgap: —8 — 10 — 12 16 - 21 - 29
numerical origin, because the generation of a suitable mesh be-
comes difficult for small axial gap configurations: there is natig. 11 Instantaneous aerodynamic force on the rotor blade
enough space to define different combinations of H-mesh cellsfat all the gaps
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12 Blade 0 time 0.2 Blade 0 time 0.3
Time harmonics amplitudes of axial force f;

Fig. 13 Perturbation pressure field at g ,,=8 percent, at times
0.2 and 0.3

(decrease of the first harmonicThe rest of the disturbances are
1 2 3 4 5 weaker and add higher harmonic to the fundamental sinusoidal.

. This parametric study showed that, below axial gap 21 percent,
Gayx - m8 =10 oO12 016 821 829 not onI;F/) the first harmgnic but also the second togthz fou?th har-
monics should be taken into account. This requirement originates
Fig. 12 Amplitude of the time harmonics of the aerodynamic in the potential interaction, which presents several pressure wave
force for all the gaps reflections in addition to the sinusoidal excitation.

Vane Study. The results presented [10,11] suggested that
the pitch ratio had a major influence on the excitation and a cor-
responding variation was performed for the present case. As ex-
pected, the scaling of the vanes leaves the mean rotor flow con-
ditions non-effected whereas the pure reduction of the vane

umber(case—4) increases the mean stator load and rotor load.

he unsteady blade excitation will be the subject of the following
%s_,cussion. Figure 15 shows the comparison of rotor blade surface
pressures due to the studied vane configurations.
The amplitude shows that the vane scale has a significant influ-
ce on the 1st harmonic blade excitation. The small stator leads
0 a reduction of the excitation level by more then 50 percent at
almost all blade locations, the increase of the stator as well as the
removal of stator blades leads to a significant increase of excita-

turbance at approximately the same tifpeak 1 at time 0.Rbut
it crosses the stator wake later with a gap of 29 per@ine 0.85
instead of 0.7.

On the contrary, decreasing the axial gap results in more
steadiness. The first harmonic ©f does not further increase for
Oax below 21 percent, whereas its higher harmonics become str
ger. The first harmonic of, fluctuates but still prevails, while its
fourth harmonic is nevertheless remarkably high. Therefore, at
very small axial gaps, at least up to four harmonics of the for
must be taken into account. The small gap d&sgercentis now
analyzed in detail.

The amplified peak 1 of the small gap casaistime 0.2 in Fig.
11) is due to the increasing influence of the positive pressure wave
p*, which hits the rotor blade 0 leading edge when this one is
passing in front of the stator trailing ed@eig. 13. This wavep™
is stronger than in the nominal ca14 percent op,, instead of 1
3.2 percent Its spatial location is wider and its successive reflecy
tions are delayedt=0.2 instead of 0.25 The mechanism of re- ‘®
flected pressure waves between pressure and suction side is il £
trated in Fig. 14. @

The second pressure wape, negative, occurs in the middle
of the passage. It hits the suction side leading edge strérged
percent ofpy; instead of—2.3 percentand soonelt=0.85 in- 0
stead of 0.pand reflects to hit the pressure side of blage.

The wake, seen as a negative jet sucking mass from the pr ¢
sure side to the suction sid@1], is convected through the rotor.'g
passage and only influences clearly the pressure distribution wt =_g 5
it is impinging on the rotor leading eddev aroundt=0.45 ats ‘
=0.2, pressure deficit-4.2 percent Then one peakv® on the
suction side and one sink~ on the pressure side appear like
traveling between the wake vortices, but cannot be surely relai -1
to the wake; their amplitude is yet less than the potential distt
bances.

According to the geometry of the rotor, peak 1 has mainly aFig. 14 Time space plot of the rotor surface perturbation pres-
influence onf, and is strong enough to break its sinusoidal shapere at g,,=8 percent

—0.06

press

S

suctio
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Fig. 15 1st harmonic of Rotor surface perturbation pressure '
9 P P ' [10,11]: blade row study, UNSFLO

NSFL t
UNSFLO, vane study Jocker [15]  HP turbine, Mayu=0.8/ 0.94 (subs./irans.), 2D

stage study, UNSFLO
Present: M,=0.73, stage study, UNSFLO
tion level. With the geometrical differences of the cases in mind
(see also Fig. J1the following influences of the vane on the rotoiFig. 17 Comparison of present results to studies found in lit-
excitation can be explained. erature

Phase Relations. For the presentation of these results the ref-
erence time(=0) is always related to the geometrical alignment )
of the leading edges of vane and rotor. The change in vane pitéglative to the steady loadue to the removal of four vanes. Both
leads to an absolute phase difference between the cases of evégspressure side excitation as well as the peaks on suction side
which are caused by similarly spread disturbances. The changetft strongly increase(Fig. 15.
vane pitch also changes the relative time between_ the_ potentia{yakes of Small Vaneslf the vane is small enough twéor
effects and the wake effects, because they spread in different glis - consecutive wakes can influence the flow in one rotor pas-
rections. Hence, it is a tool to tune the phase between these &lyq ot the same time. This is the case for the present small stator
fects. In the present study the wake influence is comparably smg I5), which shows clearly the influence of two wakes on the
for the large vane cases, so that such a tuning effect has no gjgsssure sidéFig. 16, right sidg, which results in a 2nd harmonic
nificant influence. dominance in the excitation.

Poten.tial Field Strength. Lar.ger.vanes will necessarily be ac-  gycitation Frequency. The change of vane count changes also
companied by stronger potential fields and stronger wake defegls, excitation frequency, which is not visible in the presented
In the present study the variation of the potential field is the may, res. This is an important factor concerning the design because

reason for the large differences in excitation. The 1st harmorB the resonance danger at the blade eigenfrequencies
pressure amplitude varies strongly in the peaks on the suction side '

related to the unsteady potential pressure wave into the (6igr Comparison to Other Studies. Figure 17 shows a compari-
15). For the large vane cases a shift of the pressure side excitatimm of the present results to a selection of results found in litera-
maximum towards the trailing edge can be seen in Fig. 15, prolie, which presented a comparable measure of excitation.
ably because the stronger pressure wave propagates differentfyhe fundamental study ifil0,11 shows the trends to be ex-
through the rotor passage. The small vane case has a significapggted when varying the parameters axial gap and vane pitch. The
reduced potential excitation. The differences between the up- atmmparison to the present results and to results obtaineddigdo
down scaled vane casé3.5 and 1.3 are pointed out in the time- [15] demonstrates that the unsteady excitation in a stage varies
space plots of unsteady surface pressure in Fig. 16. significantly due to the different geometries and operating condi-
The large vane case shows a comparable excitation patterrtiems. In particular, expected trends might be violated in depen-
the nominal(Fig. 6) dominated by reflected pressure waves in théence of the actual conditions, as experienced in the present study
passage. The small vane case is characterized by the wake infitu-extremely small axial gaps. The comparison shows also that
ence on most parts on the blade, which are indicated by the prti®e present configuration is subjected to half the axial excitation
sure extrema in Fig. 16right side traveling downstream with levels of the case studied [10,11] at the 30-percent axial gap.
time. The potential influence is mainly limited to the leading edg@ne reason for this is probably the difference in stator exit Mach
region, the maxima due to the pressure wave of the large vameémber, which has a sensitive influence on the excitation when so
(left part of Fig. 16 are comparably weak for the small vane caselose to transonic conditions. Both studies obtained similar trends
in the axial force behavior in the range of 40-50 percent axial
Removal of Vanes.The (—4) case demonstrates that not onlyya5 However, as described|[ib5] the excitation can behave very
the_ size of the vane determines its potential excitation streng fferently in the force components and the moment, and the
This case produces a larger steady load and a larger excitatigfigement of the excitation can only be done with the knowledge

of the blade mode shapes.

Conclusions

In the context of a pre-design study for a subsonic turbine stage
with extremely large blade loads, the unsteady rotor blade excita-
tion and its dependence on design parameters could be estimated
with a 2-D numerical method. The unsteady results of the nominal
case could be reproduced with a different 2-D numerical method,
but the 3-D results showed expected deviations in the steady flow
predictions. The present 2-D study can probably not give the exact

suction side s pressure side

Case 1.3 Case 0.5 blade excitation but only the trends due to the parameter variation.

The blade excitation in the nominal case is dominated by po-

Fig. 16 Time space plots of blade surface perturbation pres- tential effects, which appear in perturbation pressure wave reflec-

sure, scaled cases tions in the rotor passage. The influence of the wake in the nomi-
436 / Vol. 124, JULY 2002 Transactions of the ASME
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nal case on the excitation could be quantified and localized with t = time/vane passing time-]
help of gust calculations, which showed a very local and relatively w,w = relative velocity[m/s]
small influence. W = wake width normalized with § —]
It was demonstrated that gust calculation methods, which apply ® = velocity potential &Vw) [m?s]
simplified unsteady boundary conditions at the rotor inlet, are not a = flow angle[deq]
sufficient to find the complex excitation mechanisms described in 4(..) = spatial disturbancg—]
the present study. This is valid regarding higher harmonics in the N = axial wave no[1/m]
excitation due to pressure wave reflections as well as regarding p = density[kg/m®]
the correct prescription of the boundary conditions, as shown ghbscripts
the present gust study. It turned out that usual approaches to de- )
termine the gust amplitudes would give values leading to very 1 = stage inlet
different excitation predictions. 2 = between stator and rotor
Comparisons to studies found in the literature showed that the 3 = stage outlet
excitation magnitude and trend with respect to the investigated ax = axial
parameters could vary significantly depending on the geometry F = flux-averaged value
and flow range. min, max, mean= minimum, maximum, average
To optimize the present design with regard to the blade excita- t = total flow value
tion several recommendations can be given: Irot = rotor frame of reference
) ) o ) /stat = stator frame of reference
* When potential and vortical excitations are of same magni- W = wake frame of reference
tude a phase tuning of the effects can result in a minimized exci- x = axial direction
tation. Tools to change the relative phase are the axial gap and the y = tangential direction
stator pitch. .
« The reduction of the axial gap does not necessarily lead to &fPreviations

increase of the 1st harmonic excitation level, when the involve-2-D,Q3-D,3-D = two-, quasi-three- and three dimensional
ment of higher harmonics disturb the basic sinusoidal excitation. LE, TE = leading edge, trailing edge

* The increase of axial gap beyond the nominal gives reduced
blade excitations due to the decrease of potential stator influence
and is suggested to reduce the high unsteady load.

« The size of the stator has a major influence on the excitationeferences
especially when potential effects are dominant, and should be chq4] Holmes, D. G., Mitchel, B. E., and Lorence, C. B., 1997, “Three Dimensional
sen as small as frequency and material integrity allow. Linearized Navier-Stokes Calculations for Flutter and Forced Respo@tfe,”

« The vanes number reduction does not only increase the stator Int. Symp. on Unsteady Aerodynamics and Aeroelasticity in Turbomaghines
and rotor steady load, but also the relative unsteady load. Hence,; Siockholm. Sweden.
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Solver Versions in G2DFLOW and G3DFLOW Series for Compressible Vis- periment,” ASME Paper No. 93-GT-141.
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Development and Evaluation
of a High-Resolution Turbine
rorsten gge’ | PYyrometer System

e-mail: torsten.eggert@de.bosch.com

. 2 Optical pyrometers provide many advantages over intrusive measuring techniques in
B]oern Schenk determining the spatial and time varying temperature distribution of fast rotating compo-
nents in gas turbines. This paper describes the development and evaluation of a versatile
Helmut Pucher high-resolution pyrometer system and its application to radial turbine rotor temperature
, o . mapping as has been done in a R&D project at the Technical University Berlin under
 Technical University Berlin, funding from Siemens Power Generation (KWU). The development goal was a pyrometer
Institute of Combustion Engines, system with a temporal resolution of 4s, a minimum field of view of 1 mm, and a
10587 Berlin, Germany measurement range from 600 to 1500°C. A prototype of the pyrometer system has been

built and tested at the small gas turbine test facility of the Technical University Berlin.
The system yielded excellent results with respect to measurement uncertainty, resolution,
and reliability. Finally, measurement results obtained with the new system on a radial
turbine rotor and on a heavy duty industrial gas turbine are compared with measurements
conducted with a commercially available turbine pyrometer system.

[DOI: 10.1115/1.1452245

Introduction « radiation produced as the result of the target surface tempera-

The thermal efficiency of gas turbine engines has been steadily, tr::j?esgcr;::ttreerfllteftlg:jaté%z to inter-reflection between the target
climbing over the past three decades. However, the tradeoff for surface and its surroundingadjacent blades, nozzle guidg
greater efficiency has been significantly higher gas temperatures at vanes, combustor lingr !
turbine inlet and increasingly severe combinations of temperature ’
and stress on the rotating components. The determination of theAssuming that the transmission characteristic of the optical sys-
thermal loading of gas turbine blades implies the accurate knowém is independent of the wavelength within the wavelength range
edge of the actual surface temperature distribution of the varsfsinterest(given by the detectgythe signal output of the pyrom-
and rotating blades. The capacity to accurately measure tempeji@r can be expressed as
ture in the turbine’s rotating components has thus become an in-
tegral part of the development and monitoring phases of these
machines. A comprehensive review of the developments and ap- U=Z: Toysteni @7 At fmfa()‘vT) “Lp(N,Tr)-R(AMdN - (1)
plications in fast-response noncontact radiation thermometry ap-
plied to gas turbines which have been conducted worldwide oMgfih
the past three decades, has already been presented elsewhere; see
Schenk and Raald ]; Eggert[2]. . Lo\, T) -

a
Fundamentals of Radiation Pyrometry Lo(N,Tr)

In general, an optical device is used to define the sampling arghere
on the target surface and relay collected radiation to a light-
sensitive detector, typically a photodiod€ig. 1). The low-level (1—€m)
photosignal produced by the detector is amplified and then often  Lex=Lem+L,=€mlp + ———- 2 AiLexFij (3
conditioned to give an output signal linear with target tempera- A =1
ture. Calibration of the instrument is obtained by sighting it ontg \ | according to Planck’s law
targets(usually blackbody furnacg¢sat known temperatures and
recording the output signal.

Radiation Model. Depending on the applicatioffiocation of
the pyrometer probe and optical sight pagind the engine design Radiated
(combustor alignmeint pyrometer measurements may require Energy
computer model to accurately interpret the signals as discussed
De Lucia and LanfranchHi3]. This is due to the fact that in noniso-
thermal systems such as cooled axial turbine stages, or even
cooled radial turbine stages, the total sengextend radiation
comprises two major components: Target

Collection
Lens

Detector

Amplifier

. Sampling
1Since 1999 with Robert Bosch GmbH, Stuttgart, Germany. Solid Angle
2since 1997 with Honeywell Engines & Systertisrmer AlliedSignal Engines

Phoenix, AZ. U=f
Contributed by the International Gas Turbine Institute and presented at the Int Target Surface ™

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Lo... 8t Temperature T

siana, June 4-7, 2001. Manuscript received by the IGTI, January 24, 2001. Paper No.

2001-GT-578. Review Chair: R. A. Natole. Fig. 1 Measurement principle
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Fig. 2 Temperature measurement error due to unknown target
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Turbine Pyrometer System Requirements

Spatial and Temporal Resolution. Sufficient spatial resolu-

- (4) tion of the observed targésmall target spot compared with vis-

A5 (e%2/MT—1) ible black width is an important turbine pyrometer system re-
quirement in order to highly resolve the temperature gradients

An approximation often used to simplify the calculation of radiaaround cooling holes and to accurately detect the step change in

tive heat transfer is Wien's law, whose validity is limited by th@emperature once a new blade enters the optical path of a turbine

Cy
Lp(\,T)=

condition A\ T)<c,, so that pyrometer. On the other hand, for a given passing speed of the
blades, the target spot size might be limited by the response time

C1 of the detector/amplifier unit and the maximum feasible amount of
Lo(MT)= \5.gC2 T (®)  data to be processed and stored. Since the target application of

the new pyrometer system is a heavy-duty gas turbine, a target
Since the pyrometer reads the global target radiation, the &Rot size of 1 mm in diameter has been selected as a reasonable
flected component could represent an irritating source of err@ble_CUVG- _ _
Consequently, one first has to estimate and then to subtract thé&iven a blade tip speed of about 500 m/s, a point on the blade
reflected radiatioth,, (which is related to the surface temperatur&ould completely pass throbga 1 mm targespot in 2us. This
distribution and the geometryrom the measured radiatidnew translates into a frequency requirement of 500 kHz for the

before proceeding to convert Wien's law. To overcome the esﬁgteetorlfmplifier unit. In order to achieve a temperature resolu-
mation problem, De Lucia and Masof#] proposed a scanning 10" of 1°C, maximum damping of 1% of the electrical signal is
radiation technique that requires no prior knowledge of the the@”owed' This e_quals an aI_IowabIe damping 0.2 dB, which in
retical temperature distribution. The final error of this metho&Jrln translates into a required3 dB frequency response of about
strongly depends on the angular calibration, the positioning of teHz for the system. However, it has been shown that this con-
pyrometer probe, and the target emissivity.

e S - A e
sideration is only valid for an infinitesimal small radiatiguoint)

source. Due to the averaging effect of a finite target spot size, the

Measurement Uncertainties. Figure 2 describes the mea-required frequency response of the system is only half of the
surement error for a spectral pyrometer that was calibrated orioaegoing, if the radiation sourogarge} moving into the optical
black body and is used to detect thermal radiation from a targetsifht path of the system is at least as big as the target spot diam-
unknown emissivity. Given the simplification that the influence oéter[2]. Therefore, a frequency response of 1 MHz has been se-
environmental irradiation can be neglected in E8), the mea- lected as a conservative objective, resulting in a more than ad-
sured temperature value is always smaller than the true targguate dynamic system characteristic for the chosen target spot
temperature for target emissivities<1. Moreover, it is apparent diameter.
from Fig. 2 that pyrometer systems using detectors, which operateOther important system requirements which arose from the des-
at smaller wavelengths, are less sensitive to changes in targgtated applicatior(turbine geometry, combustion gas composi-
emissivity. tion, etc) include:

Since the target in a typical turbine is surrounded by a hemi-
sphere of potentially higher or lower effective temperature than = . - . :
the target temperature itself, Fig. 3 illustrates the temperature” 9\V€N measuring distance; . .
measurement error of a spectral pyrometer viewing a target of OPacity of sight patiemission and absorption of combustion
1000°C and a known emissivity of 0.9 for selected differences 9as; —
between the target temperature and the effective hemisphere tent- OPtical access to target object; . ,
perature. The resulting measurement error is shown as an absolufe NSensitive to contamination of the optical system;
value. . expet_:ted blade _surface temperature raf@®—1500°C, de-

Figure 3 emphasizes that the accuracy of pyrometers operating P€nding on application
at small wavelengths is greatly impacted by environmental irra——

e . . ; ; 3The nonlinear relationship between target temperature and detector output signal
diation, especially if the effective temperature of the hemISphelrseextremely dependent on the wavelength of the detected radiation. Therefore, the

surrounding the target is significantly greater than the targgfed vaue is valid for a wavelength of aboutn, which is representative for the
temperature. effective wavelength of the pyrometer system.

* mountable probe geometry;
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System Design
An optical turbine pyrometer system usually consists of:

| —purge gas channe

-y
Taway

.
Q/

passage for
optical signal

« the optical probéso-called sight tube

e " H[—cooling water
« the detector/amplifier unit;

(R X ER
ssceney
Auvweny

LW WY

I T—prism

-}
« the signal conditioner and data acquisition unit. purge gas " "y
A i sight openin
Probe Design. It is the sight tube’s task to hold the optical \X cooling water . & rengV:bl d
system in the proper geometric relationship to the target and T prism ,ix,f,e

provide an interface between the optics and the engine. Major =
design considerations regarding the optical probe were: Fig. 5 Cooling scheme and optical probe head design

miniaturization to avoid significant flow disturbance;
highly effective cooling scheme to protect the probe in

the severe hot gas environment for the duration of th[ﬁe Technical University Berlin by the authors, a detailed descrip-

. dmez::lsurerfnent; ol h «d .. tion of the work has already been presented by Siemens Power
cgﬁiggnerﬂg' simple  exchange of(damage#l optical Generation(KWU) elsewherd5], and therefore will not be re-

 design for manufacturability. peated in this paper for the sake of brevity.

- . . .. Optical System. Fi 6 illustrates th ti tical syst
The indirect viewing methodFig. 4) has been chosen, since it plical System. Figure o ITustra’es the Sivire opical sys'em

. iall licable t h and devel t oroiect ghich is incorporated in the probe and outlines the main optical
IS especially applicable 1o research and development projects, Bgm,nonents and design features in a detailed fashion. The optical
cause the radial access to the turbine casing allows measurem

. - . h ; ) 9§em consists of a quartz prism having a gold coating with a
at varying radii by simply moving the sight tube into and out ofji5 1yonq top coat on its backface, a quartz glass lens, an array of

the tl_,lrbine casing. By turning _the sensor alo_ng its ce_nter aXiS_itd ertures to minimize incidence of irradiation, and an adjustable
possible to explore areas Wh'(.:h WOUId.be |nacce35|b]e for Ngiht guide, which allows adjustment of the field of viddistance
sensors. A 45-deg deviation mirror or prism has to be installed target for sharp imageover a wide range. Figure 6 also em-
the lower section of the sight tube reflecting the thermal radiati asizes another important feature of the r.nodular probe design
by 90 deg towards the optical system. These sight tubes are USE~"the use of down-looking prismd04.6 deg maximum ray '
ally made of a high-temperature nickel-base alloy eventually deflection in order to scan areas close to the blade root, which

even an ODS-allgyand are additionally internally air or water-\\0uid not be accessible with a standard 90-deg prism. Figure 7

cooled. !
Due to the high thermal loading of the probe, a double-wal?,hOWS the final probe of the prototype pyrometer system.

water-cooled, cylindrical design has been chos€ig. 5). The Detector and Amplifier. The goals in the design of the de-
probe head features a removable prism fixture, which allows eaggtor system are to achieve the maximum signal-to-noise ratio as
access to the prism for cleaning or exchange purposes. This féee photo current conversion, a fast time response, small linear
ture also enables the use down-looking prisms or the use of @md nonlinear distortions and a sufficient slew rate reserve in order
optical component, which is suitable for measurements at a di6 exclude transient intermodulation at high signal dynarféds
ferent wavelength. The probe head of the prototype system, which-or small changes in target temperature the rate at which radi-
is intended to be applied to a small radial turbine rotor, has amt energy varies with the target temperature is inversely propor-
outer diameter of 18 mm, while the probe head of the sight tulbenal to the wavelength of the radiation. Therefore, it is clearly
for use in heavy duty gas turbine features a 22-mm outer diametivantageous to employ a detector which responds only to ex-
Once the water-cooling capability reaches its limit, an addition&lemely short wavelengths. Silicon-PIN-photodiodes are usually
plasma-sprayed yttria-stabilized-zircon{xSZ) thermal barrier applied to turbine pyrometer systems to detect the thermal radia-
coating (TBC) can be applied for further improvement in probdion. They are responsive only to radiation in the 0.4—&rR
protection, if required for future applications in even more severange, have response times belowu4, and most importantly,
environments. absorption of radiation by the combustion gas (Cihd water
The mechanical probe design included heat transfer calculapor, which are normally present in turbine engjnissof no
tions to determine the thermal loading to optimize the coolingonsequence since this occurs only for wavelengths longer than
scheme of the probe, thermo-mechanical stress analysis including um. Unfortunately, relying on this short spectrum of radiation
probe bending to ensure probe integrity during operation, as welhich is far removed from the emission peak of thermal radiation
as vibration analysis. Although this work has been conducted ait lower temperaturegbelow 1000°Q gives insufficient signal
below about 600°C for typical turbine pyrometer optical systems
as discussed by several authors, .88]. A more useful param-

Aagia eter among the minimum detectable temperature is the achievable
adial

imovemem Both sides of the blade are temperature resolution. This is the incremental change in target
i ] Viewsd with two pyrometers temperature that will cause an incremental change in radiation
L energy input to the detector that is just equal to the noise-

equivalent-power to the detector/amplifier unit. That means it is
quite possible to detect a relatively low temperature without being
able to achieve a sufficient temperature resolution. Therefore, a
silicon avalanche photodiod&i-APD) has been selected for the
new pyrometer system. Si-APDs provide the advantage of internal
signal amplification and are responsive to radiation in the same
range as silicon-PIN photodiod€®.4—1.2 um). The APD se-
lected for the system is illustrated in Fig. 8. It is equipped with an
internal temperature control circuit and achieves an internal signal

Deviation
mirror

Forward Aft amplification factor of 300.
e e D Y e PO pyrometer The quality of the signal-to-noise ratio and the dynamic sensor
performance depend strongly on the detector operating mode and
Fig. 4 Mirror viewing access (indirect viewing method ) the detector circuit. It can be stated that the best results concerning
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quartz glass
quartz glass prism quartz glass lens aparture array light guide

e S o adiation
i Ao detion YR a1 to detector
e an e =
A A o  purge gas
T water

!
—=i focus | target I ,’f/// - change in relative light guide target
shift | distance Loy [ | target dist. | radiation |displacement | diameter
{mm) [mm] i }/ | [mm] energy [mm] [mm]
569|383 | T 1.63 5.0 0.70
-3.34 47.1 P -12.9 1.30 -2.9 0.83
0.0 TTeQo " A —-— 0.0 1.0 0.0 1.02
+5.36 80.6__ | ~=1.02 | i +20.6 0.73 +2.5 1.33
L.+19.36 118.9 ¢ O +58.9 0.49 +5.0 1‘.90
+

Fig. 6 Modular and flexible design of optical system

the noise and distortion reduction have been obtained by th2-bit A/C converter with a frequency response of 1 MHz. A/D
choice of a transimpedance photoamplifier. It turned out that @onversion is triggered by a one-per-revolution signal provided by
this case the dominant noise is produced by the amplifier ele-fast-response optical speed sensor located close to the engine
ments. By a proper selection of low-noise operational amplifiersshaft. This trigger pulse is also used to establish the angular po-
high signal-to-noise ratio can be achieved. Figure 9 shows a sche-
matic of the complete electrical system of the prototype pyrometer
system, featuring a silicon APD and a low-noise transimpedance
amplifier. The system was designed to achiev@ dB frequency
response of 1 MHz.

To prevent saturation of the amplifier, a range switch in terms
of changing the high voltage bias of the APD has been incorpo-
rated in order to allow temperature measurements over the re-
quested broad range of 600 to 1500°C. The significantly improved
temperature resolution capability of this Si-APD/transimpedance
amplifier setup compared with conventional turbine pyrometer
detector/amplifier units is shown in Fig. 10.

Signal Processing. The amplifier system has been equipped
with an in-house developed analog eight-pole Butterworth anti-
aliasing filter to prevent misinterpretation of high frequency noise
during the subsequent A/D conversion. The filter has a cut-off , ) )
frequency of 500 kHz, which is given by the maximum frequenc%g' 8 Si-APD with temperature sensor and Peltier-cooler. 1:
of the radiation signal obtained from the target. In order to satis mperature sensor, 2: detector element, 3: Peltier cooler.

the Shannon-theorertsampling theory, the system contains a i

Si-APD with

Paltier cooler '\ | A/D-
\ I/ convartar
N
R T

cooling water supply purge gas
‘ecrgg(ev?l;:rm:qusﬁé transimpadance signal decoupling

and discharge E
g x\y / ampiifier

y light guide
g high-voitage

computer

|

supply

SIght opening Irrg;g}&;:epvt;'se me:asruared
Fig. 7 Probe of the prototype pyrometer system Fig. 9 Schematic of signal processing system
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© 610 ,,
< =
4]
_§ 590 Fig. 12 Application of new pyrometer system to small gas
© turbine test bed
3
§
< 570
application of the pyrometer probe and traversing unit to the small
gas turbine test bed of the Technical University Befij in this
550 . : . case equipped with a standard automotive turbocharger. The linear
Y 50 100 150 200 and angular positioning accuracy of the traversing system is 0.1
measured values mm and 0.1 deg, respectively. For complete mapping of the tem-

perature distribution of the radial turbine rot@5-mm tip diam-
eter, and 55-mm visible diamejgthe probe was moved radially
inwards in 0.5 mm steps. At each radial position the system re-
corded target radiation over five revolutions.

. . . . The same surface temperature measurement was repeated using
sition of each discrete digital value on the rotor. Values are typi-

cally recorded for one revolution per radial probe position. It is
recommended to record over multiple revolutions for digital fil-
tering purposes though, i.e., minimizing noise by averaging th=
measured values from multiple revolutions. This method is esf
cially beneficial for measurements of low-target temperature
which in turn result in relatively small signal-to-noise ratios. Fig
ure 11 compares two methods of averaging the values obtair
over multiple revolutions. The gray curve results from averagir
the values of five-revolutions, while for generation of the blac
curve sometimes only four values were averaged, if the fifth vall
deviated significantly from the other four values. The Iatte-r in°C
method represents the preferred way of digital filtering.

Averaging over more than five revolutions has proven to on\
marginally improve the signal quality any further , and would als 825
result in significant memory requirements. 820

Fig. 11 Comparison of two different digital signal averaging
methods

System Evaluation 815
Prior to system evaluation in real gas turbine engine enviro 8'°
ments, the new pyrometer system has been optimized and exi sos
sively evaluated in a laboratory environment. Using very fast ligl
emitting diodes, the dynamic system response and signal-to-nc e -
ratio has been optimized especially for low target radiat@mu- 795 commercial

- . new system
lating target temperatures below 700°@pon completion of system y
these tests, the system has been calibrated at a black body furnace
prior to assembly in the small gas turbine test bed. Fig. 13 Radial turbine rotor temperature distribution mea-

sured by two different pyrometer systems at 100,000 rpm and
Gas Turbine Test Bed Evaluations. Figure 12 illustrates the 900°C turbine inlet temperature
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60 response, high-resolution pyrometer system for such applications
' : - has already been completed at the Technical University Berlin and

O S | S S old system will be presented in a separate publication in the near future.
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0 4 8 12 16 = first radiation constant, Wem*m~2sr !

= second radiation constanim K

base of natural logarithm
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radiance, W m2sr !

no. of surfaces

spectral responsivity of detector, A/W
temperature, K

= output signal, V

transimpedance, V/A

= emissivity

angle in degree

Fig. 14 Temperature distribution of axial turbine blades mea-
sured by two different pyrometer systems

a commercially available turbine pyrometer system, which fea-
tures a target spot diameter of 4 mm, and-8 dB frequency
response of 150 kHz.

Figure 13 shows a comparison of the results obtained from the
two systems, which emphasizes the dramatic improvement in tem- = wavelength,um
poral and spatial resolution achieved by the new system. = solid angle, sr

The same comparison was performed on the second stage tur- + = transmittance
bine blades of a 90-Hz Siemens V64. 3A heavy duty gas turbine j .
the Siemens gas turbine test facility in Berlin. Figure 14 aga#bscrlpts
illustrates the superior performance and fidelity of the new pyrom- a = apparent
eter system. The measured temperature trace of three adjacent b = blackbody conditions
blades at a given radial position is shown. The blade experiencing ex = exitent
the highest surface temperature was equipped with strain gages, em = emittent

E>a NCHIs TS L >
Il

which resulted in a changed temperature distribution compared to i,j = ith andjth elements
the noninstrumented standard blades. m = material

r = reflected
Summary and Conclusions system = optical system

T = target

A novel advanced mapping turbine pyrometer system with a
nominal target spot diameter of 1 mm,-&3 dB frequency re-
sponse of 1 MHz, for use over a broad target temperature rarigéferences
from 600—-1500°C, has been successfully developed and evalui] Schenk, B., and Raake, D., 1995, “Fast Response Turbine Pyrometry for High
ated. This valuable instrument offers improved measurement ac- Temperature Gas Turbine Applications—Present State of Technology and Fu-
curacy for turbine blade cooling research and field inspection, .t““f\lDe”Ja'.‘fd*" Pr:.c'k'j”t' e “LogaT'St’a'” and temperatite Measuiements
since it provides sufficient spatial and temporal resolution to ac- 'cnhan?:é| ?;;:nmg gﬁmﬁ]{;‘;e,egj,ﬁ?n, G‘Z?ﬁaer:?fures’ 'ah Temperature Me-
curately detect the temperature gradients around cooling holes$2] Eggert, T., 2000, “Turbine Pyrometry with High Spatial and Temporal Reso-
which has been a major challenge for commercially available wion," (if; Gﬁeé(mﬁf),hl’hk-?/- C:issegatilpn,GTechnical University Berlih999,
state-of-the-art t“rb”.”e pyrometers. . 53] Désiﬁgisac, l\?l., andecLaﬂlfranirheil,g’C.,elrsgg’Z, “e,Arnm?nr})r/éred Pyrometry System for

The modular design of the probe enables the use of optica Monitoring Gas Turbine Blades: Development of a Computer Model and Ex-
components, which are suitable for measurements at a different perimental Results,” ASME-Paper No. 92-GT-80.
wavelength. This is particularly important, since application of [4] De Lucia, M., and Masotti, G., 1994, "A Scanning Radiation Thermometry
currently existing turbine pyrometry to ceramic-coated compo- X"'SCGE'_‘*FE’:F);’LIOD?EQ'T’_‘%Q Temperature Distribution in Gas Turbines,
nents is limited by the radiative properties of these materials. A§s) Frank, s. F. L., Holt, T. 0., Eisenlohr, H., and Raake, D., 2001, “Application
noted earlier, the standard technique requires all surfaces to have of a High Resolution Turbine Pyrometer to Heavy Duty Gas Turbines,” pre-
high emissivity within the spectral band of the detector to avoid _ sented at 46th ASME Turbo Expo, New Orleans, LA, June 4—7.
large measurement uncertainties. Ceramic thermal barrier coatindg] ﬁ‘;‘ig%s\l’x ,Sni',‘;?g‘g, 'ﬁ;*ri‘,’;‘]’e';"‘f'kgz\é?f& Egéb'ﬁiﬁ%té’f EilgdgAMeasure-
do not meet these requirements. Coatings such as yttria-stabilizeg geynon, T. % R., 1981,)/“Turbinyé Pyrometry—An E’quipmenFMe{nufa.cturer’s
zirconia deposited on a metallic underlayer, itself deposited on a = view,” ASME-Paper No. 81-GT-136.
metal substrate, generally have low spectrally dependent emits] Ktirby,”': GJAles?F; ;ggme Considerations Relating to Aero Engine Pyrom-

; ; ; feQivi ; eters, - .
tar.lce. in the wavelength of mt?reSt' ngh emissivity Val.ues JUSt[Q] Schenk, B., Eggert, T., and Pucher, H., 1998, “A Unique Small Gas Turbine
exist in the 8_12“m band, which requires the use of different Test Facility for Low-Cost Investigations of Ceramic Rotor Materials and

detectors and optical components. A design study of a novel fast- Thermal Barrier Coatings,” ASME-Paper No. 98-GT-554.
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Three Component Velocity Field
Measurements in the Stagnation
marc 0. Polanka' | Region of a Film Cooled Turbine
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David G. Bogard The shovyerheaq region of a film-cooled turbine vane in a gas tur.bine engine involves a

complex interaction between mainstream flow and coolant jets. This flow field was studied
using three component laser Doppler velocimeter measurements in a simulated turbine
vane test facility. Measurements were focused around the stagnation row of holes. Low
and high mainstream turbulence conditions were used. The spanwise orientation of the
coolant jets, typical for showerhead coolant holes, had a dominating effect. Very high
levels of turbulence were generated by the mainstream interaction with the coolant jets.
Furthermore, this turbulence was highly anisotropic, with the spanwise component of the
turbulent fluctuations being twice as large as the other components. Finally, there was an
interaction of the high mainstream turbulence with the coolant injection resulting in
increased turbulence levels for the spanwise velocity component, but had little effect on
the other velocity componenttDOI: 10.1115/1.1459733

e-mail: dbogard@mail.utexas.edu

Mechanical Engineering Department,
University of Texas at Austin,
Austin, TX 78712

Introduction Consequently, the interaction among coolant holes will be signifi-

Cooling of gas turbine blades and vanes using discrete hole fiﬁﬂmly (_jlfrerent for vane and blade leading (_edge COOI'“Q' ,
cooling has been, and remains, a mainstay technology for asStudle_'s. of the velocqy and turbulence fields associated with
turbine designs. There have been numerous studies of film cool#flg? cooling on the leading edge of a blade have been presented
performance on many different test geometries from flat platesifb & series of publications from Universitaler Bundeswehr
circular cylinders to full airfoils. For most of these studies, th&lunchen, i.e., Ardey and Fottnét,2], and Ardey et al[3]. The
goal has been to understand the effects of the film cooling flow senfiguration consisted of two rows of holes, one on the suction
such measurable quantities as the film-cooling adiabatic effectivaede and one on the pressure side of the stagnation line. The cool-
ness and the surface heat transfer. However, there has been litle jets on the suction side remained attached, and maximum
study of the velocity field associated with coolant jet and mainurbulence levels were found in the core of the jets. On the pres-
stream interaction, and the resulting turbulence. sure side, the coolant jets were separated from surface, and maxi-

The greatest heat load on a turbine airfoil generally occurs @um turbulence was generated in the wake region below the sepa-

the leading edge. There have been a number of studies of airfgilaq jets. In both cases the turbulence was found to be highly
leading edge film cooling using cylinders or cylindrical model nisotropic.

with flat afterboc_iies. In general, cylinders simulate a turbine bla & showerhead film cooling configurations were incorporated in
geometry, and film cooling hole patterns have been representatfﬁg simulated turbine vane models used by Abuaf ef4land

of those found on a blade. However, there are important diffef- s[5]. However, the emphasis of these studies was the overal
ences between turbine blades and vanes. The stagnation point Aﬁ'}e L ' b . -
il cooling, and no detail of the film cooling performance was

blade occurs at a point on the airfoil that can be reasonably mdd ™' 2 . '
eled as a cylindrical surface with a somewhat symmetrical prédtained within the showerhead region. Studies of showerhead

sure distribution. For a turbine vane, the stagnation line is locaté8°!ing designs were conducted by Bohn et[6]. who showed
well beyond the geometric leading edge towards the pressure sig@vement of the stagnation line due to influence by film cooling
of the airfoil. The stagnation streamline is strongly curved as jgts. The emphasis of the current study was to obtain detailed
approaches the vane airfoil, and the pressure distribution is higivglocity field measurements in the showerhead region of a film
nonsymmetric. Consequently, cylindrical models are not wetlooled turbine vane. These results complement measurements of
suited for simulating a turbine vane. the adiabatic effectiveness in the showerhead region published
There is also a significant difference in the film cooling hol@reviously (Polanka et al[7], and Witteveld et al[8]). These
configurations for the leading edge of turbine blades and vaneseasurements have also been supplemented by further work pre-
The blade typically has two or three rows of holes symmetricallfented in Cutbirth and Bogaf®)].
positioned around the stagnation line. These rows are usuallyp |arge-scale turbine vane model was used in a cascade facility
fairly far apart with spacing between rows of the order of five holgesigned to correctly simulate the flow about the turbine vane.
diameters, and a pitch between holes of about seven hole diagcia| attention was placed on the effect of high mainstream
gtersdlnl contrast, tﬁe vfane has f'\ée ;0 s“e\r/]en ror\:vs gf holt_as PQBfbulence levels, and on the impact of blowing ratio on the in-
tioned closer togethefoften termed the *showerhead” regipn coming stagnation line. This study represents the first attempt at
1—Currently at the Air Force Research Laboratory-Wright Patterson AFB highly detallec,l three component velocity measurements within t,he
2Currently at Naval Surface Warfare Center-Carderock Division near-wall region of a film cooled showerhead. These details
e e e v [rovide important valdaton data 1o the engine designers for
2?;12:%un254—7, 2001. Manuscrigzot receiv%d by the IGTI, October 28, 2000.’Pa§grvelopmem and evaluation of 3-D CFD simulations of this film
No. 2001-GT-402. Review Chair: R. A. Natole. cooling flow.
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Experimental Facility

To correctly model the flowfield surrounding a turbine airfoll
vane, a simulated three vane cascade test section was built. A
complete description of this facility can be found in Polapka].

The test section contained a central airfoil and two simulated =
neighboring airfoil surfaces. It was located in one corner of the Point
closed loop wind tunnel as shown in Fig. 1. A 4:1 contraction ratio
inlet nozzle preceded the inlet to the test section which was 1.02
m wide by 0.55 m tall. The side walls of the inlet section diffused
slightly to maintain the freestream velocity constant as the bound-
ary layers grew along the side walls. The flow then passed through
two main passages around the central airfoil, and two bypass pas-
sages on the outside of the inner and outer airfoils. Flow rates
through the bypass passages were controlled using adjustable
throats. Adjustment of the flow through the bypass passages,
along with a movable tailboard, allowed the stagnation stream-

Pressure Surface

Showerhead

lines on each of the three leading edges to be correctly positioned. m?{f,zzlmg - Pressure
This resulted in equal inlet flow&wvithin 1%) for the two main Suction Surface Taps
passages.

A secondary flow loop was used to remove air from the main Fig. 2 Schematic of vane internal geometry

wind tunnel flow for use as the film cooling flow. This secondary
air was driven by a single 7.5 hp, centrifugal blower. The blower

brought air in from the wind tunnel just upstream of the fan anfleay film cooling configuration. Each row contained 11 holes
directed it into the primary film cooling heat exchanger. For thesg, ., with diameteD =4.11 mm. These holes had an injection
investigations the film cooling flow was run at the same tempergp e of 25 deg with respect to the surface and were orientated 90
ture as the freestream so minimal cooling was needed in the SRy from the streamwise direction. The showerhead configuration
ondary loop. Upon existing this heat exchanger, the coolant Wagngisted of one row on the design stagnation line with two rows
split into three independent lines to feed the three airfoil cavitiegard the pressure side and three rows on the suction side. These
The flow rates into the airfoil plenums were monitored via in-ling,. .« were spaced 3.B8apart and the holes were positioned with
orifices. a spanwise pitch oP/D=5.55.

Airfoil and Film Cooling Configuration.  The airfoil geom- Impingement plates were installed inside the airfoil to correctly
etry was a large-scale model of a modern commercial turbine figdfnulate the actual inlet flow to the film-cooling holes. Each im-
stage vane. The Reynolds numigBe=1.2x 10°, based on chord pingement plate consisted of a nominally 1-mm-thick aluminum
length and exit velocitywas matched to that of the actual turbind?late fixed into place with a 5.5-mm gap between the impinge-
operation. Dimensions for the model vane were a chord length BNt plate and the inner airfoil wall. The impingement plates
about 59.4 cm, a span of 54.9 cm, and a leading edge diametePB'f‘ta'ned 7._8-mm—d|a holes with the_same pitch/film cooling hole
nominally 15 cm. The airfoil was built out of a polyurethane foanfi@meter ratio of 5.55. The rows of impingement holes were lo-
with a low thermal conductivity0.048 W/mK). The forward sec- cated directly between the entrances to the film cooling holes in
tion was machined to an even wall thickness of 1.37 cm to maiROth the streamwise and spanwise directions. There were then 12
tain the proper film cooling hole length to diameter ratio. Th&nPingement holes per row to maintain the periodicity. Figure 2
interior of the forward section was divided into three chambers, §80Ws the location of the impingement plate and holes along with
shown in Fig. 2. This allowed independent control of cooling t§1€ film cooling holes.
the showerhead, suction side, and pressure side of the airfoil. Foleasurements, Data Processing, and Uncertainty. The pri-

this investigation, only the showerhead coolant was utilized.  mary measurements for this investigation were three component
At the leading edge of the airfoil there was a six row showefzg|gcities made with an LDV. The LDV was a standard TSI sys-
tem modified to incorporate three components with side-scatter
collection optics. TSI correlator processors incorporating sample
bias corrections were used. The sample size used for these veloc-
ity measurements was 2000 points, which was typically acquired
over a time period of about one minute, depending on the data
rate. Precision uncertainties for these measurements were deter-
mined from statistical analysis of multiple samples at a given
™ usiable measurement location. Precision uncertainties were less than
ailboard +2% for the mean velocities for most of the measurements. Very

Adiustable
Bleed

Turbulence < near the surface of the airfoil a higher uncertainty for the mean
Generator w T velocities of =4% was obtained because of the higher turbulence
¢ e levels for the near wall region. _Th_e turbulence rms flut_:t_uation
Main Airtoit measurements away from the airfoil surface had a precision un-
Flow ~ certainty of +2%, increasing ta-8% near the wall.
—>:
s Experimental Conditions
o Adjustable A series of tests were performed investigating the interaction of
o Outer Wall the showerhead cooling with the mainstream flow. To establish a
- baseline, a no-showerhead blowing condition was created with the
Adjustable showerhead holes covered with tape. This was compared to the
Bleed velocity field for showerhead blowing ratios 8 =1.0 and 2.0.
For all tests reported here, the stagnation line was positioned to
Fig. 1 Test section of turbine vane facility impinge directly on the stagnation row of holghe Stag row
446 | Vol. 124, JULY 2002 Transactions of the ASME
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For this investigation the density ratio was maintained at DR 15
=1.0. This was primarily due to refraction problems with the .
LDV laser beams. Ideally, the density ratio would have been DR ol p WV //
=1.8 to make direct comparisons with the adiabatic effectiveness
measurements taken on this airfpill. However, at this density

ratio, LDV measurements were not possible due to refraction ef- 124 v
fects interfering with the beams. In a separate study film cooling /'/'/'/’/W(/‘/;’
: : . . X i .
adiabatic effectiveness measurements were obtained at density ra od e /% %
4

tios of 1.1, 1.2, and 1.810]. These results showed that the adia- /1/
b_ati_c ef_fectiven_ess were _similar_ for all density ratios, suggesting a /"//'/"/'/7?(/4/'/4/?W
similar interaction of the jets with the mainstream. 8- /////«/;//////

All experiments were conducted with a mainstream approach
velocity of U,,=5.8 m/s, which established a Reynolds number
matching that of actual engine operation. These tests were run
with low and high mainstream turbulence. The low mainstream
turbulence level was Tu=0.5%. The high mainstream turbulence 4
generator, described by Polank®], consisted of 12 vertical, 3.8
cm diameter bars located 12.2 rod diameters upstream of the vane
leading edge. Ak/c=0.14 upstream of the airfoil the turbulence
intensity wasu,s/U..=0.20, with an integral length scale &f;

,-—'///////‘/l

=4.2 cm orA;/D=10. The mean velocity profile at high turbu- "

lence, shown if10], was within 1% of the low turbulence profile

and did not have any indication of wakes from the bar grid at this 2 % f
position. For high mainstream turbulence, the turbulence was uni- I N_si‘%;

form within =10% across inlet to the vane passafel.

NN 1
L

Results
Three component velocity field measurements are presented for 7 5 M I . j . s
both low and high freestream turbulence in the showerhead re- <D

gion. This data is presented in the form of planes of data focused
around the stagnation row of holes. The region of velocity me&ig- 4 Mean velocity field, no coolant injection, Tu  ..=0.5%
surements extended from six hole diameters in front of the stag-
nation row to the second hole on the pressure surf®%9,
streamwise. In the cross-stream direction, the measurement plane
extended from about 14 hole diameters toward the inside of the
tunnel to the first row of holes on the suction si@SJ). This box
defined the region around the stagnation line and the stagnation
row of holes. In the figures that follow thd andV components

are shown as vectors while th&% component is displayed as a

contour plot. p UVURE )
The planes were taken at discrete locations along the span of 14 AR /

. - ////M//
S — N ///////}‘/
N //'////// ,

e S

24

45 e -

Fig. 3 Schematic showing positions of data planes relative to
hole locations Fig. 5 Mean velocity field, M=2.0, Tu,=0.5%
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(@) (b) (c)

Fig. 6 Rms turbulence fields for Tu ,=0.5%—(a) u’'/U,, (b) v'/U,, (c) w'lU,

was specified as the center of the Stag hole at the base of the vstugely, Cutbirth and Bogarf®] showed that all the coolant jets in
(se€[9]). This location was chosen because it was in the middle tfe showerhead region were separated from the surface.

the region utilized for film cooling effectiveness experiments re- Of particular interest was the turbulence levels generated by the
ported on previously7]. The position relative to the hole wasinteraction of the showerhead coolant jets with the mainstream.
chosen since it was where the peak W velocity was found for ti@ontours plots showing the distribution of the three components
nearest coolant hole in the showerhead row of holes. This positioffU., , v'/U.,, andw’/U.,, are presented in Figs(#, (b), and

was very near the bottom of the coolant hole. Figure 3 shows(@, respectively. Immediately obvious from these contour plots is
two dimensional projection of the region utilized for these meahat the jet interaction with the mainstream causes significant tur-
surements where the horizontal lines show the locations of thalence levels, and that the turbulence is highly anisotropic. Peak
measurement planes to be discussed in the following paragrapsels for the three components wew&/U..=0.3, v'/U..=0.4,

Low Turbulence. With low mainstream turbulence the veloc-2"dW'/U..=0.6. These peak levels are extremely high turbulence
ity field was measured with the film cooling rows taped over ilevels; furthermore, for all three components the turbulence levels
obtain a baseline undisturbed by film cooling injection. Thedgxceeded 0.25 at distances more thdn f2om the surface. For
measurements established a baseline flow to determine how cool-
ant injection from the showerhead affected the stagnation region.

The velocity field without coolant injection is presented in Fig. 4, 16

showing a stagnate region encompassing the stagn&tag row o UvUmE

hole, but relatively strong cross-flows over the rows of holes on 1+ T

either side of the Stag row. The velocity field with coolant injec-

tion, with a blowing ratio ofM=2.0, is shown in Fig. 5. The 124

plane of the velocity field presented in Fig. 5 was located at the /////}ff?’/////

bottom of a coolant hole in the stagnation r@D = 48.9 shown i Py
in Fig. 3). Contrasting the velocity fields in Figs. 4 and 5, it is N "'///////////

evident that coolant injection causes a displacement of the stag- e //////%

nation streamline at least®2from the surface. v IS
Also shown in Fig. 5 are contours indicating the magnitude of
the meanW velocity component. Relatively stroly component

velocities are evident due to the spanwise orientation of the cool- S e e et

ant holes. Velocity magnitudes in excess|@#/U..|=0.5 extend A Y

beyondy/D =2 from the surface. This may be attributed to cool- )

ant flow from holes located farther up the row of holes. Between ad TR TN NN

rows Stag and PS1 the magnitude of #vecomponent velocity SO

was low indicating that interaction of the mainstream with coolant o AR

jets caused the coolant jet from the Stag row of holes to flow NONCN NN

primarily towards the suction side of the airfoil. In general the N \\\ \ \‘\‘

coolant flow from the stagnation row of holes was found to be ’

very sensitive to the position of the approach stagnation stream- \ \ \ \\ \\

line, with a slight shift in the streamline causing a shift in coolant *1 \ \\ \ \&

flow from one side of the vane to the other. ‘ \
Also evident in Fig. 5 is a displacement of the p&&lkelocity 4 T r . T T T

from the surface for the coolant jet originating from the PS1 row A S ¢

of holes. The core of this coolant jet appears to e ftom the
surface. Thermal field measurements reported in the companioRig. 7 Mean velocity field, no coolant injection, Tu ., =20%
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16 without and with film cooling injection. For these experiments the

« UvRE 1 turbulence level of the approach flow was, Fu20% with an
. ———— integral length scale oh{=10D. The mean velocity fields with-
W out and with coolant injection are presented in Figs. 7 and 8,
/ respectively. The mean velocity field without coolant injection
124 was very similar to the low mainstream turbulence case discussed
////777/7//’/ previously (Fig. 4). However, there was noticeable difference

when coolant injection with a blowing ratio & =2.0 was used.
Comparing Figs. 7 and 8, the mean velocity field appears to be
essentially the same without and with coolant injection. In particu-
lar, there does not appear to be any displacement of the stagnation
point away from the surface as occurred for the low mainstream
turbulence case. This indicates that the high mainstream turbu-
lence enables greater penetration of the mainstream through the
coolant jets in the showerhead region.

Mean W component contours for the high mainstream turbu-
lence case were similar to the low mainstream turbulence case
(Fig. 5), except the high mainstream turbulence case had a more
uniform distribution and extended farther from the wall.

Measurement of the turbulence field,/U., andv'/U.. (not
shown), without coolant injection showed that the streamwise
component rms fluctuations)’, were suppressed close to the
vane leading edge, i.e. withinDB of the surface. The' fluctua-
tions were amplified slightly in the same region. The suppression
of theu’ component was expected since this component is normal
to the surface, and the amplification of tbé component was
expected due to a reorientation of the turbulent fluctuations.

The turbulence field with high mainstream turbulence and cool-
ant injection was of particular interest to determine whether the
high mainstream turbulence disrupts the turbulence generated by
the coolant jet interaction with the mainstream. Turbulence fields
for theu’/U,,, v'/U,, andw’/U.,, turbulence fields with high
mainstream turbulence are presented in Figa),9b), and (c),
comparison, the peak turbulence levels for a free jet would Bgspectively. Peak levels were found to b6U,.=0.3, v'/U.,

W'/U centeriing= 0.3, (see Hinze[12]). Furthermore, Pietrzyk et al. =0.35, andw’/U..= 0.6, which were essentially the same as for
[13] measured turbulence levels along the centerline of a coolafg low mainstream turbulence case. However, there were some
jet with 35 deg injection angle on a flat surface. For a blowingifferences in the distributions of the rms turbulence fields. The
ratio of M=1.0 and unit density ratio, the maximum turbulencg,’/y _ fields for low and high mainstream turbulence were quite
levels were 0.2. Comparison to these cases highlights the relgz .o, showing extended areas around the holes withJ

tively large turbulence levels generated in the showerhead regi@0_25_ For they'/U., fields, the high mainstream turbulencemcase

High Turbulence. Mean and turbulence velocity field mea-had slightly larger regions af’/U..>0.3 than the low turbulence
surements were repeated with a highly turbulent mainstream flovgse. However, for the’/U., field, there was a distinct difference

6~

i

24

4

Fig. 8 Mean velocity field, M=20, Tu,=20%

(@ (b) (c)

Fig. 9 Rms turbulence fields for Tu ,=20%—(a) u'/U,, (b) v'/IU,, (c) w'lU,
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Fig. 10 Variations of mean velocity field with spanwise position; coolant injection with M=2.0 and mainstream Tu ,,=20%

—(a) 21D=51.7, (b) 21D=50.0, () z/ D=48.9, (d) z/ D=47.3

between the high and low mainstream turbulence cases. For I8t this position the exit velocity from the stagnation row was
mainstream turbulence, levels wf'/U,>0.4 were confined to greater thadW/U.,|=2.0 in a jet core which was adjacent to the
regions around the hole exits extendin® Zom the surface. For wall. At the next position, 1B farther in the spanwise direction,
high mainstream turbulence, levels wf/U..>0.4 covered the the maximum mean spanwise velocity reduced to less than
leading edge area and extended O %om the surface. This |W/U.,|=1.5. At the farther spanwise positions there was little
larger region of highw'/U.. levels for the high mainstream tur- decrease in the maximum lateral velocity of the coolant from the
bulence case can be attributed to oscillations of the coolant jetsdigignation row of holes. For all four lateral positions relatively
the large-scale mainstream turbulence. The coolant jets havetgong lateral velocities extended-35d from the surface, show-
large W velocity component, and movement of the coolant jetfg the influence of the accumulated blowing from the shower-
about a point in the flow will result in large fluctuations in tWe pead.
component, while having relatively little effect on té andv’ As noted previously, the maximum rms fluctuations occurred
components. - o _for the w component of velocity. The variations @f'/U., for

The spanwise variations of the mean velocity field for the highico ot spanwise positions are shown in Figs(ald(d). At
mam;stream turbL_lIence case are shown in Figaitdd) for Iaterg! z/D =48.9, immediately below the hole exit for the Stag row hole,
positions of z/D=51.7, 50.0, 48.9, and 47.3. These position ,
range over a complete pitch between holes so that the flow field I peakw o_ccurreq ver_y_close to the wa_II and below the core of
2/ID=51.7 is also representative of the flow field expected at 464¢ coolant jet as identified by the maximun shown in Fig.
due to the periodicity between holes. For the stagnation row &f(C). At the next spanwise position/d=47.3, the peakv’ level
holes the positiorz/ D = 48.9 corresponds to the bottom exit of thewas not diminished; moreover, the area over whictiU..=0.6
hole, which is the baseline position presented previously in Fig. Bcreased significantly. The increase in extent of highlevels

450 / Vol. 124, JULY 2002 Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



(c)

60 60 -
554 554 Tu
504 5.0
45 45 02
404 404 075
3.5+ 354 07
30 30
254 25 065
20 204 06
Qs Qs
15 515 055
1.0 104
05- 0.5 05
00 0.0 0.45
0.5 0.5 04
104 10
154 15 | 033
20 204 J 03
254 254 4 L\
30 | S S S S R S B M B S B S e | 30 i R W BN (e e RGOS TN NN S TG DR N G
40-3530-25-20-15-10-050005101.5202.53035 40 -40-35-30-25-20-15-10-050005101520253035 40
x/D x/D
(b) (@)
60 <] 60 <]
5.54 T 5.5 T
50 50
45+ 4.5 08
40 40 0.5
3.5 3.5 75
30 304
2.5+ 254 065
20 204 06
a s o s
Q1s =15 055
1.0 1.0
05 0.5 05
00+ 00+ 0.45
0.5 0.5 04
1.0 104
1.5 1.5 035
201 20 03
25 254
‘30 T T T T T T T T T T 1 T T T T 'BD T T T T T T T T T T 1 T T T T
-40-35-30-25-20-1.5-10-05000510 152025303540 40-3.5-30-2520-1.5-10-05000510 152025303540
x/D X xiD
Fig. 11 Variations of w'/U, turbulence levels with spanwise position; with M=2.0 and mainstream Tu ,=20%—

(a) z1D=51.7, (b) z/D=50.0, (c) z/D=48.9, (d) z/1D=47.3

indicates that the highv’ levels were not generated within thements of the flow field associated with showerhead film cooling
coolant hole, but by the interaction of the coolant jet with then a vane that could be used to validate and improve CFD pre-
mainstream external to the hole. Again the high levels were diction for this complex flow. These velocity field data comple-
distinctly below the core of the coolant jet indicating that thenent earlier studies of the adiabatic effectiveness for the shower-
turbulence was produced in the shear layer below the separae@d region. The inherent three-dimensionality of this flow field
coolant jet. Farther in the spanwise direction, equivalent to posjictated that all three velocity components be measured to accu-
tionsz/D=51.7 and 50.0n' Ievelg diminish in the region around rately represent this flow.

the Stag row of holes. In the region around the PS1 row of holes,several results from this study indicate the computational pre-
the maximumw’ levels occurred at/D=50.0 with a peak level giction of the showerhead flow will be exceedingly difficult. First,
of w'/U.,=0.8. This position isA\z/D=1.5 below the exit of the the flow in the showerhead region clearly involved a build-up of
PS1 row hole. Furthermore, the high turbulence levels occurrgggant along the span of the airfoil. Consequently CFD predic-

below the core of the coolant jet. Consequently, this high turbyys g \yould need to account for the cumulative effect of a large
lence appears to also be produced by the shear layer below ﬁh

. . Ufber of holes along the span, requiring a much larger compu-
separated coolant jet. The hig¥l levels around the PS1 row of g P d g g P

holes diminished auickly in succeeding Spanwise positions tational domain. A second complexity was the very high levels of
q y 9sp P " turbulence generated by the mainstream interaction with the cool-

) ant jets, with turbulence levels that far exceed that found in
Conclusions boundary layer or free jet flows. Furthermore, this turbulence was
As industry comes to rely more on CFD predictions for turbinBighly anisotropic, with the spanwise component of the turbulent
design, there is need to provide data for the more complex fldiuctuations being twice as large as the other components. Finally,
fields associated airfoil leading edge cooling. One of the goals thfere was an interaction of the high mainstream turbulence with
this program was to obtain comprehensive experimental measute coolant injection resulting in increased turbulence levels. This
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result suggests that the mainstream causes an unsteady oscilleBiobscripts
of the coolant jets, which further complicates CFD simulations.

’ root-mean-square
sh = conditions of the coolant jet existing showerhead
Acknowledgments « = conditions of the approach mainstream.
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M. L. G. Oldfield This paper presents experimental measurements of the performance of a new film-cooling
Mem. ASME hole geor_netry—thtﬂ]vergmgglot—h)_le or console. This nov_el, patented geometry has_
' been designed to improve the heat transfer and aerodynamic loss performance of turbine
Depariment of Engineering Science vane and rotor bl_ade cooling systems. The physical principles embodieq in the new hole
University of Oxfordy de5|_gn are described, and a typical example of the console geometry is presen;ed. The
Oxford OX1 3P UK’ coolln_g performance_ of a single row of consoles was compared experimentally with that
' of typical 35-deg cylindrical and fan-shaped holes and a slot, on a large-scale, flat-plate
model at engine representative Reynolds numbers in a low-speed tunnel with ambient
G. D. Lock temperature ma_in flow. The hole throat area per unit width is matched for all four hole
geometries. By independently varying the temperature of the heated coolant and the heat
flux from an electrically heated, thermally insulated, constant heat flux surface, both the
heat transfer coefficient and the adiabatic cooling effectiveness were deduced from digital
photographs of the color play of narrow-band thermochromic liquid crystals on the model
surface. A comparative measurement of the aerodynamic losses associated with each of
A. J. Rawlinson the four film-cooling geometries was made by traversing the boundary layer at the down-
stream end of the flat plate. The promising heat transfer and aerodynamic performance of
the console geometry have justified further experiments on an engine representative nozzle
guide vane in a transonic annular cascade presented in Part 2 of this paper.
[DOI: 10.1115/1.1459735

Department of Mechanical Engineering,
University of Bath,
Bath BA2 7AY, UK

Rolls Royce plc,
Derby DE24 8BJ, UK

Introduction using arrays of discrete holes to provide the most uniform film

This paper presents low-speed flat plate heat transfer and aé)@ssmle, without compromising the aerodynamic efficiency of the

. - ; zzle guide vane. Cylindrical holes, in single or double rows
dynamic efficiency measurements of a new console cooling

A on Part 2 7 ds th igrani et al.[5]), are often used with the holes directed down-
ometry. A companion Part 2 pagil extends these measurementsyeam or with a compound angle in the plane perpendicular to the

to compressible flow on an engine representative nozzle guigls,, direction such as presented by Sen ef@]. and Schmidt
vane(NGv). o _ _ et al.[7]. Shaped film-cooling holes are also used. Gritsch et al.
Film cooling is widely applied in gas turbines to protect enginggye presented heat transf@], and adiabatic effectivene$8]
components from gas temperatures above the melting point filasurements and Thole et &.0] have presented flow-field
component materials. A considerable amount of research has bagshsurements for film cooling holes that expand laterally and/or
conducted in order to gain an understanding of the mechanisfgaévard near the hole exit. The purpose of the expansion is to
involved in film cooling so that the design of film-cooling systemsncrease the lateral spread of the coolant film downstream of the
can be optimized to produce the most effective film cooling witholes and to minimize the penetration of the coolant flow into the
a minimum amount of coolant. mainstream. While this shape improves the uniformity of the film
Minimizing the aerodynamic loss associated with film coolingver the surface compared with cylindrical holes, the hole expan-
is also very important. Dentof2] suggests that, despite an estision causes separation in the hole and inefficient diffusion, which
mated increase in turbine entry temperature of 100 K per 1féduce the aerodynamic efficiency of the N@Yay et al.[11]).
coolant mass flow, a reduction of approximately 1% in turbine
efficiency per 1% coolant flow can have a large effect on thegnsole
overall cycle efficiency. This reduction is a viscous effect due to . . .
irreversible mixing of the coolant and mainstream flows. The new convergingslot fole, or console, film-cooling hole

Early work concentrated on the use of slosg., Eckert and (Patent applied fordescribed in this paper, has been designed to

Drake[3]), which had the advantage of providing a uniform filmffér the improved cooling and aerodynamic performance of slot
gometry, whilst retaining the mechanical strength of a row of

that flowed along the downstream surface and did not introdu
crete holes.

lateral thermal gradients, which can cause significant ther The cross section of the console changes from a near circular
stresses in engine components, reducing the life of the component 9

Farmer et al[4] have presented data for both straight and shapfﬁape at inlet to a slot at exit. In side viditig. 1(a)) the walls of

e . e . e console converge and in plan viéig. 1(b)) the walls di-
|n_cI|ned slots. Due to the prac_tlcal structural'dlfflcultles associate rge, but the convergence is greater than the divergence so that
with the use of slots on engine nozzle guide vanes and turbi

blad h and ine desi tice h trat cross-sectional area decreases and the flow accelerates from
ades, research and engine design practice have concentratefh il v, oytiet. The minimum hole arehroa) and hence maxi-
mum flow velocity are at the hole exit.

Contributed by the International Gas Turbine Institute and presented at the Inter- ; ;
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Lo] i-It has been widely establishdé.g., [12)) that for accelerated

siana, June 4—7, 2001. Manuscript received by the IGTI, October 23, 2000. Paf&WS, SUCh. as thelconsme internal flow, the boundary Iayer gen'
No. 2001-GT-126. Review Chair: R. A. Natole. erally remains laminar or turbulent boundary layers relaminarize,
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the cylindrical holes. The residual strength of the material with
consoles should be sufficient, but further studies of the mechanical
design of the console are required to verify this.

The geometry of the basic console configuration has been de-
signed to be generated from a family of straight lines as can be
seen in Fig. 2, and hence can be manufactured by available drill-
ing (mechanical or lasgtechniques. The hole entrance is nomi-
nally circular, but due to the way that the experimental consoles
while even a small amount of diffusion generally induces transivere generated, using straight lines, the hole entrance of the actual
tion to turbulent flow. The losses due to turbulent flow are signifshape has a slight “pen nib” effect as shown in Fig. 2. As preci-
cantly higher than laminar flow. This is in contrast to conventionglon casting becomes more accurate, it will be possible to modify
fan-shaped or expanded holes where the flow is diffused afifé basic console shape to further improve performance, such as
slowed down in an attempt to spread the flow of the coolant ongetailed shaping of the hole entry and exit. The console patent
the surface with low momentum. The separations in the fagapplication covers such improvements.
shaped hol¢10], which reduce the aerodynamic efficiency of the
fan-shaped holes, will be significantly reduced in the accelerating
console flow. The low-turbulence exit flow from the consol&xperimental Program

should lay a more stable layer of cooling air onto the external

blade surface downstream of the exit and should reduce mixingr%ﬁj'sﬁ?élmggtlsn\,%?ef%raeg?elg go’ur;?gt t[gﬁgf?/rt?\gd agfrg:ﬂn);gﬁgcohii
the coolant and the hot mainstream. q P

Individual holes in a row of consoles are positioned such th 9nsole. The heat transfer experiments will be presented first, fol-

adjacent holes intersect just below the surface as shown in Fig.(?LV,Ved by the aerodynamic loss measurements.

and a continuous slot is formed on the outside blade surface. The
advantage of joining the hole exits is that the ejected coolant fil
is continuous in the span-wise directi@in contrast to cylindrical Reat Transfer Measurement
holeg and the film therefore benefits from the Coanda effé2} Experimental Technique. The experiments were performed
and will not lift off from the blade surface at typlcal b|0W|ng ra.tesin a 500< 500-mm cross section |0w-speed, suck down wind tun-
Evidence of the Coanda effect is described later in this paper. ne| [13] in the Osney Laboratory at the University of Oxford,

The roughly triangular pedestals between hdlég. 1) main-  shown in Fig. 3. The mainstreaprimary flow) air speed and
tain the strength of the blade. To compare the structural integriggmperature were measured upstream of coolant injection and
of the different cooling hole shapes, the minimum cross-sectionflese parameters were independent of the coolant flow. All mea-
area of 25% for the particular console design used in the currefifrements presented were conducted at engine representative Rey-
work is reduced from 52% for the fan-shaped holes, and 67% faplds numberbased on cylindrical hole diameter and mainstream
flow) of 36,000, ideal coolant to mainstream momentum flux ratio
of 1.1 and density ratio of 1. The Reynolds number for every hole
configuration was based on the cylindrical hole diameter for con-
sistency in the presentation of results. The cylindrical hole diam-
eter was 20 mm, the fan-shaped hole inlet diameter was 24 mm,
the slot height for the slot and console was 5 mm. By setting the
hole pitch to be 60 mm for the cylindrical holesd)3 84 mm for
the fan-shaped holes (85,), and 50 mm for the consoles
(2dconsold €qual throat area per unit width for each hole shape
was achieved. For all data presentation, which required a hole
diameter, the equivalent cylindrical hole diameter of 20 mm was
used. For comparison with slot results, the Reynolds number
based on the console and slot, slot height was 144,000.

The ideal mainstream momentum flux ratio is equal to a pres-
sure difference ratidigea= (Poe— Pm )/ (Pom— Pm), and this was
used as the basis for comparing coolant flows because it is this

Fig. 1 Basic console configuration— (a) side view section
through blade surface; (b) plan view of console viewed from
blade surface; (c) plan section along hole centerline

Fig. 2 Uni graphics surface definition of two console film-
cooling holes

454 | Vol. 124, JULY 2002

parameter that is set in the engine. The coolant total pre$¥ire
is the total pressure measured in the coolant plergp, is the
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Fig. 4 Typical film-cooling hole configurations

total pressure of the mainstream flow measured upstream of caghich was bonded to the surface with high-strength double-sided
ant injection, andP,, is the static pressure of the mainstreantape. The resistance of the thin film-heating element quoted by the
measured at a wall static pressure tapping. manufacturer was 2 per square, but it varied slightly with tem-
Although all holes were tested at the same pressure ratio, egarature, so the voltage and current were measured in order to
hole geometry had a different discharge coefficient. This causealculate the power supplied to the plate. The total resistance of
the mass flow rate, and hence velocity ratio and actual mass dhd plate was 5.4) at 18°C and the maximum heater power used
momentum flux ratios to be different for each hole. The cylindriwas 200 W. The heat flux was uniform to within 3% over the
cal hole mass flow rate was considered to be the standard msisace of the plate. This plate was situated downstream of the
flow rate and a hypothetical diametel,,, was defined for the film-cooling holes.
other film cooling holes, which would produce the same massThe heating surface was painted black and narrow-band ther-
flow rate as the cylindrical hole. For both adiabatic effectivenessochromic liquid crystals were used to measure constant tem-
and heat transfer coefficient, tlkgparameter was corrected usingperature contours on the surface. Changing the coolant tempera-
ture or heat flux to the plate and allowing the system to settle to
1) steady-state conditions facilitated construction of a map of tem-
perature contours.

since thex scale for the effectiveness and heat transfer for a IarglertA tShUItﬁ oftl\t/latla:J routlr;fgg wire \évrltégnbtot.autfcf) m?tlcally caltcu- h
hole diameter would be equivalent when plotted agairéd). ate the heat transier coetlicient and adiabalic elfectiveness at eac

The equation for heat transfer from a flat plate in unifornPOim on the plate from the temperature contours. The temperature

turbulent flow[14] was manipulated to produce the following ex-Contours were extracted using the hue signal in the digital image,
hich was calibrated against temperature. The contour at a par-

ression relatindgh and x, assuming that all other parameters ar .
P ¢ 9 P icular value of huéwhere hue was most sensitive to temperature

dn
Xeor— X( Typ

constant: was captured using a Matlab routine, to obtain the temperature
hocx =02 (2) contour.
Sincex is corrected as outlined in the foregoing, the consequentFilm Cooling Analytical Technique. In the following discus-
correction inh can be written sion, total and recovery temperatures, appropriate to compressible
d.. | —02 flow, are used in order to present generally applicable equations
Reorrecte djh(ﬂ’) (3) and for consistency with the compressible experiments described
d in Part 2 of this papef1]. Of course, in the incompressible ex-
The effectiveness scale does not require correction. periments presented here, the total, recovery and static tempera-
The mainstream flow velocity was 26 m/s and the freestreai/€s are equivalent. . ) _ )
turbulence intensity was low, of the order of 1%. The heat transfer coefficienh), is defined following Jones

The cooling air was supplied from the laboratory compressed
air source and the mass flow rate of the air supplied to the plenum
chamber was measured through a British Standard BS 1042 ori-

fice plate(17.96 mm dia The air was heated using a variable < 1000 > ﬁ
power inline heater and fed into a plenum chamber to settle a il i
mix the air before it exited through film-cooling holes mounted ii |

the side of the wind tunnel.

The film-cooling holes were machined in cooling hole plateg f
made fromRohacelitype 51G—a closed pore, structural foamg
manufactured by Rohm GMBH, with low thermal conductivity of§ g
0.028-0.034 W/mK at 20°C, compared with air at 0.025 W/mk
A series of plates with the different film-cooling hole geometrieg
investigated were produced, and these could be easily change:
the experiment. There were five cylindrical holes and console ¥
three fan-shaped holes and a single slot. The main geometri Heater Vinainsream ;{l(;?oell
features of the film-cooling holes are shown in Fig. 4. Film o

A uniform heat flux flat plate, 2000 mm long, 600 mm wide,
and 30 mm thick(Fig. 5 was produced from a large sheet ofrig 5 Tunnel wall showing layout of cooling holes and heated
Rohacell backed with fibreboard for stiffness and covered withf@t plate, overlaid with typical liquid crystal display with pro-
350-mm-wide electrically heated thin film of aluminized Mylarcessed temperature contour

350
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[14,15 as the constant of proportionality between the local heat 120
flux g and the difference between the wall temperatiijeand 100} .2
convection driving temperature of the gég, , or adiabatic wall
temperature at that point 80 \
q=h(Ty— T 4) hmw = q 60
For film cooling where there are two flows presemt,, is L,-L 40 \\Q
intermediate between the coolahg. and mainstreanT,, total
temperatures and depends on these temperatures, the geometi 20
and degree of mixing between the gases upstream of the point of 0 <
interest on the surface. To eliminate the temperature dependence
a dimensionless adiabatic film effectiveness is defined according ’20_2 > 0 1 2 3 4
to the definition of Jonegl4,15
TOc —TOm
Taw—T O=——7
aw™ Ir T, T,

=2 L 5
7 TOc_TOm ()

Here, T, is the mainstream recovery temperature, which is d
fined using the recovery factar=Pr*®, suggested by Kays and

Fig. 6 Typical set of data points and fitted straight line used in
®atlab data manipulation

Crawford[16]
14t y—1 M2 In practice, for moderate levels of heat transfer coefficient, the
2 difference between this definition and spatially averagesl less
Tr=To -1 (6) than 5%.
2
1+ 2 M Results and Discussion. Experimental results were compared

. . - with previously published data to validate the current measure-
The cooling effectiveness and heat transfer coefficients are pitant technique. Good agreement between the current work and
marily functions of cooling geometry, the state of the oncomingpjished results was obtained such as shown in Figs. 7 and 8 for
boundary layer, freestream turbulence intensity, surface curvatygg, cyjindrical holes. The validation of the experimental technique
and ratios of the coolant-to-mainstream density, mass and momgy--5mparison with published results gives confidence in the sub-
tum fluxes, and specific hedlts4]. Note the use of the recovery soquent console results. Note that the results are compared using

temperaturel, rather thanTop . . . the actual momentum flux ratid,e,q, Where the momentum flux
To reduce the three controlling temperature variables in thg ihe coolant flow is defined:

experiment to a single parameter, a dimensionless temperajure,

is defined n’

, M
T T pcvc=7 (11)
_ '0c™ 'Om
s )
In experiments, an overall heat transfer coefficibpt, based
on the mainstream and wall temperatures is measured. If(Egs.
and(3) are substituted into Edq1), then

q

This expression indicates that the variablg,, is linear in 6.
Furthermore, for a line relating,,,, to 6, h is the slope of the line
and the intercept on theaxis is 1h. A set of experimental points o1
in (6,h,w) can be produced by varying the plate heat flux and o5
coolant temperature. The linearity lof,,, with 6 was tested as part o
of the Matlab analysis sequence, by plottimg,, againsté, for a 0 5 xd 10 15 20
number of positions on the plate. The typical results in Fig. 6
show that good linearity was obtained. Fig. 7 Cylindrical hole effectiveness compared with published

Downstream of a row of cooling holes, the effectivengssar- data
ies periodically and previous workefs.g.,[5]) have simply ar-

--{ -#-Ekkad et al [19] M=1 1=0.685
—a—Present study 1=0.48 M=0.69

—g3— Present study 1=0.67, M=0.82

h =h(1-70) (8)

Effectiveness

ithmetically averaged,. Sinceh also varies, this is not technically
correct and the correct method to calculate the lateral average it 1.2 :
obtained by taking the average of both sides of &9 L Qo B R ~_ ;
4 - el L DT, —— . S R 5
=h—hn 0.8 :-'—: oy i
T.-T, h—h»n6 9) £ 7
] ] ) 206 4o : :XX——- Ekkadtetl al [15!8/:0.5 1=0.26 L
Thus, _the two properties of the film coollng_ h(_eaL transfer that __x__.G;?sihi“zi (81 150,135 M=0.5
are required for the average heat transfer predictior amd}ﬁ 0.4 ::g : :g;::cchh ::::{g} 030 M°075
The correct way to calculate the laterally averaged effectiveness - O - -Gritscn etal 8] 1=0.84 M=1.25
from the contour data, if it is to be used to determine the average °* AT Sborit oyt AP i
heat transfer Is o ‘ ] _E_mesem study 1=0.67, M=0'.82
_— 0 2 4 6 xid 8 10 12 14
— hyg
=— (10) Fig. 8 Cylindrical hole heat transfer coefficient compared with
h published data
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Fig. 9 (a)—(d) Lateral variation in adiabatic effectiveness, Ioear=1.1, Re4=36,000

Throughout Figs. 7—12, the diametdy,used for dimensionless lateral expansion near the hole exit. The console result demon-
distance is the equivalent cylindrical hole diameter of 20 mm. Tterates a more uniform profile of slightly enhanced at the inter-
dimensionz for the lateral results in Figs. 9 and 11 is made disection of two consoles. This enhancement is most likely due to
mensionless by dividing by the hole pitch. The nominal slot pitcimteraction between vortices formed by the jets from adjacent
was made equal to the console pitch. consoles.

From a perturbation analysis of the effect of uncertainties in the The slot effectiveness is similar to the fan and console peak
measured parameters on the results of the curve-fitting techniqueféectiveness, which accounts for the similarity in the laterally
the uncertainty irh was estimated to be 8%, and the uncertainty inveraged results for these film-cooling holBgy. 10. The peakyn
7 was estimated to be 7%. values for the cylindrical holes are lower and reduce rapidly away

The lateral variation in adiabatic effectiveness for each filnfrom the holes, which accounts for the considerably lower later-
cooling geometry is presented in FiggaB-(d). As shown in Fig. ally averaged effectiveness results.

5, the downstream distanceis measured from the downstream The level of the lateral heat transfer coefficient shown in Figs.
edge of the cooling hole or slot. The hole exit area is shown fid(a)—(d) is similar for the slot and the console film-cooling
scale on the graph. In this and all following charts, théimen- holes, and relatively uniform across the hole.

sion is divided by the cylindrical hole diameter to provide consis- This demonstrates that the console flow is acting similarly to
tency with the convention set by previous experimenters. the slot flow. The heat transfer coefficient at exit from the fan-

The cylindrical results show a pronounced peak in adiabatihaped hole demonstrates only a small variation over the hole
effectivenessy downstream of the hole center. The peak is morexit, and the level is markedly lower than for the slot and console.
spread for the fan-shaped hole, as would be expected with fhlee cylindrical hole peak value is higher than the other cooling
configurations; howeveh is lower between the holes, which con-
tributes to the low laterally averaged heat transfer coefficient
shown in Fig. 12.

The laterally averaged heat transfer results in Fig. 12 demon-
slat strate that the slot and console do not significantly change the
boundary layer flow compared with no film cooling, and hence the
fan heat transfer coefficient is similar. The fan-shaped and cylindrical
film-cooling holes appear to thicken the boundary layer and re-
duce the heat transfer coefficient compared with no film cooling.

The heat transfer performance of the console has been shown to
be similar to the slot and fan film-cooling performance. Aerody-
namic loss measurements presented in the following sections are
required in order to fully demonstrate the benefits of the console.

10 SER— - e i
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Dimensionless distance downstream from hole/slot (x/d) X ) .
Experimental Technique. The measurement of aerodynamic

Fig. 10 Laterally averaged adiabatic effectiveness,  /pga =1.1, 10Ss was conducted using the tunnel equipment outlined above for
Re,=36,000 the heat transfer measurement, except that there was no heat ap-
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Fig. 11 (a)—(d) Lateral variation in heat transfer coefficient, lpea =1.1, Re;=36,000

plied to either the heater film or the coolant. The boundary layer The boundary layer traverse at the measurement plane is ex-
velocity and total pressure profiles were measured with a horizaended to the width of the wind tunnel, less the boundary layer
tally traversing pitot probe at the downstream edge of the plate,thickness on the far side as shown in Fig. 13. Although the results
positions downstream of a hole center and halfway between twbthis measurement are dependent on the dimensions of this wind
holes. tunnel, the purpose of the current experiments is to produce com-
. . . . ) parative data only. In the engine, the height of a downstream
Analytical Technique. Aerodynamic loss is defined as (1y,yerse required to measure aerodynamic efficiency is one blade
—¢), [11], where the aerodynamic efficienay, is defined: pitch.
{Actual Kinetic Energ¥mixingpiane Applying c_onseryation of mass ffom _the measurement plane to
(12) the hypothetical mixed out plane in Fig. 13, assuming constant
density (low-speed flow
The mixing plane is defined as the hypothetical plane at which the fH

e {Theoretical Kinetic Energyyaiabe

coolant and mainstream flows are fully mixed and the velocity,
pressure and temperature are uniform. It is mathematically
equivalent to the measurement plane and the velocity, static pres- . .
sure and temperature at this plane are found by applying the law€\PPlying conservation of momentum
of conservation of mass, momentum and energy between the mea- 5 fH
1tp

vdy=Hv, (13)
0

surement plane and the mixing plane. v2dy=P,+pHv5 (14)
0

160 e g e e s g et et
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S 120 4 o fan ¥
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e -
g 0 IBE3060090000 MEASUREMENT PLANE MIXED OUT PLANE
-
£
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Dimensionless distance downstream from slot’hole (x/d) ﬂ Coolant
Fig. 12 Laterally averaged heat transfer coefficient, loea.  Fig. 13 Measurement and calculation planes for aerodynamic
=1.1, Re;=36,000 loss
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Fig. 14 Comparison of aerodynamic loss of four cooling con-
figurations, /pga=1.1, Re,=36,000

From these two relationships, the actual kinetic energy flux gﬂ

the flow at the mixed out plane can be calculated

1 2 1 3
KEactuaFEmVZZEPZVZ (15)

The uncertainty in these measurements was estimated to be
20% based on a 95% confidence level. The trends in loss outlined
above remain valid with this level of uncertainty.

Coanda Effect Investigation

Evidence of the Coanda effect has been obtained in flow visu-
alization experiments using a nylon mesh coated with liquid crys-
tals[17], which was positioned across the wind tunnel, one cylin-
drical hole diameter downstream of the film-cooling holes. The
experiment was conducted with jets in crossflow at the same
ligea= 1.1 as the other experiments presented in this paper, and
jets without crossflow at the same pressure ratio across the hole.
The contours extracted from images of the jet shown in Figs. 15
and 16, clearly show that with no crossflow, the cylindrical hole
jets lift off from the surfacelocated aty/d=0 in the figuresand
with crossflow, the jets penetrate into the flow. For both situations,
e console jets from the central three holes remain attached to the
rface.

Conclusions
The novel console film-cooling hole shape has been presented

For incompressible flow, the theoretical kinetic energy fluxand the thermal and aerodynamic performance has been compared
based on the initial total pressure and the calculated static pressyii other conventional film cooling hole shapes. The coolant

at the mixing plane can be written

M me
KEiheoretica —— (Pom— P2) + —(Poc—P>) (16)
Pm Pc
such that the loss is finally written
1 5
5 PP2
Loss=1- - 17)

mm mC
— (Pom=P2)+ — (Poc—P2)
Pm Pc

flow from a row of consoles shows good lateral uniformity of
adiabatic effectiveness, with regions of slightly enhanced cooling
occurring between the consoles due to the interaction of vortices
from adjacent holes.

The laterally averaged adiabatic effectiveness results demon-
strate that the console approaches the slot effectiveness, as does
the fan-shaped hole effectiveness.

el
N e
Results and Discussion. The usual coolant total pressures
used for the calculation of aerodynamic loss is that measured£ s {_’} 5 s 5 5 r}
the cooling plenum. Day et gJ11] point out that there are argu-% 25| {€
ments for using either the coolant exit total pressure or the mai8 25 D 25 25} |
stream total pressure of which all three are presented here. Tg 0 0 0
coolant total pressure at the hole exit was calculated by Day et € Q 0 25
[11] for the compressible case, which requires an iterative solutid -25f . 25 25 i
technique. For the incompressible case, an equatioRfocan be S o 5 5
written g 5
L 2 i S 75 Q 75t Rgmt” 1 75 7
Poc=Pm+ 5 pVexi=Pmt 5 — (18) 25 25 5 0 ™55 5 0 25 5 0 25 5
P Distance from Distance from Distance from Distance from
where P, is the mainstream static pressure, the mass ffox, surface (y/d) surface (y/d) surface (y/d) surface (y/d)
=measured mass flowratel,;, andA,,; is the exit area of the cylindrical fan-shaped slot console

hole. For the fan shaped holes, the calculation of coolant exit total
pressure is based on the nominal cross-sectional area of the exrig. 15 Film-cooling hole jets contour without crossflow
panded part of the hole at the hole exit plane, unlike Day et al.

[11] who use the hole throat area.

The aerodynamic loss measurements presented in Fig. s
clearly show the advantage of the console over the cylindrical ag ¢ ‘J ]
fan-shaped film-cooling holes. The aerodynamic loss for the cos 5
sole is less than the slot and is even less than the no film-coolig 25 ?
case. This is because the converging console hole flow has I '> } o . ¥

0

e (2/d)

internal loss than the straight slot. The cylindrical and fan-shapg °©
film-cooling holes have considerably higher aerodynamic loss. §_2.5 :) 25 25
The difference between the calculated loss based on exit prg ’ 23

sure and the total loss or loss based on plenum pressure i€ 5 0 5 5013 5
measure of the loss through the film-cooling hole. This is largeg . J
for the fan-shaped hole, at 0.6% and smallest for the consolez ~ ¢ 25 s 7 0 25 5 0 25 5
0.35%. The large difference between these two results is due™ pistance from Distance from Distance from Distance from
the large loss associated with the inefficient diffusion process  surface (yd) surface (y/d) surface (y/d) surface (vid)
the fan compared to the efficient, accelerating flow in the conso  ¢ylindrical fan-shaped slot console

The two straight holes, the slot and cylindrical hole, exhibit a

-7.5

0 25 5

similar difference of 0.4%.
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Fig. 16 Film-cooling hole jet contour with crossflow
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The console laterally averaged heat transfer coefficient was 0 =
similar to the slot, and higher than the cylindrical and fan-shaped r =
hole results. The slot and console do not significantly change the w
boundary layer flow compared with the case of no film cooling,
and hence _the heat transfer coefficient is sim_ilar. The fan-shapggpreviations
and cylindrical film-cooling holes appear to thicken the boundary ]
layer and reduce the heat transfer coefficient compared with f@nsole = convergingslot-role
film cooling. There is an aerodynamic penalty associated with thisNGV = nozzle Guide Vane

thickening. . ~ Console Geometric Parameters
The aerodynamic performance of the console was also investi-

total, stagnation conditions
recovery
wall

gated, and it was shown that the aerodynamic loss due to a con-
sole is significantly less than for fan-shaped or cylindrical film-

cooling holes.

Hence, although these results indicate that the thermal perfor-
mance of theconsoleis similar to the fan-shaped film-cooling
holes currently in use, the console has a great advantage in terms

of aerodynamic performance.

The promising results obtained from the flat plate experiments

= exit throat slot height, controls coolant mass flow
w = exit slot width, or console hole pitch
d = inlet hole diameter
s, = solidity ratio, proportion of metal left after hole has
been drilleds,,,=1/2(1— d/w)
a = hole inclination to surface
= wall thickness
= hole lengthl =t/sin«

justify further experiments using the console geometry on a fully
cooled nozzle guide vane under engine representative conditig®deferences
which are presented in Part 2 of this papg}.
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Mem. ASME,

meaiere | Transonic Nozzle Guide Vane Heat

Hobart, Tasmania 7001, Australia

e-mail: jane.sargison@utas.edu.au Tra n Sfe r a n d Loss

S. M. Guo
. This paper presents the first experimental measurements on an engine representative
M. L. G. Oldfield nozzle guide vane, of a new film-cooling hole geometogreverginglot-hole or console.
Mem. ASME The patented console geometry is designed to improve the heat transfer and aerodynamic
performance of turbine vane and rotor blade cooling systems. These experiments follow
Department of Engineering Science, the successful validation of the console design in low-speed flat-plate tests described in
University of Oxford, Part 1 of this paper. Stereolithography was used to manufacture a resin model of a
Oxford OX1 3PJ, UK transonic, engine representative nozzle guide vane in which seven rows of previously
tested fan-shaped film-cooling holes were replaced by four rows of consoles. This vane
was mounted in the annular vane ring of the Oxford cold heat transfer tunnel for testing
G. D. Lock at engine Reynolds numbers, Mach numbers and coolant to mainstream momentum flux
Department of Mechanical Engineering, ratios using a heavy gas to simulate the correct coolant to mainstream density ratio. Heat
University of Bath, transfer data were measured using wide-band thermochromic liquid crystals and a modi-
Bath BA2 7AY, UK fied analysis technique. Both surface heat transfer coefficient and the adiabatic cooling
effectiveness were derived from computer-video records of hue changes during the tran-
. sient tunnel run. The cooling performance, quantified by the heat flux at engine tempera-
A. J. Rawlinson ture levels, of the console vane compares favourably with that of the previously tested
Rolls Royce plc, vane with fan-shaped holes. The new console film-cooling hole geometry offers advan-
Derby DE24 8BJ, UK tages to the engine designer due to a superior aerodynamic efficiency over the fan-shaped
hole geometry. These efficiency measurements are demonstrated by results from midspan
traverses of a four-hole pyramid probe downstream of the nozzle guide vane.
[DOI: 10.1115/1.1459736
Introduction A significantly smaller amount of data relates to film-cooling

asurements on three-dimensional surfaces in annular or linear
Scades at engine representative flow conditions. The geometry
€he surface has been shown by Ito et[d], Schwarz and

. - m
This paper presents heat transfer and efficiency measurem
on an engine representative nozzle guide vane in compressi

flow using a new console cooling geometry. It follows a comparg g|gstein (4] and Ko et al[5] to affect the position of the jets

ion Part 1 papef1], which describes the console film-coolinggoynstream of the film-cooling holes, and hence the effectiveness

geometry and presents low-speed flat-plate measurements UgjRg heat transfer coefficient even at low mainstream flow speeds.

the console. ) ) ) Ligrani and Camci[6], present a correction to measurements
Film cooling fulfils an important role in the control of temperamade on a flat plate to allow for the effects of variable property

ture levels and gradients of gas turbine components in envirdfow. The effects of both NGV geometry and compressible flow

ments where the gas temperature is usually above the compongsiditions on film cooling has been investigated by Arts and

melting point and thermal stresses induced by temperature gra@Bburguignon[7], Camci and Arts[8], and Drost et al[9], in

ents can significantly reduce component life. Research into undimear cascades.

standing and optimizing film cooling is fueled by the prospect of

increased specific work capacity from the turbine for higher tur-

bine entry temperature. It is also important that the application gfq50le

film cooling to a hot engine part such as a nozzle guide vane ) . . ) ) .

(NGV), however thermally effective, does not significantly reduce A Néw film-cooling hole shape is presented in this pair of pa-

the aerodynamic efficiency of the engine part. Defj@jrsuggests PE'S: which provides Iatergl sp_readlng_of the co_olgnt, with heat

that, despite an estimated increase in turbine entry temperaturd'8psfer ¢ nt a ;

100 K per 1% coolant mass flow, a reduction of approximately 14£oMetry, and significantly lower aerodynamic loss than the fan-

in turbine efficiency per 1% coolant flow can have a large effe aped hole geometry. The converging slot-hole, or console .f'lm'

on the overall cycle efficiency. This reduction is a viscous effe 0'"19 ?Oklf geometry(ﬁatﬁnt applle% forhas been descfrltr)led mf

due to irreversible mixing of the coolant and mainstream flows) 2"t L ©f this paper, which presented measurements of the perfor-
A considerable amount of research has been conducted at Ig"Ce of the hole in a flat plate in a low-speed wind tunnel. As

speed over a flat plate, to compare the effect of different arranq%‘-\bwn in Fig. 1, the hole is nominally cylindrical at inlet, and the

. . . Cross-sectional shape changes through the hole to form a slot at
ments of discrete holes, flared holes, and slots, and a dlscusswra&fet Individual hoFI)es in agr]ow of co?]soles are positioned such
this work is presented in Part 1 of this paper. :

that adjacent holes meet just below the surface in order to form a
continuous slot at outlet. The cross-sectional area of the console

Contributed by the International Gas Turbine Institute and presented at the '”‘Fé‘duces from inlet to outlet and the resultant acceleration reduces
national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loui-

siana, June 4—7, 2001. Manuscript received by the IGTI, October 23, 2000. Pa§§5es in the hole, particularly compared with diffusing, fan-
No. 2001-GT-127. Review Chair: R. A. Natole. shaped holes.
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Fig. 1 Basic console configuration

The advantage of joining the hole exits is that the ejected codl9- 3 i I;hotog;;aph %f pr.OtOtyFr’]e NGV Se"t'of”’ manulfacturelc_i by
ant film is continuous in the spanwise directi¢in contrast to f]gelgeso ithography, showing three rows of console cooling
cylindrical hole$, and the film therefore benefits from the Coanda
effect[10] and will not lift off from the blade surface at typical
blowing rates. Evidence of this effect was recorded in the low-
speed experiments documented in Part 1 of this p&perThe on an NGV in an annular cascade at engine representative flow

triangular pedestals of material between the h¢fég. 1), main- conditions(correct Mach and Reynolds numbgrs
; p e
tain at least 25% of the cross-sectional area through the plane Ofixperimental Facility. The experimental results presented in

the holes, compared with 52% for a typical fan-shaped hole ﬁlrﬂiis paper were measured in the Oxford University cold heat
cooling design. This maintains a structural integrity that cannot k?ea

. " . . ransfer tunne{CHTT), which is a blowdown facility with a main
achieved by a traditional straight or shaped slot. Further invesgi - . " argwbienPtemperature. The test sectig; of the tunnel is
gation is required to show that the required mechanical strengtha annular cascade of 36 NGVs at 1.4 times larger than the engine

the blade is maintained to design requirements. The consoIeS(L'sale and is described in detail by Martinez-Botas efidll. The

generated completely by straight lines as shown in Fig. 2. T’B@st duration is typically 3—5 s, and it is possible to independently

ﬁ:lolréi_(t;i Cchoan rﬁglaﬁ g: It;es;p.? Chig]aﬁdrouvslsngf ?:\gi:ls%tl)zlaes ‘ijr:”gnt%;gg ary Reynolds and Mach numbers between experiments. The inlet
arg shown in Fid. 3. The o)r/ireintation of the holes in Fig. 2 iturbulence intensity is 13% with an integral length scale of 21
9 2. 9 < Bm. This is representative of the exit levels of turbulence in the

similar to that of the holes on the bottom LHS of Fig. 3. ﬁngine[12]. The experiments presented in this paper were all

The purpose of this second part of the experimental study of t . . o -
console is to measure its thermal and aerodynamic performaliéé]?;#gtseedm?d?qu'_gﬁlgis'gn conditions and the main parameters

As illustrated in Fig. 4, coolant is fed to the 36 NGVs through
calibrated metering orifices. There are three cassettes of five
vanes, which can be removed from the tunnel, and the vanes in
these cassettes can be interchanged to perform different experi-
ments. Two of these cassettes were used for the current set of
experiments, namely the heat transfer and aerodynamic cassettes.
The test NGVs used in the cassettes usually have the full cooling
configuration typical of engine NGVs consisting of approximately
350 holes arranged in 14 rows or seven rows of holes and four

7
0505
&34/,
5875 ?!n/fﬁ’

Table 1 Comparison of tunnel and engine conditions

MEASUREMENT OF THERMAL PERFORMANCE

Parameter Engine Tunnel
Inlet Total Pressure 32 bar 2 bar
Coolant/Main Stream Pressure Ratio 1.02 1.02
Coolant/ Main Stream Density Ratio ~1.8 1.77
Turbine Inlet Temperature 1750- 290K
1800 K
o Exit Reynolds Number 2.02x10° | 2.02x10°
Exit Mach Number 0.96 0.96
Fig. 2 Uni Graphics surface definition of two console film- Mass Flow Rate 120kg/s | 38kg/s |
cooling holes e Based on axial chord and downstream flow conditions
462 | Vol. 124, JULY 2002 Transactions of the ASME
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prShe enough for manufacture and to try to reduce the number of rows
o bypass . of film-cooling hoIe;. On the suction surface, a larger area console
regulaor__J & high pressure C14 replaced a single fanned row F14. Unfortunately, due to
from manufacturing tolerances and the differences between the dis-
D compressors charge coefficientCy, for the fan-shaped holes and consoles,
which could not be measured exactly until a blade was made and
measured in the CHTT, the comparison between the fanned NGV
Bhderow g cjector and console NGV is indicative, but not exact. The mass flow rates
i vanes from different film-cooling hole rows were measured and the heat
e exhaustto transfer and loss results presented are discussed with regard to the
L choke aumosphere measured mass flow rates.
To model the engine situation where the coolant is at a lower
y __on _ Insulated KEY : temperature, and hence more dense than the mainstream air, a
AN Y Neg, | ok Hot Box D gate valve heavy, foreign gas was used to simulate the density ratio as dem-
ol high pressure @ ball valve onstrated by Teekaram et &lL4]. A mixture of Sk (30.2% by
dummy blade (eim_era?rair + calibrated weight and Ar(69.8% by weightwas used. The ratio of specific
forcigng25) | orifice plate heats of the mixture is the same as aj<(1.4), but the density is
1.77 times that of air. With the density ratio correct, the momen-
Fig. 4 Schematic diagram of the CHTT tum flux ratio and mass flux ratio are matched to engine condi-

tions, provided that the total pressure ratio of coolant to main-
stream is correct. The test NGVs in any experiment are fed from

rows of consoles. The NGV with rows of consoles is referred to flree gas bottles containing foreign gas and the remaining dummy

the console NGV, and the NGV with rows of fan-shaped holes Vs are fed with air from the main reservor.
referred to as the fanned NGV. The console NGV in position in 1N€ heat transfer cassette, used to perform the heat transfer
the CHTT during a test is shown in Figs. 12 and 13 and a sch@Xperiments presented, contains one stereolithography resin NGV
matic diagram of the fanned NGV is shown in Fig. 5. The remaitwith the full console coolant configuration, flanked by two Per-
der of the NGVs have a simplified, or “dummy,” cooling geom-spex nozzle guide vanes with full fanned coolant configuration
etry consisting of approximately 80 holes arranged in four rowgnd two guard vanes with the simplified coolant geometry. These
which maintain the periodicity of flow around the annulus withouGVs can be preheated before the experiment by isolating the
the complexity of the full geometry. ) four passages of the annulus with shutters operated by pneumatic
In order to maintain as nearly as possible the same mass flgWins The shutters are rapidly retracted once the tunnel has
trﬁtt'—,\etk?rfo(;c:oe:?:; BZ: 32:;[ vv\\/lilgttlz]’offoéaigﬁ I\%ng(iggit(r:;r\:vs:sle dgls(izg;/ ched a steady operating condition. The operation of the heat
to be matched. The console NGV, complete with all the filrrr}ja sfer cassette is described more fully by Guo efi].

cooling holes and consoles such as shown in Fig. 3, was manuExperimental Technique. Thermochromic liquid crystals
factured from resin using stereolithograpt§pringer[13]), be- (TLC) were used on the test NGV to measure heat transfer. The
cause it was not possible to machine the consoles from acrylicagplication of TLCs to heat transfer measurement has been previ-
was used for the fanned NGV. A row of consoles of equal area twsly documented by Ireland et &L.6] and the response time of
a single row of fan-shaped holes could not be produced with tAi&C has been measured by Ireland and Jdri&3 to be of the
required accuracy using stereolithography and the was concerder of 3 ms. In this application, wide-band TLC, which display
that they could not be machined in the engine. Because of this, #neolor play over a temperature range of 20°C, were sprayed onto
consoles in rows C1/2, C3/4 and C12/13 were designed such ttie¢ NGV surface over a thin coating of black paint, which en-
each row of consoles replaced two rows of fan-shaped filmanced the contrast of the liquid crystal display.
cooling holes to ensure that the slot height at exit was large The experimental technique used for the measurement of heat
transfer in the CHTT has been described in detail by Sargison
et al.[18]. Three miniature CCD cameras positioned in the tunnel
recorded the liquid crystal color play and the cameras were ar-

c12/13 ranged to minimize the aerodynamic disturbance in the tunnel,

particularly near the test NGV. The images were recorded at 25

F11 F12F13 frame_s/s _dirc_ectly to a PC using a frame grabk_)er card: Lighting was
supplied inside the tunnel by two 50-W miniature dichroic halo-

gen lamps.
The recorded raw images were stored using the Y({lihi-
nance and 2 chrominancmodel(Gonzalez and Wood4.9]) and
the color history at a single pixel was converted to hue using
(P

Hue=tan™

@

wherea and b are the magnitudes of the chrominance compo-
nents,U andV, respectively.

An in-situ calibration of the liquid crystals was required in or-
der to ensure that the effects of lighting and viewing angles were
correctly compensated for in the experiment. The NGV was
heated to a temperature above the liquid crystal color play range
and allowed to cool in still air. The temperature at a number of
points on the surface was recorded using thin film thermocouples

Fig. 5 Fanned NGV film-cooling hole configuration showing attached to the NGV surface and hence a calibration curve of
replacement of fan-shaped cooling hole rows with console temperature versus hue, such as is shown in Fig. 6, could be
rows constructed for each pixel in view.
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Fig. 8 Thermocouple temperature trace with ramp and step

Fig. 6 Surface temperature versus hue for a pixel curve fits applied

For each experiment, both the coolant supply and vane passaggse temperatures and the level of mixing of the flow. The de-
were heated to the same initial temperature, above the TLC cofggndence on temperature is removed by defining an adiabatic ef-
play temperature range. Note that, unlike the engine case, faetivenesgJoneq20,21)
mainstream is colder than the coolant. The coolant supply was
kept at the same temperature as the vane initial temperature in  Taw T,
order to prevent heat transfer between the coolant and the vane = Toc— Tom ®)
during the experiment. Typical NGV wall, cavity and mainstream ] ) ) )
temperature histories are presented in Fig. 7. When the tunnel is'he mainstream recovery temperature in defined using the re-
fired the mainstream total temperature has two initial peaks as§every factorr =Pr'3, suggested by Kays and Crawfdr2p]
ciated with compression heating of the gas upstream of the test

section. The shutters shielding the hot test vane are opened once 1+r j M2

the tunnel has reached steady operating conditions and during the 2

run time the surface temperature is seen to drop rapidly, while the Tr=Tom 1 4)
mainstream and coolant temperatures vary by less than 1°C. 1+ TMz

During the first 0.25 s of the experiment, the color response
cannot be measured because the shutters are opening and the camhe heat transfer coefficient and adiabatic effectiveness can be
era iris takes a short time to adjust to the resultant change dbtained from the surface temperature history by comparing an
lighting. Hence, part of the surface temperature history is not ranalytical solution to the measured transient response of surface
corded. A typical surface temperature history measured using Tl&mperature to a change in fluid temperature. For uniform, semi-
is presented in Fig. 11. infinite, flat-plate boundary conditions, the instantaneous heat flux
can be expressed as an analytical function of the transient surface
[gmperature. The first method used was a comparison with the
Solution presented by Schultz and Jof23] for the production of
thermal transient by a step change in fluid temperature

Analytical Technique. The heat transfer coefficiert, is de-
fined as the constant of proportionality between the local heat fl
g and the difference between the wall temperatiijeand the
unknown convection driving temperature of the gas or adiabafic
wall temperatureT,,, at that point(Joned20,21))

TW_Ti _ B2 f h . h\/f
a=h(T,~Tay) @) TaT, L erap) where p=—mm ()

The adiabatic wall temperature is between the coolant tempeﬁlére

ture T,., and the mainstream temperatdfg,, and depends on Jpck is the thermal product of substrate density, specific

heat and thermal conductivity, erfc is the complementary error
function, andt is the time.
Using the calibration, the wide-band TLC data can be converted

70 i to a wall surface temperature histofly,(t) with known initial
Fire Coolant Run Time surface temperatur€;. Hence, using regression analysis the two
60 L N Coolant Temperature unknownsh and T, in Eq. (5) are solved. If the coolant main-
5 50 Eront and Reg, Cavity stream and recovery temperatures are known,(&gthen yields
¢ W the effectiveness.
2 0 It was found that the step model was not an accurate model of
g Surfage-Temperatyre the facility as it yieldedh results significantly higher than those
g 30 measured using thin film gag24]. The difference between the
2 results was due to the lack of data critical to the curve fit at the
20 - beginning of the temperature trace, due to the shutters obscuring
. Free Stream Temperature . ! . .
. Fire Tunnel s the camera view as they opened and the limited active range of the
i \/\ wide band liquid crystals.
0 b N e As described if 18], comparison of the full wall temperature
0.0 20 40 6.0 8.0 100 120 history recorded at surface thermocouples with a step change
Time (seconds) curve flt_demopstrated that the step c_han_ge solution required
modification to incorporate a ramp solution in order for the sur-
Fig. 7 CHTT experimental temperature histories face temperature to be accurately moddf€ig. 8).
464 | Vol. 124, JULY 2002 Transactions of the ASME
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Fig. 9 Heat flux trace obtained from surface thermocouple

Fig. 11 Comparison of data fits

Having identified that a modified solution was required, it Waﬁ?. temperature history is well modeled WO ram f tim
necessary to determine the shape of the adiabatic wall temperat f5 lemperature nistory 1s well modeied as two ramps o e
stantt; and t,, an initial overshoot of magnituda(T,,

distribution to be used for the modified curve-fitting routine. Th&ON :

thermocouple temperature trace was transformed to a surface he !')’ and a horizontal segment. . .
flux trace using the impulse response metkdGO to be pub- reland and Jonei27] have solved the one-dimensional con-
lished based on the governing equations for heat transfer fromdéfCtlon equation W'th a semi-infinite boundary condition for a
semi-infinite surfacéDoorly and Oldfield[25], Ainsworth et al. 2MP change in adiabatic wall temperature

[26]). The impulse response method uses deconvolution to derive t 1 2\/{ ed’t erfo(a\/f)

filter impulse responses of the same length as the data being pro- Tu(t)= ma[— + - - 3 (6)
cessed. Figure 9 shows a typical heat flux distribution obtained a a a?|m a

from thermocouple data using this technique. This figure indicat%ere a=h/pck and m is the slope of the rampT,,, versus
that the NGV surface does not experience a true step-changg;ife v aw

fluid temperature, due to the starting thermal transient. From the-me assumed adiabatic wall temperature distribution is

plot of heat flux with surface temperature,is the slope of the

steady region, and ,,, is the intercept at zero heat flux. In this Taw— Ti=met+my(t—tu(t—ty) +my(t—tr)u(t—t,) (7)
way the steady state values bfand T, at the thermocouple | v .o\t) is the unit step functiont- andt, are the ramp time
location could be obtained and these could be used in combinat stan(ts) and. m ané)m are t?\té slopez of the three gections
with the heat fluxg, to determine the variation in adiabatic wall ¢ e temperallt’urez 'distribution ling= — (m, +m,), then the

temperature in the initial unsteady part of the experiment. tthird segment is horizontal as required in this case.

The governing equation; for heat transfer are Iinear in adiaba} '®The theoretical wall temperature response to the change in adia-
wall temperature, but not in heat transfer coefficient, so as a flﬁé
|

; . . tic wall temperature was produced by summing the wall tem-
attempt to improve the analytical model of the transient proces;J b P y 9

was assumed th&itwas constant, and the adiabatic wall temperag; rature due to each ramp displaced by the time constant of the
ture varied during the experiment. amp.t, ort,

The adiabatic wall temperature in the nonsteady segment of the
experiment may be determined using E2). where the heat flux TW(t)=Z Tun(t=tp)u(t—t,) (8)
and surface temperature are known dnds assumed constant.
This assumption is reasonable since the latter is primarily deter- . ) .
mined by the fluid mechanics rather than the thermal boundgf@td, then regression can again be applied to the surface tempera-
conditions. The adiabatic wall temperatugibtracted from the (Ure history in order to solve for the unknowf,,, h and the

initial temperature obtained by this method is shown in Fig. 10initial overshoot). _ _—
P k y g The two curve fits to the TLC data points are compared in Fig.

11, with the ramp change providing a lower value of heat transfer
coefficient and a better fit to the data points, particularly in the

If the time constantg, are known(from local thermocouple

0 r ” T early region of the curve. The ramp fit is also a more accurate fit
: to thermocouple data as demonstrated in Fig. 8. The value of heat
101 - ] transfer coefficient is closer to the level measured by [28]
T — Raw Data using thin film gages and there is little differenceTig, between
nsteas i i
S 20 [aos reg?on | -~ Ramp Data fit the two analysis techniques.
e i | : " Experimental Results. The total mass flow rates from the
30 P console and fanned NGVs with full film cooling were equal
'§ i ‘,m-;ﬁvv“-" Y \j"vv““' v ‘Mw within the measurement uncertainty, although the distribution be-
RS 40 gzww B tween the cooling hole rows was different as summarized in Table
Steady flow 2. The coolant from each film-cooling row was measured at static
-50 [V region conditions rather than in the CHTT, by matching the correct ratio
, l of coolant total pressure to static pressure for each row as values
60 5 & °~’5t2 1 115 2 25 of Cp with external flow(Rowbury et al[29]) were not available
Time (s) for the console blade.
The h and 7 results for fanned and cylindrical hole NGVs pre-
Fig. 10 Adiabatic wall temperature distribution sented in the comparative plots were taken fi@&]. The differ-
Journal of Turbomachinery JULY 2002, Vol. 124 / 465
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Table 2 Coolant distribution by row tiveness. The coolant film on the suction surface, from row 14
(Fig. 13 is not as uniform as the pressure surface, and the peaks

H(?le Row Percentage of total of temperature, which equate to high effectiveness, are located
(Figure 5) coolant flow behind the point where two adjacent holes in the row of consoles
Console | Fanned join. This effect was also seen in the low speed testing of the
1/2 10.8 14 console(Part 1, and is possibly due to the interaction of vortices
3/4 71 7.6 between two consoles.
511 339 475 The experimental results presented in the following figures are
- . corrected to engine conditions following the technique presented
12/13 134 20.6 by Joneq21] and used by Guo et dl15]. The use of foreign gas
14 14.8 10.2 in the experiments allows the correct density ratio to be produced
Total Suction Surface 28.2 30.8 in the experiment; however, the correction is required to correctly
Total Pressure Surface | 17.9 216 it vl Coprant At e, € Mo temperature main-
T iri ine.
Total Leading Edge 53.9 47.5 The ratio of Nusselt number for the experimental and engine

cases that are at the same Reynolds number, coolant to freestream
density and velocity ratios 1]

ences in the coolant flows reflect the different techniques used to Cpu k
manufacture the blades. The fanned blade was machined from 1+|Pr——o _m} f,
either acrylic or aluminum, with drilled holes. The console blade Nus [ Cpn Cpm kul,
was manufactured using stereolithography from resin and the N_ux: C_pw Ko ©
holes were created at the same time. The slight difference in area 1+ mek—} f,
W

andCp gave mass flows different from the design values.
Figures 12 and 13 are examples of the raw digital images re-rig equation and the method of deriving the functibnis

corded dejlring the experi;ner@ts. Thi COO“”%ﬁlmffrom the goﬂso#ﬁrther discussed if21], and this equation has been converted to
rows on the pressure surfadég. 2.12) as good uniformity and the  va4ig of heat transfer coefficients for the CHTT conditions by
dark TLC color near the slot exit represents high adiabatic effeg; 4 et al[24]

e

Cpw k
1+o.924<ciwk—"‘)
E:ﬁ&(_c;pm) Pm ol (10)
M Xekel CPul, 1+o.924<ﬁ)
ka/,

Hereh,, andh, the heat transfer coefficients, andk, the gas
conductivities,Cp, andCp, the gas specific heats at engine and
CHTT conditions, respectively. The subscnptefers to the wall
value, at which the gas is a mixture of coolant and mainstream.
The conductivity and specific heat are calculated with specific
accuracy by the relative mole fraction of concentration evaluated
at the wall temperature

K=Kmn(1— ¥moie) + Kct¥mole (11)
where the concentration by mass is defined

7CPm
Fig. 12 Console NGV pressure surface with two rows of con- ‘ﬂmass:(l_ 7)Cp.+ nCp
sole film-cooling holes ¢ m

and the mole fraction of coolant concentration is defined

Casing o - - v . Vo= Ymass

M.’
lpmass‘" (l_ ‘//masg M
m

The correction for adiabatic effectiveness is based on the as-
sumption that the concentration of coolant in the mainstream flow
is identical for the experimental and engine conditions. The
engine-level effectiveness can be writ{e1,24]

x
= 12
7]X 7]X c pm . C pc .

where the gas specific heats are evaluated at local recovery tem-
peratures. The effect of this correction is shown in Fig. 14. These
corrections were applied to the following results.

The net heat flux reduction parameter defined by Sen ¢BGi.
has been used to quantify the combined effect of heat transfer
coefficient and adiabatic effectiveness by comparing the heat flux
Fig. 13 Console NGV suction surface with and without film cooling. However, in the case reported here,
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Fig. 14 Film-cooling effectiveness for air at engine conditions Dimensionless surface distance from leading edge
versus foreign gas at ambient conditions [21] (Suction Surface)

Fig. 15 Adiabatic effectiveness at engine conditions, suction
surface

the presence of film cooling around the leading edge of the vane

creates an earlier transition than that which would occur, on a

vane with no film cooling. Thus, the comparison above is no ) ) ) ) )

longer useful due to the differences in the boundary layer state ThC color play range. In this region the analysis technique is less

each case. reliable, and consequently the data in this region has not been
Consequently, in the current work, the different film-coolingncluded.

geometries are compared by use of the predicted total heat fluxience, on the suction surface the console performs better than
under engine conditions for each case both the fanned and cylindrical rows for the majority of the sur-

face. Note that a total of 28.2 and 30.8% of the coolant mass flow

a=h(Ty—Taw) =h(Ty=T)(1-76) (13)

where the nondimensional temperatur@= (To.— Tom)/(Tw

-T). T g
For typical engine conditions af,.=880 K, T,,= 1200 K, and 6000 o

Tom=1900 K, the value of the dimensionless temperataresed }" 3

was #=1.46 in low Mach number regions and higher in higte 5000 o

Mach number regions whef® < T, o
The console results presented were analyzed using the te ._%

nique presented in this paper. In some areas, the curve-fitting te gi

nique did not converge, and the data collected in these areas \ 3

not considered reliable, and consequently was not included. I¢;F _F e Console |1 2000 E

ally, these experiments should be repeated using the thin film ge; Cy | Cy F + Fan H

method developed by Guo et §24], to obtain an alternative set : ¢ O Cylindrical L 1000 2

of results to complement these existing measurements. The reg c CV Cooling hol

on the suction surface between dimensionless distance®df6 i — mgholerow |+ o

and —0.28 is not viewed by any of the cameras, so no data at 0.2 Dimemi—g:iess distancf-ffimm eadi -g-g . -1

is available in this region. The fanned and cylindrical data a (Suction Surface) ng edg

taken from experiments presented by [28], who used double-

sided thin film gages to measure the heat transfer coefficient. riy 15 Heat transfer coefficient at engine conditions, suction
Suction Surface Results. The adiabatic effectiveness resultSUrace

for the suction surface in Fig. 15 show that the console exhibite, B 5 OE+06

higher effectiveness particularly near to the film-cooling hole rov e Console ’

The vertical dashed lines in these figures and those followiti| + Fan 1.8E+06

mark the position of the cylindrical, fan-shaped and console filni-| @  Cindrical 1.6E+06

cooling rows(Cy, F, and C, respectivelyThe fanned film-cooling | {------- Cooling Hole Row _usﬂﬁﬁr 14E+06 &

effectiveness is higher than that for cylindrical holes only near tt : ,d;rﬂ# 1 2E+06§

film-cooling hole row. The heat transfer results in Fig. 16 sho\ F 3 ’ 2

that the console varies from a level similar to the cylindrical resu CC\/ dsﬂL—'“ + 1.0E+06 %

to midway between the fanned and cylindrical results. The he¥-_:

transfer coefficient for the fanned NGV is lower than both th

console and cylindrical results for the entire region shown.
The combined effect of adiabatic effectiveness and heat trans

coefficient on the suction surface is shown in Fig. 17 as predict—
total heat flux from the surface under engine conditions. The ci_

lindrical holes show a significantly higher level of predicted he¢
flux than both the console and fanned holes for the entire regic
The console data show a significant improvement in predict
heat flux in the region from the film-cooling hole to a distance ot

e C 8.0E+05 %
: .t f ®
: : o P @ | BOEH5Q
: éﬁi.ﬁ: F. L‘. L 4.0E+05
FF A 2.0E+05
o oy F 3
, ‘ LA 4 0.0E+00
0.2 -0.4 -0.6 -0.8 -1
Dimensionless distance from leading edge
(Suction Surface)

—0.8. Downstream of-0.8, the amount of temperature data isig. 17 Predicted heat flux at engine conditions, suction sur-
limited because the surface temperature falls rapidly below tfexe
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Fig. 18 Adiabatic effectiveness at engine conditions, pressure

surface

Dimensionless distance from leading edge
(Pressure Surface)

Fig. 20 Predicted heat flux at engine conditions, pressure sur-
face

was supplied to the suction surface through rows C12/13/14 and
F12/13/14 for the console and fan-shaped geometries, respec-

tively; see Table 2.

that if correctly positioned, the console should achieve the same
performance as fanned rows with equal or lower coolant flow

Pressure Surface Results. Figure 18 shows the pressure surrgtes.

face adiabatiC eﬁectiveness and i||us'[l’ates that the film-COOIingThe 95% Confidence interva|s for the heat transfer cc)e'fficientl
effectiveness downstream of a console row is almost equal to thewas estimated using a perturbation analysis of the analytical
level from the fanned row. Regions where the console data faligrve fitting routine to be 13% and the error in adiabatic effec-
below the fanned NGV effectiveness are downstream of a neleness was estimated to be 5%. This was as a result of the
fanned row where there has not been a new console row due toffieowing sources of error: substrate properties, 1%, surface tem-
design decision to replace two rows of fans with a single consolgerature 0.6%, surface initial temperature, 2%, time, 2%, time
The amount of coolant supplied at each console is 60 and 70%@stants 4 and 6%. The effects of experimental noise and loss of
the amount of coolant supplied from each set of two fanned rowtial data points were also added to the estimate.

replaced by consoles, so the total amount of coolant supplied toThe thermal performance of the console has been shown to be
the surface is reduced for the console NGV. The effectiveneggnilar to the performance of the fan-shaped film-cooling configu-

results indicate that with an appropriate design, the film-coolingtion, and the aerodynamic performance described in the forth-
effectiveness distribution on the surface could be made equivalegining will demonstrate the advantages of the console.

to the fanned NGV result.
The heat transfer coefficient results in Fig. 19 mirror the flat- .

plate experimental resultil] in showing that the console hasMeasurement of Aerodynamic Performance
higher heat transfer coefficient than the fanned NGV. The total
predicted heat flux result in Fig. 20 again shows a similar level (8
the fanned NGV downstream of the first console, which becom
significantly higher than the fanned result after the next fann%
row. These results should be considered in light of the reduction

Experimental Apparatus and Technique. The CHTT was

ed for the measurement of aerodynamic loss, with most param-
rs as previously described for the heat transfer experiments,
cept that the aerodynamic cassette was used rather than the heat

coolant flow rate in this area, and the different locations of co
sole rows. The results for the pressure surface certainly indicg

tfansfer cassette. The aerodynamic measurements were all con-
ucted at ambient temperature, using foreign gas as coolant to
fhulate the engine density ratio.

The aerodynamic cassette consists of five NGVs, the first of
which is the test vanéstereolithography resin console NGV or

000" F __ __F L aluminum fanned NGY, beside an aluminum NGV with a full-
_ Cy.c Cy Cy ¢ Cy I fanned cooling configuration and the remaining aluminum NGVs
S 60001 i - N o have simplified cooling geometrfdummy blades The aerody-
§ : .Q—d:FFPJ_ namic cassette is fitted with a traverse mechanism, to which the
< 5000 : ‘ e e o four-hole probe previously calibrated and described by Niain,
8 ; d{-FPJ ° Main et al.[32], and also used by Day et §B3] was attached.
g 4000 : T T . 4 Probe pressures were measured using Kulite XT-190 semicon-
§ 3000 ﬁ_ +‘H+++f o4 ductor pressure transducers and the frequency response of the
k ++*3 : probe is estimatgd to be 300 Hz. The foqr-hole p(obe was tra-
] 2000 ‘ ! | versed at approximately 1 m/s circumferentially at midspan across
B @ Console two vane passages downstream of the cascade. The raw probe data
+ 1000 + Fan was transformed as described by ME®2] and Day et al[33,34
2 0 Cylindrical J: to yield values of total pressure, Mach number, pitch and swirl
0 ‘ , ------- Cooling hole row angle. A correction was applied to remove the effect of the probe
0.1 0.3 0.5 0.7 0.9 velocity on the measurements. This correction is fully described in
Dimensionless distance from leading edge [32]. The data was then used to calculate loss using the method of

(Pressure Surface)

Fig. 19 Heat transfer coefficient at engine conditions, pres-

sure surface

468 / Vol. 124, JULY 2002

Dzung[35].

Analytical Technique. The aerodynamic efficiency of a
NGV can be defined in words as

Transactions of the ASME
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Table 3 Fully mixed out results 1.10 +—

Fanned | Console | Comsole | Console | Fanned Suction Surfac Pressure Surface
1-13 Solid | Solid 1.05 4o Foeme e S
P, (bar) 1.12 1.10 1.10 1.14 1.17 :
Py (bar) [ 2.02 2.02 2.02 1.99 1.98 8§ 1004 2
Swirl (°) | 74.6 73.1 73.6 744 74.6 [3 !
Mach No | 0.96 0.98 0.97 2 095
% m, 6.0 6.1 5.9 5
P, 2.07 2.0 X [}
o1 (bar) 7 2.07 = 0.90 —Fan
—6—Console 1-13
0.85 +--| —e—Console Full Cooling
~ {Actual Kinetic Energ¥miingplane 14 0.80 : ;
©~ [Theoretical Kinetic Energyyaiae (14) -5 0 10

Circumferential An5gle
where the actual kinetic energy at the mixing plane is measured
using the four-hole probe. Fig. 22 Mach number

The loss coefficient has been defined in different ways in the

literature. Dentorj2] defines loss coefficient as
1 the right(back towards the fanned resulindicating that there is
— & (15) @ definite change in wake position caused by console film-cooling
€ flows.
which corresponds téoss in KB/{Actual KE}. The Mach number distributio(Fig. 22 is changed for the con-
The definition of loss coefficient used in the current work folS0/e NGV compared with the fanned NGV, by a shift in the cir-

lows Day et al[33 cumferential angle.
y 331 The swirl angle(Fig. 23 shows the most significant change in

[=1-¢ (16) level between the fanned and the console NGVs. The mixed out
. : : lue of swirl angle for the cooling configurations were 74.6 deg
which corresponds tfloss in KE/{theoretical KE. va -
. : . r the fanned, and 73.1 and 73.6 deg for the console NGV with
Because the flow is not completely mixed at the exit plane, tﬁg_d without row 14, respectively. The difference of 0.5 deg caused

measured kinetic energy varies and is a function of the measurg§ dding the final | indicates that th o
ment location. For this reason, it is usual to relate the nonunifo adding the minal console row Indicates that the console Tiim
st have an effect on the swirl angle.

fl h i i . 3 X L9
ow measured at the measurement plane to a uniform, mixed & he pitch angle(Fig. 24 is less significantly changed by con-

gr?;zyus-ll-ﬂg tphr(ce)ci?jtarlg(s)ncjsegir(i:ggg?r?lga?/fe?igisz’@mvser?:?}sgi alrs]gle film cooling. The largest difference between the fanned NGV

to calculate the efficiency from the downstream traverse data. a_nd the conS:oIe NGV results is a pitch angle close to zero near the
circumferential angle of 5, compared with the fan NGV pitch
Experimental Results. The midspan parameters measuredngle near—1.
using the four-hole probe traverse presented in the following fig- In order to check that the measured changes in wake location
ures indicate that console film cooling on an NGV creates signifind swirl angle were not due to manufacturing differences be-
cant aerodynamic differences compared to the fan-shaped filiween the fanned and console NGVs a further experiment was
cooling geometry. The mixed out or average values of the paramenducted, with all film-cooling holes covered on both NGVs by
eters in these figures are presented in Table 3. a Kapton film bonded with 3M high-bond glue. The mixed out
Figure 21 shows the total pressure downstream of the NGXlues for these solid type experiments are given in the final two
normalized against the total pressure upstream of the cascade. @tlemns of Table 3. The differences in swirl angle averaged over
console NGV shows a wake that is shifted to the left by 1.5 defree experiments was 0.2 deg. This indicates that although there
and has a higher minimum pressure compared with the fanneay be a small shape difference in the two NGVSs, the difference
NGV. In order to investigate whether this change was due to tigenot significant enough to cause the measured 1.5 deg difference
fluid mechanics of console film cooling or to differences in thé swirl angle with film cooling, and this effect must be caused by
manufacture of the NGV, the final row of consoles on the suctidhe fluid mechanics of console film cooling.
surface was close@onsole 1-18 The effect of blocking the final
suction surface row of consoles is to move the wake by 0.5 deg to

Suction Surface Pressure Surface
76 - s (|odmmmmmm e
® 1.02 m-Suction Surface ---Pressure Surface 75 .
2 s : o VTS N\ O A 2
e 100 ””””””””” ”’”"" T "”F‘””””” g’ 74‘ ,,,,,,,,,,,,,,,,, 73 . ,,,,,, . 2 VRN B W A X "‘ ,,,,,,,
o GO ‘ ; < . o
098 - Enalo Lod” AP
e 0.96 | b N
E . - Y 72 1
® 094 | —o—Console 1-13 74 1| —e—Console1-13 | 4
g —e—Console Full Cooling / —e—Console Full Cooling
Z 092 ; : 70 : j
-5 0 5 10 -5 0 5 10
Circumferential Angle Circumferential Angle
Fig. 21 Normalized total pressure Fig. 23 Swirl angle
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S small amount of diffusion generally induces transition to turbulent
Pressure Surface flow. The losses due to turbulent flow are significantly higher than

- laminar flow. Further detailed measurements of the flow in the
hole would be required to demonstrate this.

Suction Surface

o 01 _e_'c:;ir,;so,e 113 ‘ ”””” Thus the NGV tests confirm the low-speed flat plate regalts
.4 | | —®—Console Full Cooling|...__1 in demonstrating that the console film-cooling holes are signifi-
< ‘ cantly more aerodynamically efficient than the fan-shaped holes
fg-z . for a similar cooling performance. They are particularly suitable
Q.

for use in high Mach number regions.

]
w
L

Conclusions
A new film-cooling hole shape, the converging slot-hole, or

A

5 v ; console has been presented in this two-part paper. The perfor-
5 0 5 10 Mance of the console film-cooling hole at engine representative
Circumferential Angle conditions in a model of an engine NGV has been tested and
presented. The results have been compared with previously tested

Fig. 24 Pitch angle fan-shaped film-cooling geometries.

In order to correctly measure the heat transfer coefficient in the
transient wide band liquid crystal experiment, the previously pub-
Figure 25 shows the final calculated values of aerodynamic logshed step response technique was modified to more accurately
for the console and fanned film-cooling configurations. The resulisodel the ramp change response of the tunnel.
are normalized against the value of aerodynamic loss for no filmThe heat transfer measurements reveal that the console signifi-
cooling of 4.26%33]. cantly reduces the heat flux to the suction surface of the NGV at
The increase in loss due to film cooling for the console NG¥ngine conditions, when compared to the fan-shaped geometry.
with full cooling is only 20% of that for the full-fanned cooling. The console accomplishes this despite using less coolant than the
For the console NGV with rows 1-13 blowing, the loss is reduceg@n-shaped rows on the suction surface. Measurements on the
compared with the loss for a NGV with no film cooling. It wouldpressure surface illustrate similar levels of heat flux between the
seem that the film cooling has altered the point of transition arénsole and fan-shaped geometry downstream of the first console,
state of the boundary layer over the vane. but further downstream the heat flux to the console NGV is shown
Loss data is also shown for the case where rows 1-2 and 7-td%e higher. This result should be interpreted with the knowledge
are blocked with tape, and film cooling only emerges from thgat the mass flow of coolant supplied to each console was 60 and
leading edge regiorfrows 3—§. Here the loss is significantly 709 of the amount of coolant supplied to each set of two fan-
reduced, compared with the case of no film cooling, again due ¢aaped rows replaced by the consoles. The results for the pressure
the influence of film cooling in the boundary layer over the vangurface certainly indicate that if correctly positioned by the engine
as discussed by Day et #B3]. This data also illustrates that thedesigner (in light of these measuremeitshe console should
aerodynamic loss is mainly generated where the coolant emergggieve the same thermal performance as the fan-shaped holes
into regions of high Mach numbé0.95 at row 14 as expected. with equal or lower coolant flow rates. Note that both the console
Note that Fig. 25 shows that console row C14 has much less legsd fan-shaped geometries demonstrated a superior thermal per-
penalty than the equivalent fan-shaped row F14 in spite of havifgrmance when compared with the cylindrical cooling geometry.
45% more mass flowTable 2. The most significant advantage of the console was demon-
The 95% confidence level of the absolute uncertainty in tharated in the aerodynamic experiments. As described in the fore-
final values of normalized loss presented in Fig. 25 was preyjoing, the console demonstrates similar cooling performance to
ously calculated by Day et al34] to be +0.06. Note that this the fan-shaped holes; however, the increase in aerodynamic loss
figure represents the uncertainty in points of loss, not as a fractigie to film cooling for the full console configuration was only
of the normalized loss. This means that the difference between @ of the increase for the full-fan film cooling. When the final
two console results is within the range of the uncertainty, but thgiction surface row of console is covered, the aerodynamic loss
difference between the console and the fan results is clearly olg-reduced compared with the loss due to a NGV with no film
side of the range of uncertainty. cooling.
The main reason for the superior performance of the consoleThus, the console film-cooling hole geometry offers an im-
would appear to be that the flow through the film-cooling hole igroved cooling performance to the engine designer.
accelerating. It has been widely establisked)., Schlichtind10])
that for accelerated flows, the boundary layer generally remaiA%knowIedgments

laminar or turbulent boundary layers relaminarize, while even aThis work is supported by Rolls-Royce plc, DERA, DTI

CARAD and MOD ARP26c.

Nomenclature

¢, Cp = specific heat capaciticonstant pressuye
1.03 Leading Edge Cp = discharge coefficient
=5 AR only k = thermal conductivity

L el 'F il ok ' h = heat transfer coefficienh=q/(T,,— Taw)

cacﬁn;ml Conecle = " | = momentum flux ratie: p.v2/ pmv?,

09 KE = kinetic energy
0.86 m = slope _
08 M = molecular weight
P = pressure
07 Pr = Prandtl no., P& uc/k
g = heat transfer rate
Fig. 25 Comparison of aerodynamic loss for four cooling con- t = time
figurations, normalized by loss without film cooling T = temperature
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= flow velocity
pitch angle(tip to hub anglg
swirl angle(vane to vane angle
aerodynamic efficiency
film-cooling effectivenessy= (T w—T,) /(Toc
_TOm)
overshoot factor
= density
= dimensionless temperatufe= (Toc— Tom)/(Tw
_Tr)
Umass Umole = Mass fraction and mole fraction
= aerodynamic loss coefficiegt=1—¢

TT X I O WK ¥
Il

Subscripts

2 = mixed out value
2A = measured value
aw = adiabatic wall

Cc = coolant

e = engine conditions
i = initial condition
m = gas, mainstream

nfc = without film cooling

0 = total or stagnation conditions
r = recovery

w = wall, surface

X = experimental conditions

Abbreviations

NGV = nozzle guide vane
CHTT = cold heat transfer tunnel
console = converging slot hole

TLC = thermochromic liquid crystals
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Perspectives in Modeling Film
Cooling of Turbine Blades

by Transcending Conventional
Two-Equation Turbulence Models

The paper presents recent trends in modeling jets in crossflow with relevance to film
University of Oran, USTO cooling of turb_ine ble_ldes. The aim is to compare two classes of turbulence models with

Oran 310001Algerie; respect to their predictive performgnce in reproduglng rjearl-walll flow physics and hegt.

' transfer. The study focuses on anisotropic eddy-viscosity/diffusivity models and explicit

D. Lakehal1 algebraic stress modt_els, up to c_ubic f_ragments of strain and vorticity tensors. The first
class of models are direct numerical simulation (DNS) based two-layer approaches tran-
scending the conventional-ke model by means of a nonisotropic representation of the
turbulent transport coefficients; this is employed in connection with a near-wall one-
equation model resolving the semi-viscous sublayer. The aspects of this new strategy are
based on known channel-flow and boundary layer DNS statistics. The other class of
models are quadratic and cubic explicit algebraic stress formulations rigorously derived
from second-moment closures. The stress-strain relations are solved in the context of a
two-layer strategy resolving the near-wall region by means of a nonlinear one-equation
model; the outer core flow is treated by use of the two-equation model. The models are
tested for the film cooling of a flat plate by a row of streamwise injected jets. Comparison
of the calculated and measured wall-temperature distributions shows that only the aniso-
tropic eddy-viscosity/diffusivity model can correctly predict the spanwise spreading of the
temperature field and reduce the strength of the secondary vortices. The wall-cooling
effectiveness was found to essentially depend on these two particular flow features.
The non-linear algebraic stress models were of a mixed quality in film-cooling
calculations.[DOI: 10.1115/1.1485294

A. Azzi

Faculty of Mechanical Engineering,

e-mail: lakehal@iet.mavt.ethz.ch

Institute of Energy Technology,

Swiss Federal Institute of Technology Zurich,
ETH-Zentrum/CLT,

CH-8092, Zurich, Switzerland

Introduction drawn from past experience, including the work of Hoda and

Film cooling is probably the most efficient blade-coolinﬂCharya[A']‘ can be formulated as follows: eddy-viscosity models

mechanism employed in gas-turbine technology. This technig ith wall functions are not adequate for film-cooling calculations,

in which the injected cooling air acts as a buffer between the h%fld the.y_ are (_aspemally unsuited for_ predicting near-wall h_eat
gas and the blade, was found to offer an excellent Compromggnsfer, in particular the lateral spreading of the temperature field
between the proteétion of end-walls and aerodynamic efficiend _sys_t.ematlcally ur)derp.redlcted. Employed under Iow-Re number
Since the cooling performance can be influenced by a variety qndmonls,t_edd%/k;wscosollty r;:_odhell_j were Jound tg_t_prowdbe tbettert
parameters, i.e., the blade and discharge geometry, injection an hrescf) ql lon than uln er d'lg M N nulin efr (r:]on_ ||on§, hu mos
blowing ratio, freestream turbulence, reliable prediction method% them fail to correctly predict the wake of the jet and the asso-
can be of great interest for turbine designers. clated mixing. Also, a number of researchers point out that the
Turbulence models employed in film cooling calculations ifpear-wall boundary pondltlons spe_cmed forare more accurate
general do not go beyond the isotropic two-equation type; s those fors, which may constitute an advantage for the
Lakehal et al[1] for a review. However, recent contributiof@ @ Model when used for the prediction of near-wall heat transfer
report on calculations with selected Reynolds stress models, Bu@eneral. _ o
their results revealed that this approach is not systematically betterUrbulence in film-cooling flows—more generally in jets in
than traditional eddy-viscosity models. Garg and Ani@ji re- crossflow—is considerably anisotropic, in particular in the region
ported on film-cooling calculations where they compared tHIrrounding the jet exit and very close to the wall, underneath the
Baldwin-Lomax model with different eddy-viscosity modelsSecondary vortices. This is the reason why anisotropic eddy dif-
(EVMs). There too, no clear picture emerged from the calculdusivity models have been attractive to a number of researchers,
tions indicating which of the employed models is superior. Hod&cluding Lakehal et al[5], Theodoridis et al[6], and Lakehal
and Acharyd4] conducted a similar study where various closuregt al.[1]. In thls altgrnatlve route the bgsw concepts of Ighes
for turbulent stresses were applied for the prediction of coolant jetodel are maintained while introducing an anisotropic eddy-
in crossflow. The models employed ranged from high and low-Réscosity/diffusivity correction for secondary turbulent stresses.
numberk—e andk— models to nonlinear eddy viscosity vari-Although the method was seen to lead to an improvement, a fur-
ants. Their contribution led to the conclusion that this type dher extension was found to be necessary in order to apply the
closure needs further improvements. The main conclusion to B@del to near-wall regions. In their first attempt to resolve the
near-wall region of flow over a symmetrical blade by low-Re
Formerly at the Institute for Hydromechanics, University of Karlsruhe, Germany- € models, Theodoridis et al6] and Lakehal et al[1] were
Contributed by the International Gas Turbine Institute and presented at the Intmited by the need for high resolution near the walls. For this

national Mechanical Engineering Congress & Exposition, New York, NY, Novemb B _ 5Bk
11-16, 2001, of HE AMERICAN SOCIETY OF MECHANICAL ENGINEERS Manu- Feason they adopted the dynamic, zonal, two-layer mo )

script received by the IGTI, September 2001; revised manuscript received April ﬁf Rodi [7],.and their FE§U|IS in.deed mef[ With some sucdégs
2002. Associate Editor: R. S. Bunker. The extension of the anisotropic eddy-viscosity model to low-Re

472 | Vol. 124, JULY 2002 Copyright © 2002 by ASME Transactions of the ASME

Downloaded 01 Jun 2010 to 171.66.16.35. Redistribution subject to ASME license or copyright; see http://www.asme.org/terms/Terms_Use.cfm



flow regions was based on direct numerical simulatibNS) data . - T T
of channel and boundary layer floW$]. This practice was suc- Uin' =2/35;k—2T';S; ; uj’ -1 (1)
cessfully applied to real blade prototypes by Lakehal €tldland Pr ox;
Theodoridis et al[6]; the latter contribution revealed the impor-
tance of promoting the turbulent cross fluxes in regions where t

rate of turbulence anisotropy is significant, i.e., over the press . ; . .
side of the blades. e turbulent transport coefficielt, is conventionally made iso-

The present paper presents the latest developments in the tég)‘-)'c and proportional to the square of a velocity scafé~k)
proach reported by Lakehal et fL]. Briefly, unlike in the earlier and a time scale~k/¢), characterizing the local state of turbu-
proposal of Bergeles et 48] in which the attempt to promote the '€Nce
lateral eddy diffusivity was based on the experimental pipe-flow j=1=C K2/ e @)
data of Quarmby and Quirk9] and restricted to the outer core ®
flow, the present model infers information on the rate of turbun this expressiory, is known as the isotropic eddy viscosigy,
lence anisotropy from DNS data and thereby covers the entiigpresents the rate of dissipationkofandC,, stands for a model
viscosity-affected layer. Moreover, unlike ii], the proposed constant. The distributions df and & are determined from the
one-equation model adopts its length and velocity scales froranventional model transport equations, and standard values can
known DNS data, too. Finally, the original anisotropy distributiofe assigned to the model constants. In this flow region the turbu-
of Bergeles[8] is replaced by an average value of 4.25 in théent Prandtl numbeiPr, is usually fixed. In the one-equation
outercore-flow regions. In a second step, the paper introduceg1@del, the eddy viscosity is made proportional to a velocity scale
new zonal modelling strategy combining the explicit algebrai¥’ determined by solving thé&-equation, and a length scate,
stress modelSEASMSs) in the outer core flow and the DNS-baseddrescribed algebraically. The dissipation ratés related to the
one-equation model resolving the near-wall region, also employgdme velocity scalé’ and a dissipation length scafg, , also
in a nonlinear form. The test case studied here represents fipi¢scribed algebraically. Such models have the advantage of re-
cooling of a flat plate by a row of streamwise injected jets whicBuiring considerably fewer grid points in the viscous sublayer
was studied experimentally by Sinha et[d10,11] and previously than any pure low-Re schentabout 10-15 rather than 25530
by Pietrzyk et al.[12]. Because of its relative simplicity— and are, therefore, more suitable for complex situations involving
although the physics of the flow is as complex as in real turbirigore than one wall. Also, because of the fixed length-scale distri-
prototypes—this example has since been widely adopted aduion near the wall, these models have been found to give better
benchmark for code validatidri.3]. predictions for adverse pressure gradient boundary layers than

purek—e models.

The present two-layer model is in essence a re-formulation of
the so-called ¢’'?) velocity-scale-based mod&lLV) of Rodi
et al.[16], in the sense that'? is now re-incorporated as a ve-

Turbulence Modelling locity scale to conform to the TLK mod@ljnstead of {’?)%?
The Reynolds-stress tensor and the turbulent heat flux are agereast,, and{, are re-scaled on the basis of the same DNS

proximated within the context of the— e turbulence model, con- data of Kim et al[18]

sidering both its linear and nonlinear forms. The model is coupled _

with a one-_equation mo_del resolving the near-wall viscosity- = (U’Z)‘{JL:CM‘/E@’ €,=Ciynf, 3)

affected regions. In the linear context, the near-wall model was

employed with the conventional eddy viscosity/diffusivity ap- 32 Ci¥n

proach as well as with a nonisotropic variant. In both cases, the e=k"1¢,, fﬁm Q)

length and velocity scales were inferred from available DNS data. ety e

For the sake of consistency, in the EASM context the same on@ conform with the logarithmic law of the wall, the constagt

equation model was employed with an isotropic transport coeffs set equal tOK/CfLM, where k=0.4 andC,=0.082, andC,

cient but with use of a nonlinear form. Note that as in most of the 17.29. The near-wall damping functidy is determined by the

available DNS-based near-wall turbulence models, the presémitowing DNS-based relatio:

strategy has been developed for attached flows with no guarantee 1

on its validity for separated flows. But in the absence of direct _ \/72 _

simulation data of jets in crossflow, the idea remains the sole Fu 32 O-116<Ry*+ Ry Ry Vkeyn /v ®)

reliable alternative. Flow field data for this class of flow do indee

exist[14,15, but give insufficient information about the viscous’g close inspection of Eq(4) reveals that the DNS-based distribu-

sublayer where most of the transport mechanisms take place. f;fi of ¢, .'S.'n eff(_ect d|ffer_ent from the one originally propo_sed n
best example is the investigation of Kaszeta and Sifd&hwho [17]; in which ¢, rises more steeply as the wall is ap-
measured the turbulent shear stresses in film-cooling flows wRﬁo.aChed' To determing ande the same transport equation for
streamwise injection in order to estimate the eddy diffusivities in the standard model needs to be solved. The oklfeé_I and
momentum in both the lateral and wall-normal directions. Al'€ near-wall model can th.en. be.matched at a location where
though the study brought in a valuable insight into this particuldiScoUus effects become negligible i.é,,~0.9. .
aspect, the authors were not capable of providing a clear picturt%ar'or to further applications, the model was empl_oyed .f'rSt for
on the rate of turbulence anisotropy which can be a support culating the fully turpulent chan_nel flow in two dimensions at
computational modelling. They arrived though at the conclusi 672.211' Note that th_|s flow(a_s smula_ted by means of DNS
that the anisotropy of turbulent transport is too complex to 9]) is homogeneous in the third direction and the only nonzero

represented with a simple model such as the one of Bergeles. Shear stress is the'v" component. The computational method is
outlined in the corresponding section. The DNS database of this
The Two-Layer DNS-Basedk— & Turbulence Model. The
two-layer approach represents an intermediate modeling strat€g¥rnis model(TLK) employs the one-equation model of Norris and Reynfids
between wall functions and pure low-Re number models. It cohere indeed~ (k.
sists in resolving the viscosity-affected regions close to walls with 3The damping functiorf , is used here as the only criteria for switching between

a one-equation model, while the outer core flow is treated with tffi§ tVo-equation model resolving the outer core flow and the one-equation model
resolving the viscosity-affected layer, i.e., whenetgr=0.9. This is known as the

sj[ande}rdk—a mOd.el-. In the outer core flow, the usual EddY'dynamic, zonal, two-layer strategy, which contrasts with other implementations in
viscosity hypothesus is used which the grid is explicitly decomposed into near-wall and outer portions.

Where 5 is the Kronecker deltak=u;u//2 is the turbulent ki-
gtic energy, an&; is the rate of strain tensor. For high-Re flows
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Fig. 1 Normalized profiles in developed channel flow at Re ,=211; (left) turbulent
kinetic energy k¥ (right ) dissipation rate &*

flow was provided by Gilbert and Kleisgt9]. Figure 1 compares whereCg is a model constant taken equal to 0.27, and
the normalizedby u, and ») profiles of turbulent kinetic energy

k™ and dissipation rate ™ with the DNS data. The comparison —gu, —du,

has shown that up tp* =200 the shear stress predictions with the Pij=—u/ u{w—J— uj’u,ia—
TLK and TLV two-layer models are almost identical and agree "k Xk
fairly well with the DNS data(results not included hereHow- ) )
ever, the prediction dt* with the TLV model compares very well denotes the production of turbulent stresses. Note that@ds

with the DNS data, while the TLK underpredicts the peak leveile simplified approximation for the second interaction contribu-
This is a consequence of an overpredicted value bfin the tion in the pressure-strain term appearing in the Reynolds stress

region wherek* reaches its peak value. As has been the expeg_ansport equation. It tends to Isotropize the pI’OdUCtIOI"I tensor

ence with other low-Re schemes, the TLK model fails in predict-i *. i.e., the so-called IP model. This degenerate f_orm of_approxi-
) - h mation was actually found to alone account for main-strain effects
ing the maximum of ™, too.

in the pressure-strain correlatiofl]. Assuming now homogene-
The DNS-Based Anisotropic One-Equation Model. Previ- ity of the flow in the streamwise direction and neglectingy’
ous jets in crossflow calculations have shown consistently thedmpared tar’v” andu’w’ the remaining shear stresses are
with use of EVMs the jets do not spread apart sufficiently be-
cause, turbulent transport in the lateral direction is not correctly
accounted for. In reality, the eddy-viscosity/diffusivity for trans-
port in the lateral direction should be larger than for transport
normal to the wall. In order to account for the anisotropy of the
turbulent exchange process in these flows, Bergeles E]gro-  whereI", andI'; denote the anisotropic eddy viscosities acting in

posed multiplying the eddy viscosity appearing in the cross Reyre normal and lateral directions, respectively
nolds stresses and in the heat fluxes by a factor varying from

=4.5 at the log layer to 1.0 at the outer edge of the boundary — —
layer. The near-wall value of=4.5 was inferred from the experi- r.=cC ko'® F.=C kw ©)
mental data of Quarmby and QuifR]. This correction was later 27s g 3T s
employed by many others, although its implementation was lim-
ited to the momentum equations. Lakehal et{al. have shown Recasting the foregoing relations into the following forms:
that further calibration was necessary for extending the approach
to near-wall flow regions. Since the normal fluctuatiari$ ap- —% —7 2
; v'°k v

proach zero near the wall much faster than the lateral fluctuations I,=Ce——; I3=Coe—y— (10)
-5 . TS5, 50 . . S 1 S
w'2, the ratiow’?/v’? reaches much larger values in the viscous k e k “e
sublayer than the value of 4.5 adopted in the original model at the
edge of the sublayer. This is exactly the situation the presemiveals thal';/T",# 1, a result systematically violated in conven-
model is intended to account for when a model resolving thfynal EVMs, wherey=w’?/v’2 is always equal to unity.
viscosity effected near-wall region is employed. v

A systematic derivation of the turbulent transport terms can k&
made on the basis of simplified individual Reynolds stress a
turbulent heat flux equations. Launder et[@0] showed that by
assuming homogeneous turbulent flows near eq.u”lb“um and ‘It is vital to note that this is not the case of the channel fla@] used previously
affected by external forces, the transport equat'ons fOI_’ the R_%/r? validating the TLV approach. Indeed, in that particular flow the shear-stress
nolds stress tensor may reduce to the foIIowmg algebralc l’elaUQ:‘amponenu w’ is actually zero because the velocity gradient in the cross direction

K 1 duldz is zero. Th_eonly in_terest in using these channel-flow DNS data is to infer a
ui’uj’ :2/3(5”. —Co— ( Pij -3 5”. Pii) (6) distribution forw’2 andv’? which will serve developing appropriate anisotropic
& distributions for the transport coefficieht .

™

[V — Ju
u’v’=—FZW; u’w’=—F3E (8)

In very much the same way the turbulent heat i can be
? proximated by the generalized gradient diffusion hypothesis
GDH)
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140 T 05 T , T —— also from the DNS data of Kinfsee Fig. 2(right)), from which
QNS ffi%aqg(fls.g . 045 | NS du: vy ) —— _,-"i the following approximate correlation is derivéd:
120 ’ . DNS data: v'v’/k=t(Ry) === i’
:i f 04} ;o y©=0.00442 R§+ 0.294 R,+0.545 (16)
2100} 035t ,-""‘ : Relation(15) shows that very near the wall the rate of turbulence
03k A anisotropy grows drastically so thatreaches very high values; it
80 | / reaches the value of 8.5 at the edge of the viscous sublayer, at
025} / 1 y*=11.6, whereas the isotropic state of turbulenge=(Q) is re-
60 1 o2l ’_,-"' j covered in the log-layer, at* =43.
Two possibilities are now offered to model the various turbulent
40 { 015r ] transport terms using Eq§l3) and (14): either one resorts to a
01k ] pure low-Re model or to a two-layer approach. In the first case,
0l ) Eg. (13) may be recast into the form of
0.05 + 4
0 . o L& , . , v'“Ik=C,f,/Cq a7
1 10 100 0 20 40 60 80 100
¥ y+ Ry and thus the relations given by Ed.0) reduce to
Fig. 2 Analytical correlation versus DNS data for near-wall tur- k? k?
bulence anisotropy; (left) w'?/v’'2, (right) v'%/k=f(R,,y*) Fzzcﬂfﬂ?i F3:C;Lfm’; (18)
For this, two additional transport equations foande need to be
solved. In the one-equation model used in two-layer approach
K o described previously, the eddy viscosity coefficiEpt which was
U 6=—Cy—u/u/— (11) originally based ony’?)*? as a velocity scaléderived from Eq.
& 9Xj (13)), incorporates the parametgras follows:
which, after having adopted the same simplifications for the flow, - )
yields To=Nw2e,=Cke,; Ty= J(w'wfcﬂﬁyeﬂ( )
19
— PIENCE ) f— V2 KT - .
v f=—-Cp— — —; "6=-C,~—y—— (12) To complete the model an additional transport equation kfor
k & dy k " & gz needs to be solved; it takes the following form:

Here again, the thermal diffusivity coefficierﬂ$= C,,k?/s act- J — d ok
o ot ! o — (puk)=p(P—e)+ — | I*—
ing in the normal and lateral directions are not equal, Féll‘z x; J ax; | Tax;
=y. While Bergeles et a[8] simplified their model by replacing ) - o N
U’2 by k/3’ y|e|d|ng the conventional isotropic expressim§ where in addition to the turbulent dlfoSan Qoef'fICIenf%(
=C,k?/e andl'5=T,/Pr,, the present model bases the variatior L j /ffk,'_ the p_roductlon of turbulent kinetic energy”
of v'2/k across the near-wall region on the channel-flow DNS — Ui UjUi; now includes the effect of.

data of Kim, as reported ifiL6], and that ofw'Z/k, as proposed To summa.nze, the two-layer TLVA model consists of the fol-
by Lakehal et al[1] lowing steps: In the one-equation model resolving flow regions

wheref,<0.9, (i) the turbulent fluxes are determined from Eq.
2= ~5p2 —4 (1), with the transport coefficients; determined by Eq(19) and
v 1k=4.65¢10°R+4.00<107°R, (13) v by Eq.(15); (ii) the transport equation fds Eq. (20), is solved
in parallel; (iii) the rate of dissipatiom appearing as a sink term

+ V2K (20)

121, — 12
w'Tk=v"kxy 14) in Eq. (20) is determined by the DNS-based prescriptigq. (4)).
The near-wall behavior of, the rate of anisotropy, was derived!n the outercore flow portions wherk,>0.9, (i) the turbulent
with the help of the same DNS data, too; viz. fluxes are also determined from E@), but the transport coeffi-
cientsI'; are now given by Eq(18) with y asymptotes towards
10%(y*)042 the average value of 4.25, according to Ep); (i) the transport
y=Max 2.682y")?_5.463 4-2% (15)  equations forkk and e are solved in parallel. The main difference

with what has been proposed [ifh] is that the distribution fory
The DNS data for the parametgrare plotted versus the nondi-away from the viscosity-affected layer as proposed initially by
mensional wall distancg" in Fig. 2 (left) and compared to the Bergeles is abandoned in favor of an average value of 4.25.
best fit given by Eq(15). This approximation, which perfectly Stress-Strain Relations. Reynolds stress transport equation

reflects the s.trong.in(.:rease in turbule?ce anisotropx as the +Wa|H%dels are conceptually the most reliable approaches for treating
approached is valid in the range £§" <43 only (y~1 aty"  complex strain fields. However, judging from what is known

<43). The lower bound of 4.25 appearing in the foregoing exspqut their complexity andsometimes difficulties in handling
pression represents an average value sfowhich replaces the ey simple shear flowsas far as near-wall turbulence is con-

original distribution of Bergeles, up to the edge of the bounda@’grned, it is probable that with these models the prediction of film

layer. This value is derived by examining the experimental data gfo|ing and jets in crossflow in general will not show substantial
Ardey [14] and Kaszeta and Simdi5]; the latter authors have i, 0 ementd2]. A much simpler alternative is now gaining in
found the .dlstnbutlon of Bergeles not in accordgncg W|th the opularity, consisting of approximating each of the Reynolds
data. Admittedly, there is no proof that this relation is valid fokress components rather than solving their transport equation. The

separated flows as well. Without really expecting to obtain a gegyigina| algebraic representation of the Reynolds stress in terms of
eral relationship fory, there is at least one consistent way of uUsing cearies of combinations
Eq. (15): it consists of alleviating its dependence on the dimen-

- . v .
sionless wall distance™, which Fan be replaced by the near-wal 5Although the best fit to the DNS data was found to be a 5th-order polynomial
Reynolds numbeR, . The relation betweey™® and R, follows  function, minor differences in the final results were observed using E.
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Fig. 3 Normalized profiles in developed channel flow at Re ,=211; (left) turbulent ki-
netic energy k*; (right) shear stress u'v'*

between stress and strain, referred to as algebraic stress models [

(ASMs), was followed by a variety of methods with various levels Pile= oo a—an

of sophistication. With this, the models are expected to reproduce 4.8+1.3MaxS,Q)

secondary flows with better accuracy. Although these relationships . . A

may be obtained by invoking various strategies, their comm ich can be seen to meet the requirement of the equilibrium state

starting point is the assumption of homogeneous turbulent flok§x/e~1) for the logarithmic region in channel flow where, by

in the limit of equilibrium, leading to a similar explicit expression':e“ilrence I:o Varlousfeégzrzl)mentallt defts; 3dlt %Utt'_ mor% 'n:'[EOtr'
T hich ) ) . tantly, making use of Eq22) results in a distribution o€, thai

for ujuj which, in non-rotating frames takes the following form'significantly departs from that obtained by the GS model. As an

} example of marked deficiency, the GS model will fail to predict an

(22)

- 2 .
Ui,Uj,: —5ijk—2vt

3 51j+2 c'Th

. 7=C.k%e (21) impinging flow becaus€, would then increase incorrectly with
S?, leading to excessive levels of eddy viscodiBg. (21)). Fur-

where theT{} are the products of the strain and vorticity tensorghermore, sincé&? in highly strained flows is actually greater than

S andQ;; . The available models differ in the way the coeffi-unity, the regularization procedure of Gatski and SpeZia#,

cientsC" andC,, are determined, and in the number of strain andased on a first-order Padpproximation fors?, was abandoned

vorticity-stress products, i.e., quadratic, cubic, etc. Four modey Lakehal and Thielg26] in favor of a more elaborate formula-

variants have been selected in the present work: three of them e invoking fourth-order approximations*~S*(1+S%, or,

quadratic and one is cubic with respec8pand();; ; namely, the S?~S*(1+S*). This results in the following expression:

quadratic models of Shih et a]22] (SZL93, Shih et al.[23]

(SZL95), and Gatski and Spezidla4] (GS), and the cubic variant _ C,(1+S%

of Craft et al.[25] (CLS). While the details of each of these mod- C,= e

els can be found in the corresponding references, here we focus on 1+ 8% (1+y0%) — 118+ 7,0

the GS model, in which

(23)

This systematic regularization represents a better alternative to the
first-order one proposed originally for flows departing mildly from
equilibrium, at least for the rang&< 1. This correction is here-
inafter referred to as GS/LT.
To extend this EASM and all other employed variants to
_ C low-Re conditions, the two-layer approach discussed previously is
= T’;ZQZ then resorted to. The Reynolds stress is in all cases determined by
Y12 T2 Eq. (21) rather than by Eq(1). More precisely, within the outer-
The coefficientsy;, y,, C* and C2, derived from the well- core flow the turbulent transport coefficientils, ande is deter-
documented SSG pressure-strain madl [24]), are all propor- Mined by solving its own transport equation. The viscosity-
tional to Py /e, the ratio of production to dissipation of turbulentaffected layer is resolved by the TLV model, but the nonlinear
kinetic energy. The implications of this dependence are discussgEeSS-strain products forming the Reynolds stress are now re-
below. The model is strongly dependent on the assumption i§ined. As a result, the models are expected to reproduce the
weak-to-mild equilibrium of turbulence, greatly reducing its useStrong anisotropic behavior of the near-wall turbulence without
fulness in practical situations. This constraint is generally incof@Ving to resolve the viscous sublayer in great detall, i.e., by use
porated by treating the production-to-dissipation ratio through ttg$ & pure low-Re scheme. The plane channel ffow2D) is again
equilibrium solution for homogeneous turbulence, i.B,/e Cconsidered as a validation exercise for the two-layer methodology
~1.89. However, the necessity to account for the changes in t§@MPining the EASMs with the TLV near-wall one-equation
ratio is now fully accepted because the equilibrium value systerflodel used in a nonlinear form. It is perhaps important to recall
atically drives the model into inconsistency when used away frofiat since this floWf19] is homogeneous in the spanwise direction,
equilibrium. In a recent effort to make the GS model applicable the shear-stress componeriv’ is actually zero because the ve-
a broad range of practical flows, Lakehal and Th{@6] empha- locity gradient in that directio@u/dz is zero. This means that the
sized two important aspect§) the development of a generalizedTLVA approach(which would act on this particular shear-stress
relation forP, /e, and(ii) the formulation of a better regulariza- componenu’w’ only) will behave exactly as the TLV approach.
tion procedure foiC,, . Their proposed to modd?, /e, by Figure 3 shows predictions of normalized turbulent kinetic en-

1K 2 k 1
Ti=5 St Spci)s - Tij=— | SuSqy— 3 SaSad

and
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Fig. 4 Normalized rms-velocity profiles in developed channel flow at Re ,=211; Re-
sults obtained with various turbulence models

ergyk* and shear stress o’ * with the DNS data of Gilbert and appear in the cell-centered grid arrangement. The pressure-
Kleiser[19]. Apart from the quadratic SZL95 model of Shih et alvelocity coupling is achieved by using the well-known SIMPLEC
[23], both the TLV and the other EASMs deliver results in accolgorithm. The present computations were performed employing
dance with the data. The shear stress, which can be seen in Figh& QUICK scheme for all variables applied in a scalar form by
(right) to be generally well predicted, is the only parameter affeciieans of a deferred-correction procedure and bounded by the
ing the mean flow. This is supported by Fig. 4, displaying th¥an-Leer harmonic function as limiter. The diffusive fluxes are,
normal stress components which clearly shows that only witfPwever, approximated using second-order central differences.
EASMs models can these components be separated, though notRg resulting system of difference equations was solved using the
much as in the DNS data. Looking at Fig. 4 confirms the supeftrongly implicit procedurdSIP) algorithm. Convergence was in
ority of the TLV model over the TLK(top left panel, but also all cases determined based on a drop in normalized mass and
reveals that for this type of flow the EASMs do not deliver anomentum residuals by four orders of magnitude at least. A glo-
unique solution. It should be noted that the best results are d¥l mass and energy balance algorithm was employed after each
tained with the GS/LT quadratic model; the other two EASMs, digeration, consisting of a systematic readjustment of the mass
not separate the normal and spanwise rms components sitfixes at the outflow.

ciently, in particular within the outer core flow region. As men- ) .

tioned previously, although this behavior is not crucial for 4 he Grid and Boundary Conditions

simple shear flow, its implications could be appreciable in the Thjs test case was experimentally investigated by Pietrzyk et al.
presence of mainstream-induced secondary vortices. More imppr9] and Sinha et a(10,11]. The jets were inclined at an angle of
tantly, this validation phase has shown that coupling a nonlineas deg with a lateral spacing o8 The injection hole diameter
two-equation model with a nonlinear one-equation model resolyras 12.7 mm and the discharge pipe length-to-diameter k&Bo

ing the viscosity-affected layer can be a viable and robust alterigas 1.75 in the experiment of Sinha and 3.5 in that of Pietrzyk.

tive to a pure low-Re schenfe. The present investigation addresses the only cadg/Df=1.75.
) The domain extends I® upstream of the leading edge and>80
The Computational Procedure downstream of the injection location. The topology of the grid is

The governing equations are solved by the use of a thre®own in Fig. 5. The approaching boundary layer was fully devel-
dimensional finite-volume method that allows the use of arbitralaPed_- The simulations performed in the experiment dealt with two
nonorthogonal grids, employing a cell-centered grid arrangemef€nsity ratiosp, /p.. (=1.2 and 2.9 and various mass flux ratios
A detailed description of the method is reported in Majumdd@nging fromM=0.25 to 1.0. In the present work calculations
et al.[27], and the multi-block technique which was introducedvere carried out fop, /p..=2 andM=0.5 and 1.0. In the stream-
afterwards, in Lakehal et a[s] The momentum-interpdaﬁon wise direction the calculation domain extends from the inflow

technique is used to prevent pressure-field oscillations tendingltgne located ak/D=—8 to X/D=25 and from the channel
bottom toY/D =6 in the vertical direction. The downstream exit

fCraft et al.[25] reported on calculations of this flow using their CLS underOf t.he hole is located at=0. In the spanwis_e direction the do-
low-Re conditions; their results were identical to the present ones. main extends from a plane through the middle of the holes (
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greater for the dense jet than the unity-density jet. More details
about the effects of increasing jet density on the flow structure are
provided by Sinha et a[11].

Mean Flow Field. Effects of weak compressibility in this ex-
ample were accounted for by use of the equation of state. It is also
important to note that given the poor performance of the SZL95
model, the results were not included for comparison. Contours of
wall film-cooling effectiveness; on the channel surface predicted
by the TLV model are compared in Fig. 6 with results delivered by
the anisotropic TLVA model and the GS/LT and SZL93 EASMs
(CLS calculations are not included hgrthese were coupled with
the TLV employed in nonlinear form. For both blowing ratés,
=0.5 andM =1, calculations with the TLVA model, illustrated on
top of each panel of Fig. 6, seem to considerably enhance the
lateral spreading of the scalar field compared to the TLV model,
although smaller values aof are obtained at the centerline of the
surface. This indicates that the model shortens the reverse-flow

region, or, in other words, it anticipates the reattachment of the jet
Fig. 5 Details of the computational grid near the injection hole after Se.parating.. Since th_e Corresponding experi.mental da_ta_ are
not available, this conclusion remains only tentative. Combining
now GS/LT and TLV improves only slightly the prediction of the
lateral spreading in comparison to the standard model alone, but
=0) to a plane aZ/D=1.5 in the middle between two injection the yalues ofy at the centerline are now comparable.
holes, and symmetry conditions are imposed on these planes. Ahe model variant of Shih et al22] (SZL93) has little or no
?;;Jlé';'g&';ggr?s'Swlfseg[;[?aicnogfgﬁ‘:rtgrsgrggccﬁst';?s ?t”go?](i?sﬁts vantage at all; the results are even suspected to be incorrect in
180X 76X 24 points in thex, y andz directions respeétively. The the (_:enterlir_le region. From this first analysis it clearly appears
jet and the plenum are meshed with grids composed of 46 _that increasing the Iat_eral turbulent transport by means of an an-
X9 and 53 75x 23 nodes, respectively. The wall neighboring-'SOtrOp'C eddy viscosity has a very strong effept on the results,
cells were located so as to always maintain the valueg'of MUch more so than any of the EASMs. Judging from the wall
smaller than 2.0. The number of grid points placed in the viscofMperature contours, increasing the blowing Mtéfts the sec-
sublayer and the buffer layer was typically 15 to 20, but less

within the discharge pipe.
The no-slip boundary conditions ad=0 were used on the
plate surface, and on the plenum internal walls since there the
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flow has a very low momenturfand thereby very smajl* at the e
wall), which invalidates the use of wall functions. Because th TLYA M=0.5
. . 4+ —-—0.1-
upper surface of the domain was set relatively far from the fl: —
plate, symmetry conditions were employed there. A 1/7th-law tu 0. i 05 >
3  — - ——

bulent boundary layer velocity profile was imposed XD
=—8 in order to match the boundary layer thickness ofD0at
the injection location. The mainstream velocity was setUtp
=20 m/s, conforming to the experiment, and uniform distribu
tions were specified fok and & corresponding to a free-stream
turbulence intensity o ;=0.5%, and a dimensionless eddy vis-
cosity of u,/="50. Since the experiment does not provide exar o
information on the flow at the inlet of the discharge pipe, uniforr
distributions ofk and ¢ were specified, based on a turbulenct 4 [

intensity of 2% andu,/w=30. Adiabatic wall conditions were 2 0 2 n s 8
employed when solving the enthalpy equation and zero gradie X0
conditions were used at the outflow boundary. The exact inl [ D S L R
profiles of the temperature and corresponding densities were € [ 0.1
ployed, i.e.,T,.=302 K, T,=Tp,=153 K. 0,98 45
3f— EEINS—"04 0.3
GS/LT M=1.0
Results and Discussion 2 0.1-
Pietrzyk et al[12], who provided detailed measurements of th N L = M_"1'°o
flow, found that the turbulence is highly anisotropic in the regio ! o
above the injection hole. They also found that the strength of tl —— 0.1
vortices scales with the mass flux ratio, and with increasing di © e "0‘33 =
tance downstream the injection location. The size of the vortic — i
increased and their angular velocity decreased. In their study, ' -1} ) ‘ ) TV ML .
4 6 8

significant levels ofu’w’ were found to be associated with the -2 0 2 v
blowing rateM, too. As far as the density of the jet is concernea,

the authors observed the dense jet to penetrate deeper intofgee Contours of wall film-cooling effectiveness for (upper)
mainstream as compared to the unity-density jet. The boundayw=0.5 and (lower) M=1.0. Calculations with various turbu-

layer thickness in the near hole region was also found to be 238ace models.
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Fig. 7 Streamlines at the midplane (Z/D=0) for M=0.5 and 1.0. Calculations with the TLV and TLVA
models.

ondary vortices further up from the wall. In other words, increas-
ing the mass flux ratio leads to a deeper penetration of the jet into
the core flow.

In connection with these results, qualitative illustrations of the
flow behavior predicted with the isotropic and anisotropic models
TLV and TLVA for both blowing rates ofM=0.5 and 1.0 are
shown in Fig. 7. This displays the flow streamlines in the imme-
diate vicinity of the injection hole generated by following the
paths of tracers injected into the oncoming flow and the discharge
flow. The figure clearly shows the penetration of the jet into the
core flow. It also displays the way the jet is bent towards the
surface by the mainstream after injection. The extreme complexity
of the flow, especially in the direct interaction region, is well
illustrated, and the longitudinal vortices can clearly be seen to
partially develop already inside the pipe. The fluid-particle trajec-
tories also show the shearing of the jet by the main stream on the
right side, looking in the downstream direction. Also, the figure
indicates that the jet initially detaches from the wall and then
reattaches downstream. For both blowing rates the TLVA model
predicts the jet separation over the plate surface well, although it
slightly shortens the recirculation compared to the TLV calcula-
tions. The implications of this behavior were already discussed in
connection with wall temperature contours.

The secondary-flow velocity vectors and the corresponding
temperature contours fdl = 0.5 are plotted in Fig. 8 at a position
immediately behind the injectiorX/D =4. Each panel represents
half of the computational domain, since symmetry conditions
were applied at the midplane. Results obtained with the TLV
model are always shown on the left side of each panel. The system
of a pair of counter-rotating longitudinal vorticékidney vorti-
cey, typical to jets in crossflow, can be seen to establish itself in
all calculations. The two vortices cause the typical, symmetrical
kidney shape of the temperature contours. Near the wall the ve-
locity is directed towards the middle of the jet=0). Note, too,
that near the wall the velocity gradierdsv/dy (i.e., the vorticity
are very strong, and the outer flow is directed away from the
surface. The SZL model considerably compresses the secondary
vortex, and the values af in the center of the vortex seem to be
much higher than those of the TLV model. This conforms to theig. 8  Formation of the secondary vortices at cross-flow loca-
earlier results of wall temperature iso-contours obtained with thisn X/D=4. Calculations with various turbulence models for
model. The GS/LT model behaves almost like TLV. However, iM=0.5.
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Fig. 8 (bottom), where the anisotropic eddy viscosity correction sy,
applied, the strength of the longitudinal vortex reduces appreci 1

bly, and so does the film-cooling effectivenegsBut more im- 5% 9% 5 1 —————
portantly, the approach seems to enhance the near-wall late ////:'3//*:

spreading of the jet compared to the TLV model alone; the se ¢

ondary vortex now tends to flatten further against the surface. Tt 64/
result reflects best the effects induced by enhancing the late TLV
stresses, and moreover, it is in line with the previous discussion 4 5 : 5 . 5 5 X’DG

connection with the surface film cooling effectiveness. In simila
circumstances, Theodoridis et &6], who focused on the flow

YA
structure in close proximity to the injection, found that promoting 1
the stresses in the lateral direction produces results that comp y/m

best with the data. ’:,_,///k’;

5%
Turbulence Field. The turbulence structure around and © 3%

downstream of the hole region is discussed in Figs. 9 and 10 / SZL-TLV

terms of contours of turbulence intensities, defined B|s 5%) . ‘ X/D
(=2k73/U..), and shear streas' v’ (normalized byU.,) in the i 0 1 2 3 4 5 6
symmetry plane X-Y, respectively. Experimental results of Pi

etrzyk et al[12] are included for comparison, even if their experi- "> //
ment does not correspond exactly to that of Sinha dtldl, i.e., 5% e

L/D was one order of magnitude larger in Pietrzyk's experimen /, =
: 1

and the measured turbulence intensities were defineduds ( 0

+v,2)Y%U..., ignoring the third turbulence fluctuating compo- ‘8\/
nent. In[11], however, the turbulence intensity is defined using g GS/LT-TLV
8% . ,
1 0 i 3

the three rms components, which corresponds Tg R s

(= J2k73/U..). To support this simplification, Pietrzyk et alL2]
argued thati,c andv/,,¢ alone are likely to represent the essentia y|
effects of turbulence in this case. 1 .
In general, the predicted contours show the development —5% y/,//’/’T3°’A:—‘//‘——”
strong shear layers in the region surrounding the hole, in confc W
mity with the data. These shear layers were identified in the e. 0
periments as the most important source of turbulence due to t
interaction of mainstream and injected coolant, and the accomg
nying flow separation at the hole entrance. Thecontours plot- .4
ted in the vertical plane along the centerline show that over the tc
of the jet the turbulence models employed deliver the same turb
lence level (~0.5%), in accord with the experimenflowest
pane). Note also that turbulence intensity levels ranging fron He
5-9% seem to be already generated upstream of the injecti
location. The turbulence intensity levet9.0—10.0% at the exit 19
location is also well predicted by the models. However, downy/
stream of the holé€at X/D>3) the models seems to underpredict ,
turbulence intensity magnitudes, 13% compared to 16%. This
more likely due to the way turbulence intensities were defined i

XD

o
0

1 2

U ST WY B e I SV S e |

[12], yielding systematically higher levels compared to both ou * " * 4 ) / 2 3 ‘ s 6

predictions and Sinha’s measurements. But, this may not be t w

only reason; the length-to-diameter of the jet in the present inves-

tigation conforms to Sinha’s study, in that it is actually smallefig. 9 Near-injection turbulence intensity T, contours (nor-

than in the experiment of Pietrzyk. In other words, the differenc8@lizéd by U.) inthe vertical plane  (2/D=0). Calculations with

may be due to the fact that turbulence develops with increasifgius turbulence models and ~ M=0.5. Experimental data  (low-
. - . ) est panel ) of Pietrzyk et al. [12].

length-to-diameter of the pipe. It is perhaps important to add tha

earlier data of Pietrzyk—reported jil]—show a maximum tur-

bulence intensity of 12% rather than 16%. This confusion between ) )

original Pietrzyk's datdcited in[11]), Sinha’s[11] data, and later €nce between calculatlon_s and measurements whlch has been at-

Pietrzyk’s[12] data does not facilitate the comparison. Neverthdtibuted to the length-to-diameter of the pipe. This means that the

less, what is perhaps worth noting in this comparison is the pehear stresses are not sensitive to changes in this parameter, at

havior of the TLV and TLVA models, which provide the besf€ast when in the presence of the plenum. Again, the SZL-TLV

comparison with experiment as far as the thin shear layer nei%_edictions:(second pangfail totally in predicting the shear stress

boring the wall is concerned, immediately downstream of the hofgV€lS in the entire region surrounding the injection and down-
9 y stream. Also, downstream of the hole the other EASM model

; “ro
Iocaﬁlon, whire'll'u 5%. ¢ | h —_ (GS/LT) underestimates the shear-stress levels by about 50%,
The near-hole contours of turbulent shear stresses are 0394 compared to 0.006%. Another interesting observation is
compared in Fig. 10. The first indication of the predictive perforyat the shear stress level in this location is very well predicted by
mance of the models is that all of them deliver the same rate ghin TLv and its anisotropic variant TLVA, even if the region
shear stress at the hole exit ('v'/U%2~0.001), a level compa- over which this maximum level occurs is much larger than in the
rable to the measured one. This is somewhat intriguing since tleperiment, extending almost fro/D = 1.0.
previous figure comparing turbulence intensities reveals a differ-From a physical standpoint, and conforming with the experi-
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ol pared to previous calculations with wall functions reported by

1 -0.m1——£-—’—’ T — Leylek gnd Zerkle[1.3] anq many others. I.n faqt, in all previous
calculations the recirculation zone occurring right behind the in-
0.007—= jection has not been correctly captured, because the viscous sub-
0 B layer was not resolved. Fdvl=0.5 the nonlinear model SZL,
/ |Z fails completely, whereas results of the quadratic variant GS/LT
ﬂ -0.001 TLv o are much better that with the TLV model, even though around
£ lLe the axis is predicted too high. When the TLVA variant is em-

ployed, the prediction becomes closer to the measurements in the
region near injection and further downstream of the hole. This is
o — F2ATNEQ6— in line with the surface contours af shown previously, where
,g.d’“ this strategy has led to a faster change in the peak temperature.
The best agreement with measurements is achieved via the aniso-
5 tropic approach. Looking now at the neighboring figure kbr
=1.0 reveals that the film-cooling effectiveness is still overpre-

SzLTLY /D dicted by the SZL model, but is underpredicted by the GS/LT
£ ) 5 &  Vvariant compared to the left panel. The result of the standard TLV
variant is now surprisingly better than fod =0.5. The TLVA
/D performance is still the best at the center of the channel.
1 -0.001 — The distributions of the laterally averaged film-cooling effec-

Z’/fﬁ%ﬁ'g tiveness(n) are compared with the data in Fig. Ubwer panels

% for M=0.5 andM =1.0. For the lowest blowing rate, the level of
g\ / ’
\‘//// 9‘
- A
0 1

0 / (7) is seen to be severely underpredicted by both the TLV and the
/)

GS/LT-TLV GS/LT models, while foM =1.0 the tendency is clearly in favor
S xo  for the TLVA model. Note that in all cases the TLVA model cor-
B — 2 3 1 5 6  rectly predicts the peak temperature right after the discharge hole.

Note, too, that, in general, when the film-cooling effectiveness is
severely overpredicted on the axis amgl is underpredicted, this
corresponds to a lateral spreading that is predicted as being too
weak. Indeed, when studying this class of flow, the comparison is
often restricted to the laterally averageg), and the result may, in
fact, be misleading and must therefore be seen as the consequence
of a compensation effect of being predicted too high near the
axis, but not spreading sufficiently in the lateral direction.

The jet spreading over the wall is analyzed by examining the
spanwise distributions of on the channel surface plotted in Fig.
12 at X/D=1, 3, 6, and 10. The comparison is made fdr
=0.5. Detachment and reattachment of the jet over the wall is
suggested by looking at the evolution of the width of high
values as a function of the distance from the hole. Higbalues
at the centerline of the jéatZ/D = 0) rapidly decrease witX/D,
implying that the jet detaches from the wall immediately after
exiting the hole and then reattaches downstream. The behavior of

| i = | ! ; the turbulence models employed may be judged in this respect
oo '/4) = /, "5 already. While aX/D =1 all models predict the peak temperature
x/o reasonably well at the centerline, significant deviations from the

measurements are clearly visible at the next locations, where the
best performance is due to the anisotropic TLVA model. From this
it appears that the other models exaggerate the lift-off of the de-
tached jet from the surface. This result is consistent with the sec-
ondary vortices shown in Fig. 8 and with the distributions of
centerline effectivenesg_ shown in Fig. 12(upper lefj. There
indeed, apart from TLVA calculations, the rest exhibit an overpre-
ments, the shear layer around the jet is generated locally adidted level of centerline effectiveness along the axis of the jet.
dependent on the boundary layer thickness, in contrast to the turMore specifically, for each model, Fig. 12 reveals that with the
bulence intensity which has clearly been seen to persist from thgv model calculations show significant deviations from the mea-
upstream region up to the hole. Higher magnitudes of shear strgggements already in the rangéD =0.5—0.7. Calculations with
and turbulence intensity were foun_d to persist far _downstreamlqaje SZL model clearly show the temperature level to be grossly
the hole, up taX/D~20 (results not included heyeThis was also gxaggerated in the center of the vortex, in conformity with what
observed by Pietrzykl2] and later by Sinha et a11]. has already been said in the context of Fig. 8. The performance of
Mean Thermal Field. In Fig. 11 (upper panels the film- the GS/LT model can now be seen to be comparable to the TLV
cooling effectiveness;_ at the centerline of the channel is dis-model, as was to be expected. But more importantly, the jet
played as a function of downstream distance. Results of variotreading is seen to be grossly underpredicted by the isotropic
turbulence models are compared with the data of Sinha g@l. TLV model and the algebraic stress variants, in contrast to the
Using the standard TLV model without correctionjs predicted predictions of the TLVA model, which clearly tend to considerably
too high at the centerline. However, close to the injection thgromote the lateral spreading of the scalar field, bringing its level
agreement is good, which in itself is a major improvement convery close to the data. Figure 13 compares the spanwise distribu-

Fig. 10 Near-injection u'v’ shear-stress contours (normalized
by U?) in the vertical plane (Z/D=0). Calculations with various
turbulence models and M=0.5. Experimental data (lowest
panel) of Pietrzyk et al. [12].
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Fig. 12 Distributions of the spanwise film-cooling effectiveness for M=0.5 at four cross-flow locations
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Fig. 13 Distributions of the spanwise film-cooling effectiveness for M=1.0 at two cross-flow locations

tions of » on the channel surface favl=1.0 at the crossflow from the hole. The EASM version of Gatski and Speziale has
locations for which experimental data are availab{éD =1 and indeed met with some success compared to the linear isotropic
15. The superiority of the TLVA approach is once again illusmodel, but the best results are obtained in connection with the
trated, in particular at the second location wh¥/® = 15. At the DNS-based anisotropy TLVA model. This model variant has been
upstream location, however, the model seems to overpregictshown to better predict the secondary vortices associated with the
aroundZ/D =0.3-0.4 as compared to the other models. In sunjet, while considerably enhancing the lateral spreading of the sca-
mary, in this section the anisotropic TLVA approach has bedar field. It was also found that with this approach, turbulence
shown to remedy two major deficiencies known to afflict both theharacteristics including intensity and shear stresses are well pre-
isotropic and(surprisingly the nonlinear algebraic stress modelsdicted in the region surrounding the injection location; the latter
it improves the prediction of detachment and reattachment of theantity has shown insensitive to changes in the length-to-
jet and considerably enhances the lateral spreading of the jet. iameter of the discharge hole. However, it is important to caution
nally, the foregoing discussion also reveals that the performanftem extending this approach to other more complex flows since

of the employed EASMs does not provide a clear picture. the empirical relations for turbulence anisotropy on which the
method is based were inferred from DNS data of a charatel
Conclusions tached flow. Finally, since the model directly depends on the wall

Streamwise injection of film coolant over a flat plate has beéﬂstance, it has t+° be employed with grids with near-wall resolu-
simulated for density ratio of two and mass flux ratios of 0.5 arféPns of at leasy " ~1.5.
1.0. The calculations were extended to the injection pipe and to
thg pIenum. A flexible_,_three-o!imensional, finite-volume_ methoﬂcknowledgments
using multi-block curvilinear grids was employed, and high-order _ . i )
discretization schemes were used to reduce numerical errors. Varil his work was achieved when the first author was in short stay
ous versions of th&—e turbulence model were employed toa_t the Institute of Em_argy Technology of ETH Zurich, kindly in-
simulate the turbulent exchange processes. These include an Wig&d by Prof. G. Yadigaroglu.
tropic two-layer version resolving the viscous sublayer with a
DNS-based one-equation model, a second model variant accolgmenclature
ing for the anisotropy of turbulent exchange, also based on the
same DNS data, and various quadratic and cubic explicit algebraic
stress models combined with the DNS-based near-wall one-
equation model.

= diameter of discharge pipe
= turbulent kinetic energy
= blowing rate or mass flux ratie(p,Up)/(p-U..)

The flow field and its dependence on the blowing rate appear to P = turbulent Prandtl no.
be reasonably well predicted, and most of the pertinent physical S = Strain tensor (U; ;+U; )/2
mechanisms associated with jets in crossflow were also well pre- S = ireducible invariant of5;; =k/e /S;S;
dicted, including the injection-induced secondary-flow vortices. = near-wall or turbulent Reynolds rey,k/v
Calculations of the film cooling of the channel show that the ther- Ty = free-stream turbulence level

y
u
mal field is more difficult to predict and is very sensitive to nu- Tu = local turbulence intensity (2k/3/U.,

merical details. The basic evolution is however simulated cor- Ui = Cartesian velocity components
rectly, and so is the influence of the blowing rate. The isotropic Un = inlet flow velocity in discharge pipe
two-layer k—e model was found to underpredict the lateral U. = inlet mainstream velocity
spreading of the temperature field, together with an exaggerated Yo = normal wall distance

size of the kidney vortices. Consequently, the laterally averaged Y~ = dimensionless wall distaneey,ur/v

film-cooling effectiveness is generally too low. o = boundary layer thickness

The nonlinear algebraic models, which were of a mixed quality, € = dissipation rate of turbulent kinetic energy
underpredict the lateral spreading of the jet as much as the isotro- T, = damping function defined by Eg¢5)
pic TLV model. Furthermore, except for the quadratic GS/LT vari- ~ # = film cooling effectiveness (T,,—T..)/(Tp—T..)
ant, the other nonlinear models were found to exaggerate the size(77) = laterally averaged film-cooling effectiveness
of the jet and its lifting-off from the wall, leading to a counterT’; /Ff = turbulent transport coefficients
effect in terms of wall cooling effectiveness. This was clearly seef, /¢, = length scales in one-equation model
in the distributions of local lateral film-cooling effectiveness on = molecular viscosity
the plate surface, where the deviations between calculations angd/zz; = turbulent viscosity
measurements become more evident with increasing distance();; = vorticity tensor= (Uj j—u; ;)/2
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p = density [12] Pietrzyk, J. R., Bogard, D. G., and Crawford, M. E., 1990, “Effect of Density
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6 = fluctuating temperature 442-449.
7, = wall friction [13] Leylek, J. H., and Zirkle, R. D., 1994, “Discrete-Jet Film Cooling: A Com-
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Near-Wall Modeling of Turbulent
Convective Heat Transport in Film
Cooling of Turbine Blades With
the Aid of Direct Numerical
Simulation Data

Diamel Lakehal1 The paper presents novel developments in the DNS-based, turbulence modeling strategy
Institute of Energy Technology, of Lakehal et al. developed for calculating jets in crossflow. The particular features of the
Swiss Federal Institute of Technology Zurich, model include: 1) dynamic coupling of the high-Re-& with a one-equation model
ETH-Zentrum/CLT, resolving the near-wall viscosity-affected layer; 2) inclusion of the anisotropy of turbulent
CH-8092 Zurich, Switzerland transport coefficients for all transport equations; 3) near-wall variation of the turbulent
e-mail: lakehal@iet. mavt.ethz.ch Prandtl number as a function of the local Reynolds number. Most of the important aspects

of the proposed model are based on known DNS statistics of channel and boundary layer
flows. The model is validated against experiments for the case of film cooling of a flat
plate, where coolant air is injected from a row of streamwise inclined jets. Excellent
results were obtained for this configuration as compared to earlier numerical investiga-
tions reported in the open literature. The model is then extended to calculate film cooling
of a symmetrical turbine blade by a row of laterally injected jets for various blowing
rates. Comparison of the calculated and measured wall-temperature distributions show
that only with this anisotropy eddy-viscosity/diffusivity model can the spanwise spreading
of the temperature field be well predicted and the strength of the secondary vortices
reduced. Furthermore, results of additional calculations show that combining the anisot-
ropy eddy viscosity model with the DNS-based relation for turbulent Prandtl number
promotes the eddy diffusivity of heat visda that of momentum further, leading to an
enhanced spanwise spreading of the jet. The performance of this new approach improves
with increasing blowing rate[DOI: 10.1115/1.14824Q8

Introduction comes even more complicated when the injection is lateral, which

: . is often the case in practice, since then the cooling film better
crelzz;sheagf :f?]gei:k;ﬁl et?fémzleP;Lfgn;a;ycia%fsge;rsr;:;t;gﬁz ggn?gg'g'gers the area to be cooled. The formation and location of the
the blades. Despite the noticeable progress made in blade me %_gltudlnal vortices depend strongly on inclination and blowing

lurgy, a reasonable lifetime of turbine blades can be ensured oLy More precisely, the strength and elevation of these vortices
gy, area . ; . . 'aé(pend on the penetration of the injected coolant into the cross
by an efficient surface cooling mechanism such as film COO|Inﬂ

This technique indeed offers an excellent compromise betwe ow. In the case of streamwise injection two counter-rotating vor-
q p fifes form, while in the lateral injection configuration there is only

the protection of endwalls and aerodynamic efficiency, since Bhe large-scale vortex. The vortices entrain ambient hot gas and

contrast to convective blade cooling, it minimizes the therm%ove it to the vicinity of the wall and hence influence adversely
loads on other components of the turbine. This technique m%

. . e cooling effectiveness. This phenomenon is more pronounced
however, constitute a source of overall power output loss since {]

cooling air has to be extracted from the compressors. Thus, o _higher blowing rates for which the jets penetrate more deeply
9 - o . P S- INUS, ORllE, the oncoming flow and the vortices are lifted further from the
mum film cooling utilizing a minimum amount of cooling air is a

maior economical requirement surface. The foregoing description is in fact an idealization of the
! q ) flow as if it were perfectly stable and steady, and that is exactly

Film cooling at the leading edge gives rise to very _comple at turbulence models of all types are supposed to predict. The
flow and heat transfer processes. Its efficiency can be influen & lity of jets in cross flow is more complex than that2]: the

by the following parameters: the blade and discharge geome ldw features a broad band of vortical, large-scale structures,

(_blade curvature, the_ shape of the ir)jecti_on _hole,)etbe inj_ec- . dominated by the well-known kidney vortex, but also includes
t|(_)n angle (perpendmular, streamwise inclined, SpanwISe INyip ey unsteady structures such as the horse-shoe vortex, the wake
clined), the blowing rateM, also known as the mass-flux ratio, th

density and temperature ratio, the freestream turbulence, and flices, and the shear layer vortices; these can in fact be repro-
ty P ' ' lced only by means of nontime-averaged-based concepts such as

compressibility effects. The flow in the vicinity of the discharg%-rect and large eddy simulatidi], (DNS) and (LES)
_holes_ is particularly complex due to the Interaction (.)f the coolan{ The mass-flux ratio can strongly,/ influence the penetration of the
Jet W'tt)h ttze f'OV.V atround tlhedpladte. ;I;]heflndlwt(jual erlts aff Otl).e;%t momentum into the crossflow around the blade’s leading edge.
over by edmams reamh eading to bel ormha 1on OThon%l u 'E n extended penetration of the jet into the mainstream occurs at
vortices and a reverse-flow region below the jet. The flow bejqn mass-flux ratios onlysay for M>0.5); it deflects towards
eomeriy at the Institute for Hvd hanics. University of Karlsruhe. G the blade surface otherwise. Increasing the mass-flux ratio, the
ormerly at the Institute Tor Hydromechanics, university of Karisrune, German : e H H

Contributed by the International Gas Turbine Institute for publication in tiurd Yeflection of the InJeCted Jet by the oncqmlng flow becomes more
NAL OF TURBOMACHINERY. Manuscript received by the IGTI, April 24, 2001; re- pronounced, and the reverse flow reglon extends further_ down-
vised manuscript received April 2, 2002. Associate Editor: R. S. Bunker. stream of the hole. Furthermore, the jet penetrates further into the
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mainstream resulting in a degradation of the cooling in the regidinst applied to jet injection over a flat plate jal], then to real
near the hol¢3]. The way the penetration of the jet into the crosblade models i120] and[21]. It was recently compared by Azzi
flow occurs was also found to depend ®/iD, the jet spacing-to- and Lakeha[12] to algebraic stress models employed in connec-
diameter ratig4]: jet penetration increases with increassi@. tion with a DNS-based two-layer model resolving the viscous su-
The experimental studies of Haven and Kurospkibrought in  blayer and was found to perform better for the case of streamwise
valuable information about the structure of jets in cross flow imjection over a flat plate, at least for medium blowing ralés
general, and about the effects of injection hole geomgoynd =0.5 and 1.0.

holes versus square or rectangular hot@sthe cooling efficiency

in particular. Mehendale and H48] studied the influence of high

mainstream turbulence on leading edge film effectiveness and h8aope of the Paper

transfer coefficienj[ with a plupt body hgving a.semicylindrical The flow in turbine-blade passages is highly three-dimensional
leading edge. Their results indicate that film-cooling eﬁectlveneaﬁd is characterized by a multitude of complex phenomena. In
tdhectrtre]asr?s W.'th tlncreatsmé] lblowgngi gag%/' Thfc]::'y tha:?]e ?ls%.sm\ﬂedition, these flows are turbulent to an appreciable extent with a
da 'ﬁ ma|r|1_s reafrp urbuleng K, t;? aftects the eal NG significant inhomogeneity in length and time scales. Coolant jet-
ﬁgi ! Q'Co.? '39 fe ectiveness horbor\:v .OW'Pﬁ ratlosd onit ( ting increases further the complexity of the flow field, in particular
=0.4). Detailed information on the behavior of flow and tempergg e’ rate of turbulence anisotropy around the injection location
ture fields around inclined jets for real turbine blades were ma fows appreciably23,6). Previous calculations have shown that
available only recently3,6]. Beeck[7] studied the aerodynamic isotropic turbulence models are not adequate for this class of flow

effect of slot injection near the leading edge of a high Pressule o the lateral s : ; ;

; , preading of the heat flux is systematically under-
turbine blade, t_he_s_o-called AGTB cascade mOd‘?'- Beeck's w dicted. This led many authors to resort to the Bergeles et al.
revealed that significant pressure losses may be introduced by ihg" el promoting the turbulent cross fluxes, and their results
injection system. Expanding on earlier investigations of BeegK o4 met with some success. Theodoridis ef2l], who ana-
[7], Ardey [6] conducted experiments on the three-dimensiongl, o the fiow in the vicinity of the leading edge of the AGTB
variant of the AGTB cascade and provided a detailed data base ghyine plade, concluded that promoting the turbulent fluxes is

velocity and turbulence quantities. This data base has revealed ticularly necessary over the pressure side of the blade, where
particular, the significant anisotropy of turbulence near the Waﬁﬂre is evidence from measuremefs that the rate of anis:ot-
caused by the strong interaction between the jet and the Crog y is appreciable. Lakehal et 421] have then tried to infer
flow; a phenomenon that has recently been confirmed by I:indlf‘?'FFormation from Ardey’s[6] experimental data in view of gener-
et al. [8] for jet injection over a flat plate. Unfortunately, Veryalizing Bergeles’ correction, but they have faced the same diffi-
little information is given on the rate of turbulence anisotrop}éumeS as Kaszeta and SimeB] did. in that the turbulent trans-
very near the wall that could be further exploited in developingOrt has been found too complex‘than any statistical approach
prediction models. would predict. However, it appeared necessary to further extend
the existing mode]24] for application very near the wall, and this
Review of Some Previous Numerical Investigations has been successfully accomplished by use of channel-flow DNS
ata[21,17, i.e. the so-called TLVA model.

Three-dimensional calculations of film cooling of real turbinéj The present contribution introduces a novel develooment in the
blade models are less abundant than calculations of jets in cross- P P

flow over flat plates, e.g[9—17]. There exists even fewer Calcu_modeling practic_e brie_fly evoked in the foregqing. The new devel-
lations of surface heat transfer of fully film-cooled rotating turbin penlggt:gnqsl;ﬁsloer;v'vseg]nfggdan d?fFLesriT/ﬁli[etg g;lmgﬁ?nizfndsr?;feg?
blades[13]. Various other investigations exploring the effect o P Y

several parameters on the flow and temperature fields over diffaf 0SS the sublay_e_r. Itis propo_sed to complem_en_t the TLVA ap-
roach by an additional model in which the variation of the tur-

ent blade prototypes revealed the importance of extending the . . .
calculations into the cooling channel, at least for low blowin ucl)i?r;:t;%n%t)l/ r;\urlgﬁg-gggzzsetrr:wepi\r/ilggloilatl)g?gr?c?gislag::tifuIi?-
(r:ect)t;?r.] Tlé;l?gllﬁgt?gn?gge*sotth%t Egvgnzot;ir tt\:foe_g in;ﬁ(ljony(ted :an flﬁ empt constitutes more of an appeal to stimulate reflection on

g cal 9 Y q ype. At is issue rather than a proposal for a universal model to be ap-
exception is the work of Ferguson et gl4], who compared the

predicive peformance of varous wo-equaton trblence o5 1 % SO f srlcatins. Futher uesiontons b e
els to the sophisticated Reynolds stress ma&3$M). Surpris- :

ingly, their RSM calculations were not better than those with ed revious DNS-based models calibrated for attached flows are not

iscosy models. Garg and Amefls] reporte on clclatons [/SCTSIeAly VIS f sepaates Tows, ol i e sbeence o
for the C3X vane and the VKI rotor where they used the Baldwin- o J o . g ¢
ble of exploiting them in the statistical sense—the idea remains

Lomax model and various two-equation turbulence models. . > ) ;
clear picture emerged from the calculations indicating which ':)rtlrj(tj?: dp:]eesrgnrt_;'pn:eestehnﬁsscf’illfnril(')%?ilsgalé?rgafgeblgt]: E;SIatizw%?e
the employed models is superior. The same Baldwin-Lom L . ; . .
model was also employed by Bohn et El] in their computa- 2%?@&525'? J;;:;idhfstsw?éLejldIet?e:;(paedr:)m?enéag)s/ giigﬂaghigr
tions of the film cooling of the two-dimensional AGTB cascadé ) L v pted . e

- : ) : . : ode validatior}9,10,14. The main case study investigated in this
[8]. For this particular configuration, which has been widel aper represents film cooling of a three-dimensional symmetrical
adopted as a benchmark for code validation, Irmiftf] and blade studied experimentally by Haslinger and Henn¢8keThe

Theodoridis and Rodj18] used the standard—e model with . ; ;
wall functions while Vogel[19] adopted a low-Reynolds variant.ggeégggﬁjgfg\geen this and the former case is that the plenum was

In referencd 20], the authors report on the simulation of the flow
around the three-dimensional version of the AGTB test-¢ase
Owing to the difficulties in calculating these flows using a ful : : :
threegdimensional RSM under Iow-Rg conditions, Laker?al et a.ovemIng Equations and Turbulence Modeling

[11], Theodoridis et al[20], and Lakehal et al[21] opted for The conservative form of the averaged transport equations gov-
another strategy. This consists in retaining the basic architect@@ing steady-state, three-dimensional, incompressible turbulent
of thek— & model, while an anisotropic eddy-viscosity/diffusivityflows featuring heat convection can be written as

correction for secondary stresses is introduced. The extension of J

the model to low-Re number conditions was in all cases achieved —(pu_k) -0 1)

via a dynamic, zonal, two-layer approa@®]. This practice was 2
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Fig. 1 Normalized profiles in developed channel flow at Re ,=211 [29]: (a) shear stress u’v’*; (b) turbulent kinetic
energy k*; (b) dissipation rate %

9 p 3U—i o In_the outerc_ore flqw, the us_ual eddy-viscosity hypothesis is
—(puiu))=——+— ( o ——pu{uf) (2) applied employing a linear relation of the Reynolds-stress tensor
9% I 0X;\ " 9X; and the corresponding heat flux to the velocity and temperature

o gradients
e (“ AR 3) 2 r T
o Ui === 5 ==~ pUj — s j 9T
(9)(J l?XJ Prﬁx] pU; uJ:§6,ka—2F]SiJ y pUj GZ_P_I'tﬂ_Xj (4)

where p represents th nsity, the molecular vi ityp th . .
erep represents the density, the molecular viscosityp the where §;; is the Kronecker delta an§; the rate of strain tensor.

pressured; = (u,v,w) the velocity vectorT the temperature, PT The gistribution of the transport coefficielit is made isotropic
the molecular Prandtl numbeu;uj the Reynolds-stress tensor,ysing the conventional relationship, i.&,=u,=C,pk’c. The
andu; ¢ the turbulent heat flux. Note also that in order to accountstributions ofk and & are determined from the conventional
for weak compressibility effects, the fluid density can be commodel transport equations, and standard values are assigned to the
puted as a function of both the system pressure and absolute te@nstants, namel¢,=0.09;C,,=1.44,C,,=1.92; 0= 1.0 and
perature with the aid of the equation of state. o,=1.3. It is customary in this type of flow to set the turbulent
The next subsections will briefly introduce the channel flowrandtl number Rito the value 0.9.
DNS-based isotropic TLV model, its anisotropic version, under In previous two-layer models the near-wall one-equation mod-
the TLVA variant[12], then the novel modification relating theels always employe#*”? as a velocity scaferather than the fric-
near-wall eddy diffusivities of momentum and heat. tion velocity u,. The so-called '?)Y? velocity-scale-based
The Two-Layer k—& Turbulence Model (TLV). The two- model(TLV) was proposed.by Rodi et 428], motivated by. the
layer approach employed here represents an intermediate mo Gt that the normal fluctuations are a more relevant veloqlty scale
ing strategy between the wall-function and the low-Re model af" the turbulent momentum transfer near the wall thdlf, i.e.,
proaches. The method consists in resolving the viscosity-affectbg= 1= (v'*)"%, ande=(v'?)"*%/¢, . Prior to further appli-
regions close to walls with a one-equation model, while the outé@tions, the model was employed for calculating the fully turbu-
core flow is resolved with the standake- ¢ model. Such models lent channel flow at the shear-based Reynolds number Re
require considerably fewer grid points in the viscous sublayer th&m Uy, /v) equal to 211. The computational method is outlined in
any pure low-Re schem@bout 10—15 rather than 2593@nd the corresponding section. The DNS database of this flow was
hence are more suitable for complex situations involving moigovided by Gilbert and Kleis€i29]. Figure 1 compares the nor-
than one wall. Also, because of the fixed length-scale distributionalized (by u, and ) profiles of shear stress’v’ ", turbulent
near the wall, these models have been found to give better prediiretic energyk ™, and dissipation rate™ with the DNS data. The
tions for adverse pressure gradient boundary layers than kpurgigure shows that up tg* =200 the shear stress predictions with
—& models. In the one-equation model, the eddy viscosity isoth the TLK and the present orfalso referred to as TLVare
made proportional to a velocity scale and a length s€gleThe almost identical and agree fairly well with the DNS data. How-
distribution of £, is prescribed algebraically, while the velocityeyer, as can be seen from Figb}, the profile ofk* predicted by
scale is determined by solving theequation. The dissipation rate the TLv model compares very well with the data, while the TLK
¢ appearing as the sink term in theequation is related thand a  cajculations underpredict the peak level. This is a consequence of
dissipation length s_calég, vv_hlch is also prescrlbed _alge_bralcally.an overpredicted value of* in the region wheré* reaches its
The two-layer versions available in the !lterature dn‘fgr in the Waleak value(c.f. Fig. 1c)). The most evident deviations between
¢, and {, are prescribed. In terms of implementation, the tWoge T K and TLV predictions are displayed in FigcL It seems

layer approach can eas[ly be ”?ed in ggneral-pgrposg CFD co the TLK model totally fails in predicting the maximumef
and does not necessarily require special considerations such” as

freezing grid portions. As in other low-Re number models, it ree——— . . .

. X . . . . This is the reason why this type of model is commonly referred to as TLK.
quires a versatile algorithm for the determination of local distanGggjs [22] TLK variant (compared to TLV in Fig. Lemploys the one-equation
to the wall. model of Norris and Reynold27] to resolve the near-wall region.
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as has been the experience with most other low-Re schemes. Tésits I'; are determined by use of Eq5); (iv) the rate of
is the direct consequence 6" being smaller that"" (due to dissipations in Eq. (9) is determined by the DNS-based prescrip-
Norris and Reynold$27]) as the wall is approached. tion [21,12.

The DNS-Based Anisotropic Extension(TLVA ).~ As alluded The DNS-Based Model for the Turbulent Prandtl Number.

to previously, with simple eddy viscosity models the turbule - .
transport in the cross direction is not accounted for sufficientrllfilgrist:iri?;ffnrtngrrsggﬂ”?]utrgbe%rd‘?sd%ifs'?ﬁg ?)? ﬁgitraggn?i dee?ic%

whereas in reality it should be larger than that normal to the wa, . . .
. e two-dimensional boundary layer over a flat plate with constant
as has been supported by various measurement$38,9,23. To roperties, negligible body force and negligible viscous dissipa-

account for the anisotropy of the turbulent exchange processes:in LS .
these flows, Bergeles et 424] proposed multiplying the eddy{bn' the definition of the turbulent Prandtl number is

viscosity appearing in the cross Reynolds stresses and heat fluxes _urvf((ﬁ/gy)
by a factor varying linearly fronf=4.5 at the log layer to 1.0 at Pi=———=——" (20)
the outer edge of the boundary layer. The near-wall value of —v'6(auldy)

f=4.5 was inferred from the experimental pipe-flow data ofhe Reynolds analogy which implies that Bonverges to a con-
Quarmby and Quirk30]. More recently, Lakehal et al21] have stant value, e.g. Pr0.7-0.9 for P+0.73, has been widely
shown that this correction has to be extended to the viscous sdgopted as aonsensuakolution for turbulent heat convection
layer, since the normal fluctuations 2 approach zero near the problems. However, a multitude of experimental investigations
wall much faster than the lateral ones?. By investigating vari- dealing with the dependence and behavior gftfave confirmed
ous sets of boundary layer and channel flow DNS data, they cdhat a perfect analogy between eddy diffusivities of momentum
cluded that the ratié=w’2/u "2 reaches much larger values in thead heat exists only within the log-layésay for 36<y” <300.
viscous sublayer than the value of 4.5 adopted in the origindfithin the viscosity-affected layer, however, most of these studies
model. This idea was first incorporated within the TLK model iffave revealed that Pshows a marked increase to values well
[21] then within the TLV variant if12] where is was referred to @P0Ve unity. Guided by these indications, Kays and Craw(fa2{

as TLVA. Briefly, in the TLVA the transport coefficiert; appear- and many others have developed analytical relationships for Pr

ing in Egs.(4) is rewritten under the following form: with various degrees of sophistication. But serious doubts have
o o been prevailing about the way in which this parameter varies
rlzrzz(er)l/ZeM; FSZ(WrZ)UZgﬂ (5) across the viscous sublayer, i.e., the turbulent eddies while mov-

ing in a direction transverse to the mainstream might lose heat and
where the variations of the length scalg(=0.33,) and the momentum at different rates.
velocity scales)] ? across the viscous region are based on bound-Recent DNS data for similar wall-air-flows, with slight or mod-
ary layer and channel-flow DNS data of Kif81] erate wall heating, have recently provided new insight into this
o issue. They indicate that for air flowsRaries somewhat differ-
v'2lk= 10’5(4.6ER§+40.(RY); Ry=yn\/R/v (6) ently in the viscosity-affected layer than has been assumed hith-
erto. In particular, some of these studies reveal thatcBn be

W' 2lk=p'2/kx f (7) smaller than unity within the viscosity-affected layer, being about

) 0.2 very near the wall, whereas it stabilizes in the outer range
with wherey ™ <100. Among these numerical experiments the one due
103 (y+)042 to Lu anq Hetsrqn[33] simulated an open channel flow at.Re .

y=Max s, 4.25 (8) =3000 with passive heat transfer, while that of Madavan and Rai
2.683y")°—5.463 [34] simulated transition and turbulence in a spatially evolving

being the turpulence anisotr(zpy factor. The model is valid in tht;eggng:gﬁ')?{grd%rt‘aaa?gfﬁgwpﬁ;eg%_ 220(2&%:;?5 |ggg:al’;: that
near-_wall reg|0n+where 18y <50 only. However, beyond the Pr, increases from 0.2 very near the wall and reaches unity only at
location wherey”~50 (or R,=80)—where the two layers are yhe eqge of the viscous sublayer. A very similar behavior is per-
matched dynamically without fixing grids—and up to the edge Qlgpiple from Madavan and Rai's data, which also show values of
the boundary layer, the anisotropy facfdakes the average value Pr, decreasing sharply as the wall is approach¥et their data
of 4.25, instead of the original distribution by Bergles et{aH]. o\ e5 that Prdoes not follow a monotonous trend in the range
The details of the model are provided[il] and[12]. However, o-y/5<1.0. Itis clear that although a lack of universaliig
the expr_ession for the rate of difssipation was kept isotropic_, asBticeable in the DNS data shown in Fig. 2, there is a common
the original TLV model, by re-incorporating®* as a velocity trend to the effect that as the wall is approached the eddy diffu-
scale rather the normal fluctuating velocitiesj.e., & sivity of heat increases more rapidly than that of momentum, im-
=k3¥2/¢2NS. The dissipation length scafe’™® was also calibrated plying a high eddy conductivity32]. It appears to be important
with the same DNS datfl2]. To complete the model an addi-that this behavior be accounted for in a model resolving the vis-
tional transport equation fok needs to be solved; it takes thecous sublayer. Furthermore, this is particularly true for film-
commonly used form cooling calculations, since the spreading of the hot film on the
blade wall is synonymous to a heated surface, causing a strong
+uV2k 9) temperature gradient in the direction transverse to the mean flow.
The following empirical relation for the near-wall behavior of Pr
was therefore derived in this study from the channel flow DNS
but with the transport coefficierl't’}‘:Fj /oy and the production data of Lu and Hetsroni in particular:
term P=—u/u/u; ; having the effect of included, too. To sum- B 4 3 2 n
marize, the or%e-équation TLVA model consists of the following PR=Ad(y )™+ Aoy ) = Agly )" Ay ) FAs - (11)
steps:(i) the flow and temperature field is solved with the turbuwhere the coefficient&\'s are given in Table 1. Proper usage of
lent fluxes being determined from E@); (ii) the transport equa- Eq. (11) consists in alleviating its dependence on the dimension-
tion for k, Eq. (9), is solved in parallelfiii) the transport coeffi-

© (puk)=p(P—e)+ | P
a—Xj(PUj )=p(P—eg) 19_x, j&_Xj

“These data were originally scaled wighs; they have been re-scaled here with

3Azzi and Lakeha[12] re-formulated the TLV model by re-incorporatitd/? in yly* on the basis of the informationl availablg in tlhe original paper.
both the transport coefficieit; and the dissipation rate They could have in fact 5This has already been observed in other situations, e.g., the DNS-based near-wall

called it a variant of the TLK modelas suggested by one of the reviewers damping ofu, or of v 2k depends somewhat on the Reynolds number.
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1.6 ———r— —————rr the well-known SIMPLEC algorithm. The present computations

. were performed employing the QUICK scheme for all variables
BII:I? éh“a(f§$3‘§°£2;)R§gSZ§'8§§ applied in a scalar form by means of a deferred-correction proce-
1.4 [PNS (Madavan & Rai), Rex=5.5E5 dure and bounded by the Van-Leer Harmonic function as limiter.
IDNS (Madavan & Rai), Rex=7.2E5 The diffusive fluxes are approximated using second-order central
Curve fit, Eq. (8) for y+<11.6 differences. The resulting system of difference equations was
1o | Curvefit, Eq. (8) for y+>11.6 == i solved using the strongly implicit procedui®!P) algorithm. Con-
vergence was in all cases determined based on a drop in normal-
ized mass and momentum residuals by four orders of magnitude at
least. A global mass and energy balance algorithm was employed
after each iteration, consisting of a systematic readjustment of the
mass fluxes at the outflow.

OxXxXm
1

Prt

Grids and Boundary Conditions

The Flat Plate. This test case was experimentally investi-
gated by Sinha et dJ25]. The jets were inclined at an angle of 35
deg with a lateral spacing off3. The injection hole diameter was
12.7 mm and the discharge pipe length-to-diameter ratio was 1.75.
The domain extends I® upstream of the leading edge and>30
downstream of the injection location. The topology of the grid is
shown in Fig. 8a). The approaching boundary layer was fully
turbulent. The simulations performed in the experiment dealt with
two density ratiosp,,/p.. (=1.2 and 2.0 and various mass-flux
ratios ranging fronM =0.25 to 1.0. In the present work calcula-

0 e E— tions were carried out fopy,/p..,=2 andM =0.5 only. Results of
1 19 100 the simulation with the higher mass-flux ratio can be found in a
y companion paper by Azzi and LakeHdl2]. In the streamwise
Fig. 2 Correlation for near-wall turbulent Prandtl number Pr . direction the calculation domain extends from the inflow plane
=g(y™*) fitted against DNS data of Lu and Hetsroni  [33] and located fenx/D= 72_3 to x{D=_25 and from the channe_l bottom to
Madavan and Rai [34] y/D=6 in the vertical direction. The downstream exit of the hole
is located atx=0. In the spanwise direction the domain extends
from a plane through the middle of the holes=0) to a plane at
/D =1.5 in the middle between two injection holes, and symme-
ry conditions are imposed on these planes. A multiblock grid is
used to cover the three blocks. The grid adopted for calculations
was obtained after a series of tests; it consists ofXIBix 24
y*=0.0044:R§+0.294?y+ 0.545 (12) points in thex, y, andz _direct@ons, respectively. The jet and the
. plenum are meshed with grids composed ox#6x9 and 53
Making Eg.(11) dependent on the local Reynolds numi&r 7523 nodes, respectively. The wall neighboring-cells were lo-
rather or_1y+ avoids having to deal with singularities in separatedieq so as to always maintain the valuey dfsmaller than 2.0.
flow regions, wherey™ can go to zero. Note, too, that at theThe number of grid points placed in the viscous sublayer and the
matching location, wherg " =11.6, the turbulent Prandtl numberpuffer layer was typically 15 to 20, but less within the discharge
reaches the value of 0.99. Also, relati¢hl) is valid up toy™ pipe.
=94 only, a location where Pr0.76; this latter value is then  The no-slip boundary conditions ard=0 were used on the
used everywhere in the outercore flow. Note also that since tprte surface, and on the plenum internal walls since there the
sharp drop in Rrcannot be expected in separated flows, the for¢iow has a very low momenturtand thereby very smajl* at the
going empirical relationship may occasionally produce countereafall), which invalidates the use of wall functions. Because the
fects. When employed in connection with the isotropic TL\pper surface of the domain was set relatively far from the flat
model, the foregoing approach using E#j1) will be referred to plate, symmetry conditions were employed there. In accord with
as TLV-Pr, whereas its combination with the the anisotropic varihe experiment, a 1/7th power-law turbulent boundary layer veloc-

less wall distancey*, which can be replaced by the near-wal
Reynolds numbeR, . An approximate relation betwegn” and
R, based on the data of Kim has already been derjieq

ant TLVA will be called TLVA-Pr. ity profile was imposed at/D = —8 in order to match the bound-
ary layer thickness of 07 at the injection location. The main-
The Computational Method stream velocity was set tdJ,=20m/s, conforming to the

The governing equations are solved using a three-dimensiofigPerment, and uniform distributions were specifiedKand s

finite-vol hod f i h | ari loycorresponding to a free-stream turbulence intensity Tof
inite-volume method for arbitrary nonorthogonal grids, emp 0){:__0.5 percent. and a dimensionless eddy viscosity:f = 50.

Inqgtﬁogelgﬁg nittzrigcg::? c?é:/a(lerllgp?nn:::tté Aérie?ggglt'ltgrél(i)é tr-l]-iebasé(fnce the experiment does not provide exact information on the
' ﬂé)_w at the inlet of the discharge pipe, uniform distributionskof

momentum-interpolation technique is used to prevent pressu - > .
P g P P nd ¢ were specified, based on a turbulence intensityTof

field oscillations tending to appear in the cell-centered grid aié percent andu, /= 30. Adiabatic wall conditions were em-

rangement. The pressure-velocity coupling is achieved by USIB yed when solving the enthalpy equation and zero gradient con-
ditions were used at the outflow boundary. The exact inlet profiles
of the temperature and corresponding densities were employed,
ie., T,=302 K, T,=Tp,=153K.

Wall region A Az As A4 As The AGTB Symmetrical Blade. This AGTB blade prototype
if y*<11.6 0.0 88104 0.0239 0.238 0.0836 as known in the literature was studied experimentally by
if y*>11.6 —1.43107 3.0210°° 0.00223 0.0645 0.5 Haslinger and HennecK&]. The blade model is symmetrical with
a length of 515 mm and a maximum width of 72 mm. The leading

Table 1 Coefficients in Eq. (11)
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the size of the grid was fixed so as to confornytoranging in the
interval 0.3-3.

On the blade surface and the pipe and plenum internal walls,
the employed boundary conditions were the no-slip conditions and
k=0. On the lower wind-tunnel wall, the viscous-sublayer was
bridged and wall functions were used. A uniform streamwise ve-
locity profile was applied {..,=30 m/s) at the inflow boundary;
the Reynolds number based brandU.. was Re=7950. Uniform
distributions were also specified f@rand e corresponding ta’,
=0.5percent angk;/u=30 corresponding to a length scale of
about 0.B. Note that as in many other experiments, no informa-
tion about the inlet length scales are available in this one either.
Sensitivity tests have shown little effect of varying the oncoming
length scale, at least in the interval 2@,/ <<50. Similarly, a
uniform velocity profile was set at the inlet of the discharge pipe.
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Here also, uniform distributions d&f ande were specified, based
on a turbulence intensity of,=3% and a length scale &%
=0.3D. It is important to note that the pipe was long enough
(6D) for the flow to fully develop. In both case studies adiabatic
wall conditions were employed when solving the enthalpy equa-
tion; zero gradient conditions were used at the outflow boundary,
and T, was specified to a small value whereas the normalized
value of T, was set equal to 0.01.
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Results and Discussion

Streamwise Injection over the Flat Plate. For this test case,
calculations were carried out only fgr,/p,.,=2 and M=0.5.
Weak compressibility effects were accounted for through use of
the equation of state. Contours of film-cooling effectivengsm
the plate surface predicted with the TLV model are compared in
Fig. 4 with the results obtained with the anisotropic variant TLVA
(upper pang| and the near-wall model for turbulent Prandtl num-
ber TLVA-Pr (lower panel, respectively. Calculations with the
B TLVA model seem to considerably enhance the lateral spreading
of the scalar field, albeit smaller values gfare obtained in the
centerline of the plate. This indicates that compared to the other
models TLVA shortens the reverse-flow region, as will be demon-
strated later. The combination TLVA-Pr affects the overall predic-
tions, in that the lateral spreading is further increased and the
values ofy in the centerline of the plate are now higher. The other
model combination TLV-Pr has led to minor improvements only;
the results(not shown herewere virtually comparable to those
obtained from TLV calculations displayed in Fig. 4. From this
analysis it clearly appears that allowing the eddy diffusivity of
heat to evolve faster than that of momentum as the wall is ap-
proached may have a considerable impact on the results when
employed in connection with a model accounting for near-wall
turbulence anisotropy.

Contours of local film-cooling effectivenesg predicted with
the standard two-layer model TLV and the anisotropic version
TLVA in the midplane of the hole are displayed in Fig. 5. They
edge of the model contains on each side one row of hdles (Suggest that the jet is bent over strongly right after injection, and
=4 mm) with a lateral spacing of 3. Two configurations with only a small zone with low or reverse-flow velocities is formed
different inclinations of the injection channels were investigatedue to the weak acceleration of the fluid. This reverse-flow region
in the experiment: one with a streamwise inclination=0 deg has an extent of about one hole diameter or a little more down-
and one with a lateral inclination gf=45 deg between the axis of stream of the injection hole, depending on the model employed.
the pipe and the symmetry axis of the blade, when projected ovegculations with the TLVA model suggest indeed that this zone is
the horizontal plane-z, as shown in Fig. ®). The projection ghorter than with the TLV model, confirming the previous obser-
over the vertical plang-y shows the pipe and the symmetry axiation in connection with Fig. 4, but more importantly, the decay
to form an angle of 22 deg. The approach-flow velocities were {f ihe peak temperature becomes somewhat too fast in the down-

e e oA st aces ot s o e 1egon. T s ' consedence of e e ur-
TS : - - : : lent stresses in the lateral direction, as was noticgdlihand
which is understandably much lower than in the practice. Sev ]. This behavior can be further explained in the context of Fig.

mass-flux ratios 1 =0.3—-1.5) were investigated in the experi+=*: X ;
N ) 9 P fﬁe in which the secondary-flow velocity vectors and the corre-

ment. In the present work, calculations were carried out for t ) . B
case of lateral inclinatiofry=45 deg, an approach velocity of 30 spondingn-contours are plotted at two different locations; right

m/s and various mass-flux ratios, i.81=0.3-0.9. Details on the after injection,x/D=3, and far downstream of the hol&/D

employed grid as shown in Fig(@, including the sensitivity tests =15. Each panel represents one-half of the computational do-
for this case can be found [26] and[21]. It is perhaps useful to main, since symmetry conditions were applied at the midplane.
note though that the grid stretching ratio was limited to 1.1, ariRlesults obtained with the standard TLV model are shown on the

=
|
P
S

(c) T

i
[
I
[

Fig. 3 (a) Grid and topology of the first test case; (b) the com-
putational domain; and (c) the grid in the midplane of the sym-
metrical blade prototype
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L TLVA: M=0.5

r TLV: M=0.5

I TLVA-Pr: M=0.5 Qe
-,~.° 20T I
= = 0.1—]
TLV: M=0.5
Fig. 4 Contours of wall film-cooling effectiveness n on the channel surface for M

=0.5: calculations with various model variants (TLV, TLVA, and TLVA-Pr )

left side of each figure, those with the TLVA variant on the rightvhere the peak temperature decays significantly. This confirms the
side of Figs. 6a) and(b), and those resulting from the combina-previous result in connection with the wall and local midplane
tion TLVA-Pr on the right side of Figs.(8) and(d). The system of film-cooling effectiveness shown in Figs. 4 and(% and 7,).

a pair of counter-rotating longitudinal vortic¢kidney vortice$,  Further, the TLVA variant seems to considerably enhance the near-
typical for jets in crossflow, can be seen to establish itself in a)\y| |ateral spreading of the jet, but it also leads to a reduction of
calculations. The two vortices cause the typical, symmetrical klihe strength of the secondary vortices as compared to the predic-
ney shape of the temperature contours. Near the wall the velogily, of the TL\v model alone; the secondary vortex now tends to
Is directed towards the middle of the jet£0). Note, too, that flatten further against the surface. In similar circumstances, The-

Ssgéiéﬁs;vwa%;/nzmaedtlﬁfaeyo?t?c?trylgﬁacgglgq:s)tr:oﬁz;’ ?ﬁdzﬁfgaaodoridis et al[20] found that the enhanced stresses in the lateral

flow is directed away from the blade surface. Far downstreamg ection return results that compare reasonably well with the
the hole, however, the velocity gradients loose in strength and ffat@- Switching on the TLVA-Pr model combining EQ.1) to-
outer flow is now directed towards the plate, reflecting the dec&gther with the anisotropic correction TLVA reveals a pronounced
of the longitudinal vortex flow. In Fig. @) where the TLVA cor- SPanwise spreading of the jet as the wall is approa¢higr 6(c)).
rection is applied, the strength of the longitudinal vortex is reludging from contours of_ it seems that the thermal field in the
duced due to the enhanced stresses in the lateral direction, an@g@r flow region is also affected by introducing the correction for
is the local film-cooling effectivenesg, . This trend becomes turbulent Prandtl number since therg Brsmaller than the usual
more pronounced in the far downstream regisee Fig. @)), value of 0.9, according to E@11). It is perhaps important to note

" TLV: M=0.5

" TLVA: M=0.5

e —

Fig. 5 Contours of local film-cooling effectiveness 7, on the symmetry plane for
M=0.5: calculations with the TLV model and its anisotropic extension TLVA
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TLVA

TLV

(a)

TLV TLVA-Pr TLV TLVA-Pr

1ms

(@

Fig. 6 Formation of the secondary vortices at different locations x/D’s for M=0.5: calculations with various model
variants (TLV, TLVA and TLVA-Pr )—(a) x/D=3, (b) x/D=15, (¢) x/D=3, (d) x/D=15

that the enhanced cross spreading is more perceptible for thace; results as obtained with different versions of turbulence
smallest contour-values of, (=0.1). This indeed gives the im- models are compared to the measurements of Sinha E43l.
pression that the TLVA-Pr approach exaggerates the rate of turtilsing the standard TLV model without correction, in the cen-
lent transport in that direction. terline is predicted too high. However, close to the injection the
In Fig. 7, the film-cooling effectiveness, in the centerline of agreement is much better, which in itself is a major improvement
the channe(left) and the laterally averaged film-cooling effective-as compared to previous calculations with wall functions reported
ness,(m), (right), are displayed as functions of downstream dissy Leylek and Zerklg9] and many others. In fact, in all other

1.0 : 0.5 :
0ol @ « Exp. Sinha et al. (1991) ) « Exp. Sinha et al. (1991)
AN Comp. TLV Comp. TLV
0.8 | ——- Comp. TLVA 0.4 ——- Comp. TLVA
| ™ —-— Comp. TLVA-Pr —-—~ Comp. TLVA-Pr
0.7 AN \
AN
06| N \
~N
e 0.5
0.4
0.3 eI~
0.2 TR 0a
0.1
0 5 10 15 20 25 0 5 10 15 20 25
x/D x/D

Fig. 7 Comparison of 7., the centerline film-cooling effectiveness
effectiveness (b) for M=0.5: calculations with various model variants
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Fig. 8 Comparison of the spanwise distributions of local film-cooling effectiveness n, for M=0.5: calculations with vari-

ous model variants

calculations of this test case, including the aforementioned onég, misleading and must therefore be seen as the consequence of a
the flow separation accompanying the injection was not reproempensation effect of being predicted too high near the axis,
duced because the viscous sublayer was not resolved. Whentibenot spreading sufficiently in the lateral direction.

anisotropic correction TLVA is employed, the.-level moves The spanwise distributions af on the blade surface are plotted
closer to measurements near injection and further downstreamirofig. 8 atx/D=1, 3, 6, and 10. TLV calculations show signifi-
the hole. This is in line with the surface contourspplotted in cant deviations from the measurements already in the ratige

Fig. 4, where the TLVA model has led the peak temperature £0.5-0.7. Close to the discharge ho#§=0), the peak tem-
evolve somewhat faster. As was to be expected, the best agfgerature is also severely overpredicted, except at the first plane
ment with measurements is achieved via the combination TLVA/D=1. The correction applied to the turbulent cross heat-flux
Pr. Looking now at the neighboring figure confirms the earligends to considerably increase the lateral spreading of the scalar
result: the laterally averaged film-cooling effectivenésgsis best field, bringing it closer to the data. But once again the combina-
predicted by a combination of the anisotropy correction &gr tion TLVA-Pr results in the best prediction fay, , both near the
with the model for Rr. Another major performance of this modelaxis and towards the outer plam¢D=1.5. Note that for this
combination is the correct prediction of the peak temperdieire blowing rate and for higher ones, calculations with wall functions
ther via . or (7)) right after the discharge hole; this clearlyhave already shown significant deviations from the measurements
indicates that the prediction of the reverse-flow region heavi[p]. As was to be expected, applying Ed.1) together with the
relies on the way the turbulent Prandtl number varies across {8gtropic TLV model resulted only in minor changes in the heat
sublayer. This is somewhat intriguing, since the DNS-based refgansport as compared to the significant improvements obtained by
tion (Eq. (11)) was developed for attached flows only. The grosslyse of TLVA-Pr. The explanation derives from promotiftgice)
overpredictedz-level on the axis by the TLV model, togetheripe |ateral heat flux via the thermal diffusivity coefficienf by

with the underpredictedy) field clearly indicates that the modely, iugate effects of th isot f d Ea.(11
fails to predict the spreading in the lateral direction. This leads fhe conjugate effects of the anisotropy factoan q.(11).

the following remark: frequently, when studying this class of flow Lateral Injection Over the Turbine Blade Model. Lateral
comparison with experiment is restricted to the distribution of thiejection takes place at an angle p£45 deg to thec-axis. Figure
laterally averaged cooling effectiveney; the results may then 9 displays the velocity vectors in the midplane through the hole
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Fig. 9 Velocity vectors in mid-plane through injection hole for M=0.5 and 0.9: calculations with the TLV model

for the blowing ratesM =0.5 and 0.9 as calculated with the two-for the one with streamwise injection, the spreading of the tem-
layer model with extended anisotropic modification TLVA. At theperature and the decay of the effectiveness in the core region were
medium blowing rate oM =0.5, the jet bends over quickly andpredicted significantly too small. They have also shown that using
there is only a small reverse-flow region adjacent to the wall etde two-layer model variant of Rodi22] leads systematically to
tending to about 03 downstream of the injection hole. At the some improvement vis-dgis the results obtained with wall func-
higher blowing rate oMM =0.9 the picture is quite different and tions, but not sufficiently to match the data.
also differs from the flow established in the streamwise injection For the lowest blowing rate d¥1 =0.3 the TLV model(results
case reported if21]. Now the reverse flow underneath the bentnot included herewas found to fail to capture the lateral exten-
over jet develops further away from the wall; reverse flow neaion of the scalar and to overpredict the peak values along the jet
the wall occurs only down to about @2from the trailing edge of axis. With the extended anisotropic correction TLVA the calcula-
the hole. Beyond this point the near-wall flow has wall-jet behavion yielded realistic lateral spreading, but a somewhat too rapid
ior (comprised of mainstream gasvhich then develops into a decay of# so that(#) was again a little low, as can be seen from
boundary layer further downstream. For both blowing rates, th@g. 11. This confirms possible misleading conclusions(igras
high near-wall resolution leads to the development of a local reemarked previously: the fast decay gfin the jet axis can be
circulation region inside the discharge channel near the leadiogmpensated by the enhanced lateral spreading. Results for me-
edge of the injection hole. In reality, the flow inside the dischargdium blowing rateM = 0.5 displayed in Fig. 1@) show the TLV
pipe is subjected to a turning effect starting from the plenunsalculations to severely underpredict the spreading in the span-
which is known to cause the jetting effect at the delivery; the flowise direction and to overpredict the peak values along the jet
separation following the injection is, however, not systematicallgxis, worse than for blowing rate & = 0.3. Calculations with the
induced by the this turning effect. In the present study the plenufVA model not only remedy the lack of spanwise spreading, but
was not includedHaslinger and Hennecke did not provide anylso predict reasonably well the decaympfar downstream of the
information on the flow in the discharge pipe nor a detailed dénjection location 6>60 mm). However, the decay of heat trans-
scription of the geometry of the plenum-pipe injection systemfer is still somewhat overpredicted in the centerline between the
and this may have led to a misrepresentation of the exact jettihgle and locatiors=60 mm. The rate of lateral spreading is only
conditions. But since the pipe was long enough, the flow couslightly affected by use of the TLV-Pr model, which also misrep-
have recovered the developed flow conditions before ejection. resents the decay of heat in the centerline as was the case with the
For blowing rateav =0.5 and 0.7, Fig. 10 compares contourstandard TLV variant. Combining now the TLVA approach with
of the adiabatic film-cooling effectivenesg calculated with the Eq. (11) (TLVA-Pr) yields the best agreement with the data, in-
standard TLV model, its anisotropic version TLVA, and the comeluding the peak levels along the jet axis. The case with the higher
binations TLV-Pr and TLVA-Pr to the measurements. This conblowing rate of M=0.7 is displayed in the neighboring panel.
parison is aimed at separating the effect introduced by the ani®wth the lateral spreading of the temperature field and the decay
tropic correction(via y) from that induced by Eq11). In this and of % in the core region are much better predicted with TLVA than
the following figures on film-cooling effectiveness, the curvilineawith TLV shown on the upper panel. TLV-Pr performance is again
abscissa is the length measured along the blade surface from tl@milar to TLV, but for this blowing rate a slight improvement in
stagnation point. In this case of lateral injection, the contours attee spreading can be perceptible at the lateral boundary. In fact,
no longer symmetrical with respect to tte=0-axis, but are the implications of Eq(11) on the results become more evident
shifted in the direction of injection. The trajectory of the jet, runwith increasing blowing rate, be it employed within the isotropic
ning along the peaks of each contour, is first inclined with respeat the anisotropic eddy-viscosity model. The reason for this is that
to the z=0 axis, but further downstream it runs approximatelyvith increasing mass-flow rate the jet penetrates deeper into the
parallel to this axis. This behavior is in general well reproducecbre flow, in which case hot streams are pumped towards the wall
by the calculations. Lakehal et 4R1] report that when employ- enhancing near-wall temperature gradients. In this circumstance
ing thek-e model with wall functions for this configuration andthe transport of heat by turbulent motion further enhances in the
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Fig. 10 Contours of film-cooling effectiveness for M=0.5 and 0.7: calculations with various model variants

crossflow direction via the ﬂumz_rgm—/az Calculations results are the most realistic ones, except that the level is still
with TLVA-Pr yield significant spreadindjudging in particular underpredicted. Note, again, that the model predicts the correct
from 7-contours around the lateral boundayigsthe cross direc- Peak temperature right behind the injection which has so far been
tion at the expense of a shorter heat decay along the jet axis. TB# of reach of other sophisticated turbulence models. The third
can be interpreted as a compensation effect between the stre@ffl fourth panels 1t) and(d) show predictions for higher blow-
wise and lateral turbulent heat transport. ing ratesM =0.7, 0.9. It can be seen that with the standard TLV
Finally, Fig. 11 compares predicted distributions of the laterallpodel, the agreement with the measurements improves with de-
averaged film-cooling effectiveness) to the measurements for creasingM: (») is significantly underpredicted in the intermediate
blowing rates ofM=0.3, 0.5, 0.7 and 0.9. Results of TLV-Prregion behind the injection hole, but reaches levels close to the
combination are not included for comparison. In Fig(a@l¥esults measurements further downstream, as was explained above in
obtained for the lowest blowing rate ®fl=0.3 are compared connection with the contours. Using the TLVA variant leads to
against experiments. Calculations with both the TLV model alorsignificant improvements in the intermediate region, but there the
and its anisotropic variant TLVA deliver virtually the same resultdevel remains somewhat underpredicted as compared to the data.
except in the region behind the injection where the anisotrop@alculations with the TLVA-Pr model yield fairly good accord
correction seems to play a countereffect. In all caspsis pre- Wwith the measurements over the whole range, including the peak
dicted too low, especially in the intermediate region whei@ level of (#) in the reverse-flow region.
<35. A semblance of agreement between calculations and meaThe final conclusion to be drawn from the foregoing discussion
surements starts to emerge only at that location and above. Théhat in the isotropic two-layer model, agreement with measure-
performance of the TLVA model for this low blowing rate is nowments deteriorates with increasihg with the anisotropic version
confirmed: the enhanced lateral spreading is hidden by thejfacthe predictions are better for the higher blowing ratesX0.5),
decays prematurely near the axis. Introducing now the near-watfid the same is true of the combination TLVA-Pr. Indeed, judging
model for Py together with TLVA leads to only a slight improve- from the secondary velocities shown in Fig.(fér the first test
ment in the downstream region, but near the discharge hole itese, the jet-induced secondary vortices lift off the blade surface
performance of the model is rather excellent, judging from thiarther with increasingM, pushing the ambient gas underneath
peak temperature which is correctly predicted. For the blowirtgem, which in turn deteriorates the film-cooling effectiveness.
rate ofM =0.5, Fig. 11b) shows that when resorting to TLVA7)  Applying the anisotropic eddy-viscosity model tends to reduce the
is calculated much too small near the discharge hole as compasé@ngth of these symmetrical vortices by flattening them towards
to the standard model, but the tendency is inverted in the interntee surface which improves the prediction(a#; but the utility of
diate and downstream regions where the leve{®fis now ap- this measure is positive only in the attached-flow regions. An
proaching the measured one. With the combination TLVA-Pr thebjective conclusion regarding the performance of the DNS-based
correct shape of the distribution is predicted and altogether theodel for the turbulent Prandtl number is that either the heat
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Fig. 11 Laterally averaged film-cooling effectiveness for various M’s: calculations with various model variants

diffusivity is really faster than that of momentum as the wall isnodel into a general-purpose CFD code is possible but would

approached, in which case the obtained results are justifiable,require some efforts. For instance, in some commercial packages

the measure iseuristicand constitutes nothing but a compensasuch as CFX-Tascflow, the two-layer approaghg., the TLK

tion effect. Judging from the results obtained for the flat plate Wariant of Rodj is now offered as an alternative modeling route to

particular, the author believes that there is a bit of truth in Egure low-Re number models.

(12), but there is an obvious need to clarify this issue. Further Film cooling was calculated for a flat plate with streamwise

DNS data need to be provided. cooling-air injection and a symmetrical turbine blade with lateral
injection; in the latter configuration, coolant air was injected from
one row of holes placed on each side of the leading edge. For

Conclusions injection over the flat plate, calculations were extended to the

The aim of the work presented in this paper is to contribute {Bi€Ction pipe and the plenum. For the blade prototype, the flow
the development of a robust and accurate predictive strategy f3ld temperature fields were simulated around the blade and inside
calculating the flow and heat transfer in film-cooling situations off® injection channels. A flexible three-dimensional finite-volume
turbine blades. Emphasis was primarily placed on the develdp€thod on multiblock curvilinear grids was employed, and high-
ment of a physical model capable of dealing with the strong aRrder discretization schemes were used to reduce numerical er-
isotropy of turbulence across the boundary layer. Furthermofé€rs. This class of flow is quite complex, and accurate predictions
owing to prevailing doubts about the way the eddy diffusivities d?f the flow and heat transfer are difficult to achieve, particularly in
heat and momentum evolve within the sublayer, use was madetf# near field of the injected jet, i.e., the growth and separation of
DNS data in order to derive information for the development of #e boundary layer developing on the surface and the jet-induced
model for the turbulent Prandtl number. In summary, the modey@rtices. An extremely high level of accuracy is thereby required,
used to simulate the turbulent momentum and heat exchange prtherwise models of higher complexity may be of little advantage,
cesses included a two-layer version resolving the viscous sublagérwas recently revealed by Azzi and Lakeft®], who tested
with a DNS-based one-equation model known as TLV, a secomdrious explicit algebraic stress models.
model variant accounting for the anisotropy of turbulent ex- The flow field and its dependence on the blowing rate and in-
change, also based on the same DNS data, referred to as TLjggtion angle were overall reasonably well predicted; finer details
and a final model inferring the near-wall evolution of the turbulerwere already well resolved by the isotropic two-layer model. With
Prandtl number from other DNS data. This latter approach wéss model, most of the pertinent physical mechanisms associated
employed together with TLV and TLVA. The incorporation of thewith jets in crossflow were also well predicted, including the
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injection-induced secondary-flow vortices. A quantitative validé&Subscripts

tion of the flow structure was not possible due to the absence of
measurements. However, for other situations like film cooling of a

similar nonsymmetrical bladg0] and of a flat plat¢11] reason-

able agreement with measurements was obtained for the flow
field. Calculations of film cooling of the symmetrical blade show

o = freestream
¢ = centerline
h = jet

pln = plenum
w = wall

that the thermal field is more difficult to predict. The basic evo-

lution is, however, simulated correctly and so is the influence of

the blowing rate. The two-layde-¢ model was found to severely References
underpredict the lateral spreading of the temperature field, to-

gether with an exaggerated size of the kidney vortices. As a cont!
sequence, the laterally averaged film-cooling effectiveness is geny
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e = dissipation rate of turbulent kinetic energy
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7. = local film-cooling effectiveness(T—T..)/(T,—T..)
n. = film-cooling effectiveness in centerline of cooled sur-
face
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I /Fj‘” = turbulent transport coefficients
x = von Karman constant
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Flow Characteristics in Two-Leg

Internal Coolant Passages of Gas

Turbine Airfoils With Film-Cooling
D. Chanteloup HOI& Electlon

e-mail: denis.chanteloup@epfl.ch
A study of flow in two stationary models of two-pass internal coolant passages is pre-

A. Bolcs sented, which focuses on the flow characteristics in the 180-deg bend region, and down-
Mem. ASME stream of the bend, where the flow is redeveloping. A stereoscopic digital PIV system
measured all three velocity components simultaneously to obtain mean velocity, and tur-
Ecole Polytechnique Fédérale bulence quantities of the flow field. The coolant passage model consisted of two square
de Lausanne (EPFL), passages, each having a 20 hydraulic diameter length, separated by a rounded-tip web of
Laboratoire de Thermique appliquée 0.2 passage widths, and connected by a sharp 180-deg bend with a rectangular outer
et de Turbomachines (LTT), wall. Ribs were mounted on the bottom and top walls of both legs, with a staggered
1015 Lausanne, Switzerland arrangement, and at 45 deg to the flow. The rib height and spacing were 0.1 and 1.0

passage heights, respectively. The measurements were obtained for a flow condition, with
a Reynolds number of 50,000. The geometries are similar in both sections except for one,
which is equipped with extraction holes to simulate holes for film cooling. Two series of
holes are placed solely in the bottom wall, four holes are located in the bend, and 12 in
the downstream leg. The global extraction through the holes was set to 50% of the inlet
massflow. This paper presents new measurements of the flow in the straight legs, as well
as in the bend of the passage equipped with holes, detailed comparison of the flow
upstream, inside and downstream of the bend region between both configurations, and the
effects of extraction inside the cooling chann¢BOI: 10.1115/1.148041]2

Introduction increased by about 25%. Although detailed heat transfer measure-
\ments in coolant channels with film-cooling holes are available in

For the design of cooled gas turbine blades, a detailed kno tt&q_literature, the flow in such ducts has not been described to the

edge of the physical phenomena in the passage is necessary. hors k led
though CFD simulations can provide a better understanding githors knowledge. . . .
these phenomena, the numerical heat transfer predictions are ndf the present study, the particle image velocimet®iV)

yet sufficiently accurate for design purposes. To improve the pé“p_ethod was employed for the investigation of the flow field in

formance of the CFD codes, a validation of the predictions [80dels of a stationary two-pass coolant passage. The out-of-plane
necessary and detailed measurements of the flow structure in gtion of the tracergperpendicular to the light sheet plaro-
passages are required for compari¢eee Rowbury et a[1]). duces a systematic measurement error depending on the distance
Several studies described flow characteristics in idealized Jgam the optical axis, e.g., Louren¢8]. This measurement error
ometries of internal cooling channels. Rau et[a]. showed the Ccan be avoided by using a stereoscopic PIV séfi@asad and
3-D flow, and the impinging secondary flow effects on the heddrian[9], Westerweel and Nieuwstafdt0]). A stereoscopic digi-
transfer distribution in a straight channel with 90-deg inclinethl PIV system, based on the angular displacement method, was
ribs. They showed that the secondary flow pattern strongly deteised for the present investigati¢Schabacker and Bes [11]).
mines the hot spots and cold spots in the channel. Schabi@&kerThis PIV system is capable of simultaneously measuring all three
determined the rib presence and rib angle effects on the streamlocity components. Subsequently, an ensemble average of the
wise flow in 2-pass internal cooling channels. He also describgédlocity data in identical spatial windows is calculated to deter-
the strong impact of the ribs on the secondary flow field. Chantgine the mean and fluctuating velocity field.
loup and Bics [4] studied the flow characteristics in a similar This paper presents initial results from the Brite-Euram project
channel, with different rib locations. This geometry is the baselirfer Internal Cooling of Turbine Blade§CTB) measured with a
case of the present study. Bons and Kerrebrggkgave flow p|v system. The objective of Chanteloup andi®&d4] was to
results in a straight smooth rotating channel, measured with PPfesent results in a base configuration and to determine the influ-
They showed the effect of both Coriolis acceleration and buo¥nce of the rib placement in the near bend regions on the flow
ancy, on the smooth channel flow characteristics. fields upstream, inside, and downstream of the bend, and to pro-
Heat transfer data in internal coolant channels with film coolingge new measurements of developed flow between ribs. The spe-
extraction is also of great importance to the design of a coolingic opjectives of the present paper are to determine the influence
system. Byerley et a]6] measured local heat transfer coefficientg 5 flow extraction through simulated film-cooling holes in the
around the entrance to a normal hole. They reported considerailgnry of the cooling channel 180-deg turn. It must be noted that
heat transfer coefficient variatiorisix times the plalr] duct local 44 (otational effectgsee Johnson et d112]), as well as the ther-
valug arour_ld the entrance. Shen_ et(al] n_ot_eq that in presence mal boundary effectg¢see Han et al.13], Zhang et al[14]), are
of normal ribs, the heat transfer in the vicinity of the holes WaSot considered in the present study. Although these effects are
Contributed by the International Gas Turbine Institute for publication in tiurJ potential major eff(_ac_ts for actual Furbme quIQn' the Present study
NAL OF TURBOMACHINERY. Manuscript received by the IGTI, June 2001; revisedONCENtrates on giving valuable information and insight for CFD
manuscript received March 6, 2002. Associate Editor: R. S. Bunker. validation.
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Experimental Setup

¥
== = —— ;‘3\ > ’. =r——r—
Test Facility. A sketch of the test section is shown in Fig. 1. A .0 § / /
Air was the working medium and was supplied by a continuously 3
running compressor. The air enters the settling chamber with ¢ Flow & > ) v
inner diameter of 600 mm via a 150-mm tube and a conical er-_4#F " &F F
trance section with an angle of 30 deg. The settling chamber T T W . B
equipped with a combination of perforated plates, honeycomt 3;$’ \ \
and meshes to reduce unsteadiness and swirl in the flow. A b ; ’i" o) i \
mouth entry leads the air from the settling chamber to the te: g .- X o~
channel. ; "’Q_ : \
Both studied configurations have the same inner geometry che J
acteristics. The baseline configuration test section is a two-pas : Measured planes
cooling passage model of a gas turbine blade. The flow path in th e : Interpolated data
downstream and upstream passages has a cross section|  Extracted profiles along ¥-axs

100 mmx 100 mm with a corresponding hydraulic diameter,
=100 mm, and a length of Z0,. The outer walls of the test Fig. 2 Measurement sections. The symbols represent the
section are made of 5-mm-thick extruded Plexiglas to obtain godtgasurement lines (Y direction ) that will be analyzed in the
optical properties for the PIV experiment. In the straight-corndfext sections  (Figs. 5 and 6 ).
bend, the clearance between the tip of the divider plate and the
outer wall is equal to Dy, . The thickness of the divider plate or ) ) . )
web between the two passages ist),2 The tip of the divider thex-axis to obtain additional measurement planes without chang-
plate is cylindrically shaped with a @1, radius. Square ribs with N9 the flow conditions in the passage. This allows an easy optical
an angle of 45 deg to the passage centerline, rib heights of §qcess to the positions of interest for the PIV measurements.
hydraulic diameters /Dy =0.1), and rib spacing of 10 rib  Flow Conditions, Measurement Program, and Coordinate
heights f/e=10) are mounted in a staggered arrangement on tBgstems. The measurements were obtained at a flow Reynolds
top and bottom wall of the passage. The ribs in the bend regiaamber of 50,000 (corresponding to a bulk velocityUb
and the dimensions of the bend are shown in Fig. 1. Eighteen7. 58 m/g, at the entrance of the test section. The Reynolds
ribs are mounted on the top and bottom walls in both the upstreawmber is based on the 0.1 m hydraulic diameter with an air
and downstream passages of the modE8*4). The second temperature of 20 C. Upstream of the test rig, the mass flow is
configuration also called thhole configuration, has two series measured by means of a 5864S Brooks flow meter with a 1%
of holes for film-cooling simulation. The total mass flow throughaccuracy. The turbulence level is approximately 3% at the model
16 holes is 50% of the mass flow in the test model. The hidhlet. An experimental study was conducted to assess the effect a
extraction massflow was chosen to investigate the influence \frying test section orientation on the flow. The small variations
holes on the flow. It has been chosen to place 16 holes solélgtween the flow conditions are within the measurement uncer-
in the bottom wall, with a hole pitch to hole diameter ratio of 6tainty and can therefore be neglected for the experiments. Tests
The first series of holes is placed in the bend regionD.Zrom  were made to show that the exact distribution of the inlet velocity
the end wall to simulate tip blade film cooling. Fourprofile has not a sensitive influence on the velocity distribution 16
0.07D-diameter holeg7.3 mmn) are equally displaced betweenrib modules downstream.
the leading and the trailing outer wallgFig. 2). Twelve Extraction through the holes is adjusted by increasing the inner
0.08D,-diameter holeg8.2 mm are located downstream of theconfiguration pressure level. A butterfly valve, placed far down-
bend, the rib pitch to hole pitch ratio is set to 2, in order to havstream of the test section exit, adjusts the backpressure. A second
two holes per rib-pitch. This series is situated on the bottom wa@B64S Brooks flow meter, measures the exit massflow down-
downstream leg centerlineZ(= —0.6). Note that the extraction stream of the butterfly valve, which is adjusted to obtain 30%
massflow and the hole to rib placement were not chosen to quairaction. Extractions through each hole have been characterized
tify or optimize a specific geometry, but to characterize the effepy hole velocity measurements. The velocity was measured at the
of holes on the flow. outlet of the holes, with a 9-mm-dia turbine flow meter probe
A modular concept was chosen for the test section that allowced 2 mm from the holg/ direction. The measured velocity is
an easy exchange of the components. The total model test sesnsequently an average of the free jet velocity profile. A precise
tion including the test section entrance is turned 90 deg aroupdsitioning device allowed to place the probe at each hole outlet.
The total massflow extracted, based on the hole velocity measure-
ments, was found to be 48.5% @, yielding a 3% error in the

single hole massflow measurements.

Seulng Chamber Static pressure measurements in the configurations have been
performed with a DRUCK LPM 5480 differential pressure trans-
mitter, with a 6 N/nf accuracy.

Detailed measurements of the flow structure in the passage
have been obtained in the bend, upstream (Band downstream
Testsection | L | 20 D (4Dy) of the 180-deg bend. The definition of the coordinate sys-
W/////// Height & D | IDx tems in the test facility is shown in Fig. 2. A Cartesian coordinate
\\\W ga'ss:sg legs system is usc_ed for the straight passages and a c_yIindricaI coordi-
_— SL;’;;.“’:S S [tDe nate system is used for the bend region. The origin for both coor-
' _clh_"?-i‘g}te‘:"glatef _ (‘)92‘]3; dlnatc? c?ystgmfs k|‘s Zetdon tlhe blottohm c\;vall se& tt\}ezgzenter of the
A aivider plate : rounded end of the divider plate. In the Cartesi4nY, Z) system,
': ' section s Bhr X is defined as positive in the streamwise direction of the flow
RNy e T T s downstream of the bend ex, is defined positive vertically up-
Hole. 6. s Eibansleon 45deg wards in the horizontal test section orientation, drid defined as
shown. In the cylindrical g, r, Y) coordinate system, the radial
Fig. 1 The internal coolant passage test facility and turn re- componentr is defined as positive in the direction towards the
gion details outer wall, the streamwise componefitis defined as positive
500 / Vol. 124, JULY 2002 Transactions of the ASME
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following the flow along the circular path centered on the circulasheet from the same side, the corresponding interrogation posi-
bend tip, andY is defined as for the Cartesian system. tions in the right and left images do not match in general. There-

. fore, a calibration of the camera system is performed which also
PIV System. - Di-Ethyl-Exyl-SebacatdDEHS) from TOPAS _ coyrects for the distortion of the images in the lenses and the

is used as light scattering droplets for the PIV experiments. Thigayigias walls of the passage.

Iight-s.cattt_ering quL_Jid appeared nontoxic, compared to olive oil or |, 3qdition to the mean-velocity field, the normal and shear
paraffin oil used in the past. A DLR- made Aerosol GeneratQfress quantities of the flow are required to evaluate numerical
using Laskin Nozzles generates 1x8+-dia DEHS droplets. The coges. In order to obtain PIV measurements in these forms, the
droplets are injected upstream of the settling chamber to guarantegistical distribution of the velocity components is determined in

a homogeneous seeding density in the test section. The partigigsical spatial windows from a series of instantaneous PIV mea-
produce good light scattering in the 90 deg direction according &rements. From these statistical distributions, the ensemble aver-
the Mie law. age and the statistical central moments are calculated to determine

A 1.5-mm-thick light sheet that illuminates the particles is creme desired mean-velocity field and Reynolds stresses.
ated by a Quantel Twins B Nd-Yag double oscillator pulsed laser.

The laser provides light pulses having a maximum energy of 320Uncertainty Analysis. Schabacker and Bes [11], Scha-

mJ at a wavelength of 532 nm. The time delay between a pair lecker et al[15], Schabacke[3] demonstrated the applicability
pulses can be adjusted fromys to 1 s withpulse duration of 5 of the presented stereoscopic PIV technique in details. Following
ns. A plano-concave lens-30 mm focal length combined with are comments on small variations from those measurentsees
two plano-cylindrical lenseg76.2 and 300 mm focal length also Raffel et al[16]). For the present case, the mean number of
transform the beam into the vertical light sheet. particles per interrogation windo(@2 by 32 pixef) was set to 30.

The imaging system consists of two independent Kodak ES1Tfe average in-plane displacement of the particles is approxi-
cameras, each having its own PC. A Nikon Nikkor 55-mm lens [§ately 6 pixel, which is less than 0.25 in each directionD,
mounted on each camera. The ES1.0 has a CCD interline trandiging the characteristic dimension of the interrogation window.
sensor with a pixel array of 1008) by 1018V) pixels. Each The optimal light sheet position for PIV measurement has the
pixel measures nine microns square with a 60% fill factor usinggam waist in the middle of the measurement section. This pro-
micro lens. The camera outputs 8 bit digital images with 256 gr4jdes a constant light sheet thickness in the measurement section.
levels. For a typical recording situation, the cameras are placktthe present investigation, the light sheet energy is so intense in
with an oblique angle of 4.3 deg at a distance of 0.7 m from tHB€ beam waist that the model Plexiglas walls are burned by the
light sheet plane. The pulse separation time is abourg0The light sheet. The beam waist is placed outside of the section, which
complete system, including laser, light sheet optics and cameral&8ds 0 @ 10% variation of the light sheet thickngsean thick-
mounted on a traversing system that allows an easy traverse tof§§5~1.2 mm inside the section. An experimental study showed
position of interest. that the results are not significantly affected by the variation.

The laser componentdlash lamp and Q-switohand the cam- The estimation of the uncertainty of stereoscopic PIV velocity
eras are triggered by 10 Hz TTL signals that are dispatched to B)fasurements requires the consideration of several aspects. Sys-
the elements with specific delays. As the different delays betwel§inatic errors occur due to the uncertainty in the determination of
both flash lamps on the one hand, and between each flash Iafipdeometrical parameter such as camera alignment or light sheet
and its Pockel cell on the other hand, are all different, they a ation in the test section and the fabrication tolerances of the
generated by a programmable seqhencer the SE’QUENCE?fnera devices and lenses. Nonsystematic errors are mainly due
Mod.919.4, made by the DLR Goettingen. Tr’1e sequencer allo the uncertainty in the determination of the average particle
the generaltion of complex pulse patterns on multiple channe _splacement in the Interrogation region. The errors depend on the
The pulse width, the pulse interval, the number of pulses and tﬁée of the interrogation region, the time separation between the
output channel number are freely programmable and their resofgse! Pulses. the magnification of the recording, the out-of-plane
tion is of 50 ns. velocity component, the turbulence of the flow, the length scale

The frame grabber is an Imaging Technology PCI frame gran the flow, etc. The choicg Of _the r_ecording and interrogation
ber with 2 MB memory onboard. The PCs are equipped with Bé)g:’:g?stir;c;iig]e;?;%fu?é;'gggcagéignp?ﬁ?“&i:ﬁéﬁcgyrgfngg?
MB RAM and 14 GB hard disk space. During the PIV measures ; ’ 9 -
men sere, 10 mages ar witen i rel ime o he PC's RART, Prsal 71 e meer vabe of e measured veioones
memory. Subsequently, the acquisition is stopped and the ima ?%:he sample, summing the values, and dividing by the number
are saved on the hard disk. The automation of the process allows ' '

storing a maximum of 5000 frames per measurement plane. samples(N=1250 per measurement plane in the present
9 P P " study). Note that the number of samples was chosen according to

Data Reduction. The 3-D PIV measurements are obtaine@ Statistical analysis described in Schabacker andsga8] and
from the combination of two 2-dimensional vector fields; each dichabackef3]

them measured from two different observation locati@he right N
and left cameras The recordings from the right and left cameras Y= iz ™ @)
are interrogated independently with the PIV software package N ™

VISIFLOW from AEA Technology. The cross-correlation analysis In th . is th | Th ber of ob
method is used with an interrogation window size of 64 by 64 n tNe eqléatlonx ISt es?]mpe meanihe nulrlnderho OI serva-
pixel’ and 50% overlap between the interrogation windows. Ti%ns used to compute the estimates Is called shenple size

frames provided by the cameras have a 992pixel by 992pixel re Sing the methc_)d of Bendat and Piersf]. The uncertain_ty for
e mean velocity values of the present measurements is of order

lution, which yield a 30 by 30 velocity-vector field per measure- . . ;
ment plane. The raw data contains a small number of spurio%fsl percent with a confidence level of 95%. Further details of the

vectors (<0.1%). The vector field is filtered with a predefineduncert""Inty method are given in Schabacksr
velocity magnitude threshold. Vectors that do not fall within the
thresholds are removed and the remaining gaps are filled in with_a . .
weighted average of the surrounding vectors. esults and Discussion

From the processed vector fields, the instantaneous threeThe objectives of the present paper are to determine the influ-
dimensional velocity field can be reconstructed. Matlab homence of a film-cooling flow extraction on the flow fields upstream,
made reconstruction software was developed at the EPFL-LTiiside and downstream of the bend region, and to provide new
With angular PIV systems, where both cameras observe the ligheasurements of flow between ribs for CFD validation. The fol-
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lowing are data and discussion on these topics. Note that all tinea similar passage with a 90-deg rib arrangem&uhabacker
velocity components are normalized by the inlet bulk velocityet al.[20]). With 90-deg ribs, a developed flow condition in terms
Up=7.58 m/s. of mean velocity and turbulent kinetic energy was achieved after
. . ) . three rib modules. The flow in the passage with 45-deg rib ar-
chgﬁtnrglcs:“?snin(égﬁrarcéggist;[llgs.any]tﬁel]jlgf\é)vreﬂelr(tjas;nur(tafjsri\t/eesntedier ngement required a longer development length. At least eight rib
P ’ P » YI§iodules were needed to achieve a developed flow condition for

Ing the pressure boundary conditions to play a major role in trt'ﬁe mean velocity components, and 12 rib modules were required
flow characteristics. The pressure ley#ie static pressure com- y comp ’ at
for the turbulent kinetic energy of the flow. In the present configu-

pared fo the atmospheric pressure at the channel i, dp- ration, 18 rib-modules are placed in the upstream leg, to produce

stream of the 1st rib modulevas set to 913 and 2456 N#rin the . -

baseline, and thikole configurations, respectively. The static pres‘:’l developed flow f'?ld t_)efore the 180-deg bend. The z_mal_y5|s of
the developed flow in this upstream leg was presented in Fig. 3 of

referencd4] for the baseline configuration and is not presented in

discharge of the hole flow is the laboratory room, and thus jgummarized as follows: The_ flow in the baseline_configuration
pressure is the atmospheric pressure. Note that the higher pres¥(@#é Shown to be developed in the upstream 16th rib module, and
level in thehole case is due to the outlet butterfly valve adjustin§qe periodicity associated with this developed state extended up to
the extraction massflow. Tests showed Chanteloup aidsBg] the bend inlet. In théole configuration, the flow in the 16th rib
that in the baseline case the pressure level did not influence tRdule has already undergone the bend influence, the streamwise
static pressure distribution along the passage. velocity variations reaching 15% at the bend inlet location. The
Massflow measurements have been performed for each hdmluence of the extraction in the configuration extends well up-
quantifying the ejection distribution along th®le channel. Fig- stream of the extraction region.
ure 3fg|:1|ves deta”f of ipe mr?ssflolvv q;f]trlbutlodn,tas”:/veﬂ e:s the bE)J”(Flow in the Bend Region. The flow in the upstream leg de-
massflow present in the cnannet with regard to the hole num é‘loped region of 180 deg cooling channels has already been de-

Both quantities are normalized by the inlet massflow, 0.089 kg/s. . --
Note that upstream of the 1st hole, the bulk massflow ratio is icnbEd by Schabacker et §20] and Chanteloup and B [4]. It

' strongly influenced by the ribs on both opposite walls, yielding

and 0.5 downstream of the 17th hole. ] . 8
The ejection through each hole of the bend is approximateﬁsvyéo counter-rotating vortices, both occupying half of the cross

constant, 2.3% ofQ,,. This leads to a 9.2% loss of the inlet ction. Figure 4 gives a comparison of both the baseline and the

massflow in the bend. As the flow recovers the rib-induced dev«g\gle configurations described previously. Mean streamwise veloc-

s contours and secondary flow vectors obtained-a0, 45, 90,
oped flow downstream of the bend, the ejection through the hof%& and 180 deg in the bend are presented. These average veloc-

becomes constant. From the 2nd to the 6th rib module, 6.5% . i i
Qin is ejected per rib module. However, the ejection through eve results were qbtalngd from 125.0 fqll-fleld datg sets. For thls.set
second hole of each rib module is greater than through the fifdt'esults, the orientation of the view is always into the oncoming
hole. The massflow difference between two consecutive holi@W: With the web at the left-hand side of the figure.

reaches 10 to 2% in the 2nd and 6th downstream rib modules,'n€ major difference occurs when comparing the secondary
respectively. This can be attributed to the recirculating zorl@W motion. The upper vortexY(>0.5) occupies 70% of the
downstream of each rib, where the static pressure is less than af@Ss section in the case of extraction. The counter-rotating vortex
the flow reattachment in front of the bottom ritia location of Induced by the bottom ribs only occupies thfe<0.3 area. The
every 2nd holg Note that the influence of the bend can be noticedfféamwise component is also influenced by this asymmetry,

in the 1st rib module downstream of the bend, increasing t§OWing a high velocity zone in the upper part. _
massflow through the 1st hole. The flow in the bend region is more complex than in the ribbed

) ) ) region. The flow in the bend starts with the secondary structure

Flow in the Upstream Leg. A comparison of velocity com- from the ribs at¢=0 deg. At 6=0 deg, the streamwise velocity
ponents in the developed flow region of a similar coolant passag@tribution and the secondary flow patterns in the center region

was presented by Bonhoff et 819]. Their measurements showedshow the effects of the ben@ig. 4). The streamwise flow near
that the flow with a 45-deg rib arrangement differs from the floyhe inner web has begun to accelerate, indicating that this flow has
entered the bend region. The secondary flow pattern is symmetri-

cally distributed with respect to the mid plan¥€0.5) for the
baseline configuration, whereas in thele configuration, the sec-

Qnowe'a # - ad Qe ondary flow near the outer wall is mainly directed towards the
10% 1% bottom wall. The main impact is the inclusion of a high stream-
9o 1 --!l_ g, wise velocity core in the channel center region. Note that near the
! . . web of both configurations, all the secondary flow vectors are
8% TT 1 = 80% -
- toward the web in both cases.
% - 0% At 6=45 deg, the streamwise velocity increases to more than 2
6% T+ -—— &%  near the inner web, and has a small region of negative velocities
s4p 4t ; ™ ws| .., inthe lower outside corner region. The high streamwise velocity
Py - near the inn_er web is compgtible with the conservation of angul_ar
' * b W e *  momentum in the bend region. The secondary flows are very dif-
ER N R W% ferent from the baseline case, to thaecase. In the latter, instead
g | g s, Of the four vortices present in the baseline case, only two counter-
19s L1 . rotating vortices occur. They have the same rotating direction as
H 10% : : : ;
. ' the two baseline case upper vortices, but are approximately twice
0% = 1t T R S T L 0%  their size. Note that near the web, the secondary flow vectors are
0:1 23 4:5 678 810NMIZ1314151617 directed away from the web in both configurations.
Upstream leg | Bend | Downstream leg At 6=90 deg, the streamwise velocities of the flow have de-
' creased near the web. The size of the region near the web where
Fig. 3 Hole velocity profile and remaining bulk massflow the secondary flow is directed away from the web has increased.
along the hole configuration centerline The upper baseline case secondary cell seen at 45 deg continues,
502 / Vol. 124, JULY 2002 Transactions of the ASME
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Hole configuration

Developed
flow

6=0°
Bend inlet

0=45°

0=90°

6=135°

0=180°

Bend
outlet

X=0.81

downstream

X=361
downstream

Fig. 4 Mean streamwise velocity contours and secondary flow vectors obtained at 6=0, 45, 90, 135, and 180 deg in the bend. The
contour lines values, U,, are plotted on the figures  (Uy/U,).
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Base:

Y=0.7

Hole:

Base:

¥=03

Hole:

Base:

Y=03

Hole:

Fig. 5 Streamwise velocity contours immediately downstream of the bend, 0.0 <X<4.0 at three distances
from the bottom wall (U/U,)

but the lower cell has disappeared. The thae case secondary contours has a negative value near the outer wall, indicating a
cells are still present, but their locations have been strongly modimall recirculation cell. Th@ole case values are a bit smaller due
fied by the bend-induced flow. to the massflow extracted through the first two holes in the bend.

At 6=135 deg, the flow has separated from the web and thee qyerage position of the baseline vortex cell has moved toward
streamwise velocities are negative. The streamwise velocity CQfa web, and the secondary flow is generally away from the web.
tours are similar for both configurations. The streamwise velocityhe 1o hole case vortices continue to develop.
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At =180 deg, a small region of recirculation occurs near thenother region with relatively large variations in heat transfer.
web and the lower wall. The rib-induced secondary flow motion Bigure 5 presents streamwise velocity contours of the downstream
redeveloping. The streamwise profiles are similar in both casestn region, and gives further details of the flow characteristics in
The effect of the flow extraction is, however, increasing in ththe streamwise direction. Corresponding secondary flow measure-
hole case, yielding smaller streamwise magnitudes. Note that theents are presented in Fig. 4. The center part of the channel is
highest streamwise velocities have moved from near the web gtted (0.3<Y<0.7).
the outer half of the passage, and are 1.5 to 2.0 times the bulkthe streamwise velocity component recovers from the bend
velocity. The secondary flow is very different in thele configu- effect quite similarly in the baseline and thele configurations.
ration. The flow goes from the top to the bottom wall along thghe flow becomes more uniform in the spanwise directiorXas
web, crosses the channel up to the top outer wall, and goes doygreases, the rib-induced effects becoming predominab, 4
to the bottom wall along the outer wall. This phenomenon is simggnstream of the bend, the streamwise velocity magnitude is
lar to the upper half of the baseline secondary flow motion. 3004 ower in thehole than in the baseline configuration, this is

Downstream of the bend, the secondary flows are redevelopiRge to the massflow lost in the upstream haleg5% ofQ,, lost).
having a similar shape to the secondary flow in the upstream legs yescried in Chanteloup and IBS[4] the bend-induced flow
The streamwise flow has not recovered from the bend effefl, oy, 5 high non-homogeneity at the downstream leg {dlet
0.81D} downstream of the bend, the recirculating cell has disap-; g, deg. The high-speed regionU(,/U,>1) occupies the
peared in the baseline configuration, but is still present irhtile outer half bart of the ductZ< —0.6) r;nd %xtends up t>2
case. Further downstream (B.), the flow has almost recovered ear the web, a recirculating zoné appears for03<0.7 in thé
from the bend domination, the streamwise and secondary profi seline confiburation, whereas in filecase, it does ﬁot appear

are similar to the inlet profiles, except for the symmetry arou o Y=0.7 and is only present at the very web tip 1o+ 0.5. This

the web, due to the rib symmetrical placement each side of t ] L . . .
web. Thehole configuratio)r,1 streamwis% velocity magnitude, ha pnﬂrms the trend observed in Fig. 4, that the entire flow field is
' isplaced toward the bottom wall.

also decreased because of the massflow extracted upstream. . . .
P Except for the magnitude differences due to the extraction, both
Flow in the Downstream Leg. Downstream of the bend is streamwise velocity profiles recover from the bend in the same

Top 1
Wall
F.r-' —+—X=239
B LI - 4= X=1.38
Dh —e—X=0.38
—m--X=0
Bottom oo
Wall 0
Top 1
Wall
|- = -9=0°
s | ——o=45°
X 05— | —+—0=00°
—8—0=135°
| |- -e=180°
Bottom |
Wall 0 |
Top 1
Wall
—+ - X=0.42
S X=092
% 0.5 ——= X=1.67
— X=2.67
_ —A—X=3.67
Bottom H!
Wall o | | [ Fc.3.
-1 08 1 -05 1] 0.5

Fig. 6 Centerline velocity profiles differences (baseline-hole ), normalized by U,. {a: Streamwise velocity: U, b: radial velocity
(from the web toward the outer walls, i.e. 1:along Z-axis: W; 2: along r-axis: U,; 3:along Z-axis:-W); c: vertical velocity along
Y-axis: V; } (e.g., Fig. 2 for exact locations in the rib modules ).
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manner, and the streamwise velocity shape in the center part of thetions. The secondary flow moves from its symmetrical shape,
duct is not very sensitive to the extraction. The extraction inflin the baseline case, to a strongly asymmetrical shape ihdtee
ence is mainly noticeable in the secondary flow profiles. case, as some part of mass flow is ejected from the channel. The
streamwise symmetrical profile is unbalanced toward the wall
Mwith extraction, and the symmetry plan& £€0.5) is displaced
€88wnward by about 20% dd,, . The secondary flow has to adapt
Uto the streamwise conditions, and as a consequence is highly
modified. All along the channel, the lower parts of the baseline
esecondary flow motion have almost disappeared, and the upper
§rts have been scaled by a factor 1.5 in ¥hdirection. This

Extraction Influence. Figure 6 completes the results show
in the previous paragraphs. Velocity profiles differences betw
the baseline case and thele case, are plotted along the config

bottom to the top wall, i.e., along théaxis. Profile positions are
described in Fig. 2, they are located beyond the top rib of each
module in the downstream leg, and between the top and the bf?
tom rib in the upstream leg. The positive values indicate parts
where the baseline configuration velocity components are greate
than in thehole configuration and vice versa.
Upstream of the bend, the extraction has a high influence.

X=2.4 in the upstream leg, the differences between both configy- ; ) PP .
rations are up to U, yielding 70, 100, 100% differences for thnge streamwise and cross-stream velocity differences to be similar

locity alonaX. 7. Y-axi fvelv. F locit tor various streamwise locations along the duct. The unsteady
velom yti ong et 'aX}S' re;;t)eccl;/]eyt. lor Ve.ph‘t:' ydcomponen character of the flow may require time dependent numerical tech-
values, the reader is referred to Chanteloup anttset]. niques to accurately simulate the flow. The area near the web, and
As Xis diminishing, the flow characteristics are changing. Corﬁ-

ymmetry will probably strongly modify the heat transfer coef-

ient distribution on the ribbed surfaces.

Measurements along the centerline of the channel show details
the three velocity profiles, which can be used to evaluate nu-

erical simulation methods and meshing strategies, turbulence or
Il treatment models. The measurements showed the tendency of

e ! . - - robably upstream of the bend is likely to have large variations in
sidering the streamwise velocity, the differences maximums alo y up y 9

- 28 ! at transfer, due to the high variations in streamwise velocity,
the centerline increase as the distance to the bend decreases. may produce hot and cold spots, and possibly increased
evolution of the secondary flow velocity components is less Selfresses with these thermal gradients.
sitive, as they are much more rib dominated. At the bend inlet,
however, the differences are noticeable for every component,
showing that the influence of the extraction increases as the fléf¢knowledgments
reaches the zone where the holes are located. This study was funded by the Swiss Office of Science in co-

Differences evolve continuously as the flow follows the bengperation with the BriteEuram Internal Cooling of Turbine Blades

At 6=45 deg, the profiles are similar to the upstream profilegroject (contract number: BRPR-CT97-0600, project number:
especially the secondary flow, which israt 0.6, still governed by BE97-4022.

the rib induced profile. A9 increases, the bend effect tends to
dominate the streamwise profiles, leading to constant positidomenclature
15% difference a=135 deg. It can be noticed that this differ- . . . . N .
ence is mainly due to the amount of flow extracted through theX = Cartesian coordinate in axial duct directioormalized
first holes(6.5% of Q;,). by Dy) . . - .

The profiles of Fig. 6 downstream of the bend, confirm the Y = Cartesian coordinate in cross duct directioormalized
results plotted in Fig. 4, the flow field is recovering from the bend by DH), . . . S
effect. The secondary flow field rapidly becomes rib dominated. £ = Cartesian coordinate in horizontal duct directiorr-
The streamwise velocity differences are positive, indicating that malized byDy) . o
the bulk velocity diminishes as the massflow extracted, increases? = cylindrical coordinate in streamwise direction
It can be noticed that in profiles aligned with a hol& ( = cylindrical coordinate in radial direction
=0.42,X=0.92), all the velocity components are highly influ- Y = mean velocity component ir direction
enced by the extraction, up to 20% over the bottom wall. mean velocity component ip direction

These results completed by Chanteloup antt8fa!] provide a = mean velocity component indirection
set of measurements that can be used to evaluate CFD codes in the = mean velocity component in streamwise direction in
developed flow region of a ribbed channel. These flows in th bend . . T
“developed periodic” upstream leg, in the bend region, and in th%r = mean velocity component in radial direction in bend
downstream leg, reflect effects that will probably be obtained if/» = Pulk mean velocity
most coolant channels, with and without extraction. As the flow is & = test section length
highly turbulent and pressure-driven, the data provide a good tesP = height and width of passage leds:=100 mm
for codes to predict flow with various turbulence models, walP+ = hydraulic diameteD,=D

approximations and meshing strategies. - H‘k')cglrt‘gﬁs of divider plate

= rib height
section length in bend at 90-deg section

=
I

=<cC
I

Conclusions

Three-dimensional velocity measurements were obtained in a
two-legged blade coolant passage model with ribs orientated 45
deg to the passage. The model length, the rib locations and gferences
geometry of the web between the coolant passage legs, was refdd Rowbury, D., Pamei, S., Chanteloup, D., and Lees, A., 26&kearch into
resentative of gas turbine cooling designs. A comparison is pre- tshe influence of Rotation on the Internal Cooling Turbine Blad&mc. AVT
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| Flow Field Simulations of a Gas
v e § Turbine Combustor

0. T. Richard

J. P. Walter The flow field exiting the_ co_mbl_Jstor in a gas tL_erine engi_ne is quite complex considering
T the presence of large dilution jets and complicated cooling schemes for the combustor

S. M. Stitzel liner. For the most part, however, there has been a disconnect between the combustor and
s turbine when simulating the flow field that enters the nozzle guide vanes. To determine the
K. A. Thole effects of a representative combustor flow field on the nozzle guide vane, a large-scale

wind tunnel section has been developed to simulate the flow conditions of a prototypical
combustor. This paper presents experimental results of a combustor simulation with no
downstream turbine section as a baseline for comparison to the case with a turbine vane.
Results indicate that the dilution jets generate turbulence levels-618% at the exit of

the combustor with a length scale that closely matches that of the dilution hole diameter.
The total pressure exiting the combustor in the near-wall region neither resembles a
turbulent boundary layer nor is it completely uniform putting both of these commonly
made assumptions into questidOl: 10.1115/1.1475742

Mechanical Engineering Department,
Virginia Polytechnic Institute and
State University,

Blacksburg, VA 24061

Introduction Relevant Past Studies

A major factor in decreasing the cost of gas turbine engines,A majority of the past experimental and computational simula-
whether they be for military or for commercial uses, is to redudions of a gas turbine have assumed either a simple two-
the maintenance costs. The turbine, particularly the first stage disnensional turbulent boundary layer and a uniform mean field or
subject to very harsh conditions resulting from high-temperatugeconstant total pressure entering the first stage turbine vane. As a
and high-turbulence flows exiting the combustor. Operationadsult of a simple two-dimensional turbulent boundary layer as-
experience indicates that some turbine airfoils suffer serious dasumption, the resulting secondary flow pattern in the vane passage
age while adjacent airfoils remain in good operating conditioomprises a horseshoe vortex, which splits into two legs; a suction
This observation suggests that there are significant nonuniforrsiele leg and a pressure side leg that further develops into the
ties in the exit combustor flows that have detrimental effects grassage vortex. This secondary flow pattern was first suggested by
the airfoils. Langston[1] and more recently confirmed by measurements of

To evaluate the effects of these nonuniformities and to furth&ang and Thold2]. As a result of a constant total pressure as-
our understanding in how to best integrate the combustor agdmption, no changes in the streamline pattern would occur as
turbine, a new experimental facility was developed to simulatleoretically shown by Munk and Prifi8] and computationally
prototypical combustor exit conditions as the entrance conditiosRown to be true by Shang and Epstg#h and Hermanson and
to a first stage, linear, turbine vane cascade. Although this stutiiiole[5]. A uniform total pressure field results in no radial pres-
has not simulated the reacting flow, thereby not including sugure gradient, which is needed to drive the passage vortex. Both
affects as the heat release due to combustion, it is importantaesumptions, a two-dimensional turbulent boundary layer or a
recognize that we should begin by determining whether we capnstant total pressure, are questionable for the nozzle guide vane
computationally simulate the nonreacting flow field. The heat r@articularly in the hub and tip regions. These are questionable if
lease, for example, will depend upon the mixing characteristics ofie considers that as much as 50% or more of the flow entering
the dilution jets. If the dilution jets can not be accurately simuthe main gas path is fluid that has passed through combustor liners
lated under the nonreacting conditions, it would be difficult tin the form of either film coolant or dilution fluid.
simulate the reacting flow field. For the design of the facility While the experimental studies by Butler et @] and Shang
reported in this paper, nonuniformities in both the speadia) et al.[7] have considered nonuniform inlet temperature profiles,
and pitch(circumferential directions exiting the combustor havethe only study to have measured a realistic total pressure variation
been simulated through the use of combustor liner panels, insurings that by Stabe et dI8]. Stabe et al[8] simulated a liner flow
representative near-platform flows, and dilution jets, insuring reghrough the use of a combustor exit radial temperature simulator
resentative mainstream flows with high levels of turbulence. (CERTS. The CERTS used circumferential slots with no dilution

In general, the following objectives for the facility described irholes. This study clearly indicated changes did occur in the total
this paper are))ito simulate the flow conditions for a prototypicalpressure when using the CERTS as compared to not using the
combustor that is nonreacting) iio quantify the exit conditions CERTS. Details are not available, however, for comparing the
(inlet conditions for the turbinefor this prototypical combustor, effects that the two different total pressure profiles had on the
and iii) to quantify the flow field in the downstream vane passaggcondary flow field development in the stator vane section.
as a result of the nonuniform combustor exit conditions. Specifi- Burd and Simori9] simulated a range of injection flows from a
cally, this paper presents the effects that the dilution jets have ato-dimensional slot upstream of a nozzle guide vane. Although
the flow and thermal fields exiting the combustor with no downthis is an important study, the geometry used does not have all of
stream turbine vane present. This paper describes those exp@w-elements necessary to represent that of a combustor liner for
mentally measured flow and thermal fields after describing thg aeroengine. In their work, they reported to have made a single-
development of the combustor simulator facility. point total pressure measurement at the inlet to their vane cascade.
They indicated in their paper that the inlet total pressure field was
Contributed by the International Gas Turbine Institute and presented at the Intepnsidered to be uniform for the full range of injection to main-

national Gas Turbine and Aeroengine Congress and Exhibition, New Orleans, Loyjs : -
siana, June 4—7, 2001. Manuscript received by the IGTI, November 2000; revi gtc{eam mass flow ratios. The thermal field results reported by

manuscript received March 2001. Paper No. 2001-GT-170. Review Chair: R.Sé.urd et al.[10], however, indicated that for a mass flow ratio
Natole. greater than 3.2%, the injectaicbolan} migrated up the pressure
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Primary Plate Transition Conditioning Ve Comer
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Fig. 1 lllustration of the low speed wind tunnel facility with the
combustor simulator section

surface of the vane. This is consistent with having a higher tot
pressure in the near-wall region. A higher total pressure in the ne L
platform region results in a vortex of opposite rotation as th \"‘-x‘f_;‘:‘-'m Helght Planes T 0.55m

passage vortex first illustrated by Langstid]. The results of Im iad :z* {vane span)
Burd et al.[10] indicated a vortex that would drive flow up the Pascl 3 e %3 S,
pressure side of the vane away from the endwall, whereas Lai " Panel = _

: : : . 4+ Pamell 0BG Exit Slot
ston’s passage vortex has the orientation to drive flow down tl : - : 2
pressure side of the vane toward the endwall. Recall Lang4fon ‘ 0.82m '

considered a two-dimensional turbulent boundary layer where the .

total pressure decreases due to a decrease in velocity as fe2 !llustration of the supply channels for each of the com-

moves from the midspan to the endwall region. This reversal BfStor liner and dilution flows  (a), and geometric details of the
o grimary flow path  (b).

the passage vortex was shown to occur computationally by Hér-

manson and TholE5] when a higher total pressure occurs in the

en_lcjmgllsruerg]lr?]r;ry of relevant literature demonstrates the impoﬂ.](.a top and bottom of the primary flow passage. Within the tran-

tance of knowing what the inlet flow conditions are to the firs ition section in the primary flow passage, the flow immediately

stage vane in the turbine. What is lacking, however, are t asses through a perforated plate. The sole purpose of the perfo-
: ’ ' ted plate is to provide the necessary pressure drop to control the

needed measurements of the total pressure field and turbuleﬂ&% splits between the primary and secondary passages. At a
levels that can be used as boundary conditions for turbine va .

: " : : . tance 3.5 m downstream of the perforated plate, the flow passes
simulations. The next logical step in accurately assessing the %gugh a thermal and flow conditic?ning sectiopn containing apbank

T e 1o eters follwed by  series ofscreens and fow stagheners
these nonuniform inlet flows to the turbine e hea.ter section comprises three |nd|V|dgaIIy contrplled banks
' of electrically powered, finned bars supplying a maximum total
I . . . heat addition of 55 kW. This total heat addition is enough to raise
Description of Experimental Simulations the primary passage flow to a temperature 20°C above the second-
Complete measurements of the near wall flows exiting an actual flow coolant temperature. A controller unit maintains a set
combustor are nearly impossible to achieve in an operating gint temperature to within 1°C. Downstream of the flow straight-
gine. For this purpose, a scaled-up combustor simulator faciligners, the heated primary flow enters the combustor simulator. In
was carefully designed to simulate the geometry and flow condire combustor simulator, secondary coolant flow is injected into
tions of an early design of a prototypical aeroengine combustibre primary flow passage through liner panels and dilution holes.
with these values being provided by industf$oechting and In addition, the flow is accelerated prior to entering the turbine
Cheung[11]). The purpose of making this facility large scale wasection.
to allow for good spatial measurement resolution. In general, theThe flow in the secondary passages, also shown in Fig. 1, is
wind tunnel simulation included combustor liner panels witffirst directed through heat exchangers. In addition to heat being
many rows of discrete, axially oriented film-cooling holes and tweejected from the primary heat exchanger, the heat exchangers in
streamwise rows of large dilution holes. At the end of the linghe secondary passages provide additional heat rejection for the
panels, there is a slot in which more coolant is injected into treolant flow. The flow in the secondary passages is then directed
primary passage. More discussion will follow in this section oimto a large supply chamber as shown in Figa)2 This supply
the details of the liner panels and exit slot. chamber provides the flow necessary for the combustor liner cool-
The wind tunnel facility itself has been described in numerousg and dilution holes. The exit slot is used for the purpose of
previous studiegKang et al.[12], Kang and Tholg2], and Ra- providing additional cooling to the platform. In the combustor
domsky and Thole[13,14) as a closed-loop tunnel with asimulator there are a series of four streamwise panels on both the
scaled-ug9X), two passagéone sector, linear cascade. The flow top and the bottom that contain the film-cooling and dilution
is driven for both the past reported studies as well as the studgles. To insure the correct coolant flow splits among the liner
described in this paper by a single 50-hp axial fan. Downstream dinels and dilution rows, separate supply chambers for each com-
the fan is a large primary heat exchanger core. Somewhat dovgonent were placed within the large supply. These separate cham-
stream of the heat exchanger core is the linear cascade, whiclhass are also indicated in Fig(éd. The coolant flow for the exit
placed in a corner of the tunnel. slot at the end of the combustor panels was maintained by provid-
The modifications made to this facility include replacing ang the required pressure in the large supply chamber. Rly. 2
7.3-m long section, located just upstream of the cascade corgéares the overall dimensions of the combustor simulator.
test section as illustrated in Fig. 1. The replacement section in-Velocity and temperature field measurements were made at the
cludes a transition section that splits the flow into a primary flownlet to the combustor section using a hot-wire and thermocouple
passage and two symmetric secondary flow passages locatedawverify the flow uniformity. The maximum deviation in the mean
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fe—— 8 [D—>/ Table 1 Operating conditions and geometry
i / / Engine No Dilution ‘With Dilution
PR E> W[ M T T Tma T M T T %k, TMTT
Fe e e T - - = e = Panel 1 3 |66 | 13 | 4 |31 ]93] 3 |37 |14
S Ad Pragg ; Panel 2 7 |46 | 7 | 9 |28 |78 7 |28 | 8
/’ <.~ .- A Pane:i 7 |24 | 3 | 9 |26 69 [ 7 | 2 | 4
Panel 3 |19 | 15| 4 |18 |33 | 3 |12 |15
// - ’/® Dilution Row 1] 17.5 | 18 | 100 | — | — | — [ 175 | 10 | 100
/ Z oo 6 Dilution Row2| 175 | 7 2 | — | — | —T11s1as |20
/ ~ Yoo 60 | ExitSlot | 14 | — [ — 121 | — | =] 14 | — | —
e S
D
Tioer Geomeiny Featoms 575 5 stream of the turbine test section. The first two panel lengths were
Panel 1 01 <3 41 cm while the third and fourth panels were 38 cm and 46 cm.
Pancl2 61 35 The panels extended the full width of the test section. The first
Panel 3 6.1 3.5 two panels were horizontal to maintain a constant cross-sectional
Pancl 4 10.1 58 area while the following two panels were inclined at 17 deg to
Dilution Row 1 60 (5.4 D) 90.2 (8.1 Dy) match the correct flow acceleration. The panels were constructed
Dilution Row 2 60 (3.8 Dy) 120.8 (7.6 D)

of 1.27 cm thick urethane foam with a low thermal conductivity
(k=0.037 W/mK) to allow for adiabatic surface temperature
measurements. The dense matrix of film-cooling and dilution
holes for each of the panels were cut into the urethane foam using
a water jet.

velocity was 1.9%, while the maximum deviation in the tempera- The aforemention_ed parameters,.listed in Table 1,_ are believed
ture was 5.7%(based on the driving temperature potential be® Provide a flow field representative to that entering into the
tween the mainstream and coolarithe turbulence level at the turbine. Since the Mach number is generally quite lofa<0.1)
entrance to the combustor section, which was a result of the (p-the combustor, this parameter is not relevant. Another param-
stream perforated plate, was 3%. eter not being ma?ched |s_the _coolant-to-malnstream density ra-
The exit dimensions of the primary channel for the combustds, Which are typically quite higkbetween two and thrgeAl-
simulator were matched to the inlet dimensions of the pre-existifigeugh the density ratios are not matched, the jet-to-mainstream
large-scale turbine vane cascade sedti®)14). This existing cas- momentum flux ratios and percentage of mass flow addition by
cade represents one sector of an engine with the correctly scadéh the film-cooling and dilution holes are being matched. The
span-to-chord and pitch-to-chord ratios. The combustor simufomentum flux ratio is the parameter that most affects mixing
tor's inlet cross section and overall length were designed based@aracteristics of jets in cross-flow. The film cooling hole patterns,
aeroengine data. The combustor’s inlet cross-sectional area WASWN in Fig. 3, were configured in equilateral triangles and
such that the width was chosen to be slightly larger than 0,§gaced evenly across thg panel surface. The diameter of the cool-
sector(to allow for sidewall flow removaland the height was 1.8 ing holes was 0.76 cm giving dr/D =3.3. _ _
vane spans. The height of the simulator was chosen such that th&he dilution hole diameters were also designed to insure the
aeroengine’s acceleration parametl) through the combustor P€rcent mass addition of the_ dilution fluid and coolant-to-
was matched through the simulator. These acceleration paramefg@instream momentum flux ratios were matched to that of the
were calculated based on the inlet flow and the added mass fIBAgine. This first row of dilution holes has three holes evenly

through the liners and dilution holes matching the simulator to trfPaced with the center hole being aligned with the center of the
engine. simulator (and also, when present, the vane stagnatéord lo-

cated at 42% of the combustor length68 m downstream of the

Design of Liner Panels and Dilution Holes. Other than per- start of the panels. The dilution holes in the first row have a
forming the measurements in an actual operating engine, it is Rf¢hmeter that is 8.5 cm. The second row of dilution holes was
feasible to provide a measurement environment with all of a tuecated on the third panel at 56% of combustor len@® m
bine engine’s conditions being matched. In designing this cordownstream of the start of the panels. The second row of dilution
bustor simulator, the parameters that were chosen to matchHyles contained two holes having a diameter 12.1 cm. The two
early design of a prototypical combustor included the following: idilution holes were staggered with the first row of holasd also,
the acceleration parametéK, as defined in the Nomenclatyre when present, at the midpitch of the two passages in the vane
through the combustor;)iithe scaled combustor exit velocity tocascadg As illustrated in Fig. a), the supply chamber for the
insure the correct inlet Reynolds number for the turbine sectiogilution flow was required to be some distance from the hole exits
iii) the coolant-to-mainstream momentum flux ratios of the lingfiving anL/D ratio of 1.5 for both rows. For both rows of dilution
cooling holes and the dilution holes;)ithe percentage coolant holes, the top and bottom dilution holes were aligned with one
mass flux addition to the primary flow by the liner cooling holesanother in the span and streamwise directions. Many combustors
exit slot, and dilution holes; )vthe film-cooling staggered hole are designed with a swirler followed by dilution holes producing
pattern shown in Fig. 3; and geometric scaling for the film- an opposite sense of rotation as the swirl thereby reducing the
cooling hole diameter and the exit slot geome®). Note that overall exiting swirl. Since a swirler was not included in this
the parameters for the prototypical engine combustor were feiudy, the dilution holes were aligned with one another with the
actual runninghot) operating conditions. The air loading paramaim of having only a small exit swirl.
eter (ALP defined in the Nomenclature, Lefebvf#5]) for the In addition to liner cooling holes and dilution holes, secondary
engine simulated was 0.66L0 * and for the wind tunnel design coolant flow was added to the primary passage through a slot at
was 0.4<10 4. The loading parameten, (see Nomenclatuje the exit of the combustor section, which is shown in Fig. 4. The
given by Walsh and Fletchgd 6] for both the engine and wind purpose of the feed holes is to control the coolant mass flow from
tunnel simulation was 1.8. the slot and to provide impingement cooling on the backside

The liners for the combustor simulator were a streamwise seriesthe liner. The pin fins provide a conduction path from the liner
of four different panels that started 2.7 vane chofl$ m) up- to reduce the liner metal temperature. The percent mass flow

Fig. 3 Film-cooling hole pattern for each liner panel
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Fig. 4 Schematic illustrating the combustor liner exit slot U,

Fig. 6 Measured velocity profiles downstream of the first
o ) ) . ?anel at three different spanwise positions
addition relative to the exit mass flow from this slot as well as all

the panels was matched to that of the engine and is reported in
Table 1.

Flow Control for the Liner Cooling, Dilution Holes, and
Exit Slot. As indicated in Table 1, 44% of the flow from the fan
is directed through the primary passage of the combustor simu
tor while 56% of the ﬂ(.)W is directed through. the secondary CO0l- As mentioned earlier and indicated in Figa® the flow to each
ant passages to provide the flow for the liner coolant, dilutiog ihe jiner panels comes from individually shutter-controlled sup-
holes, and exit slot. The correct flows for each of the panels is chambers. Uniformity of the flow exiting the film-cooling
using previously determined discharge coefficients, the total_pri%es for each panel was checked by taking a velocity profile with
sure in each of the liner supply chambei,(), and the exit 5 hot\yire at the end of each panel liner. Figure 6 shows a repre-
static pressurep..). A number of experiments were conducted tQgnative sample of velocity profiles taken at three different span-
evaluate the discharge coefficients for the liner cooling panefise |ocations downstream of the last row of film-cooling holes
since it was suspected that an array of coc_)ll_ng holes W.OL'ld the first panel. The data indicates uniformity among the holes
necessarily have the same discharge coefficient as a single Nglg 5 gouble peak in the velocity profile resulting from the jet
nor as a single row of holes. Measurements for the dischar§iy from the upstream rows being pushed above the jet fluid
coefficients were made using a laminar flow eleméhe true exiting the last row of cooling holes.
flow rate the total pressure in the plenum, and the static pressurerpe mass flow through the dilution holes were set by taking a
at the start of the f"m'99°".“9 test plqte. . .. velocity profile across the exit of the holes. There was a relatively

To verify our capability in measuring discharge COEﬁ'C'entjég?ne amount of flow exiting the dilution holé85% of the total

ber of rows of holes increases, the film layer increases causing a
eduction in the resistance to the flow resulting in higher discharge
{,‘%‘eﬁicients.

comparisons were made to results presented in the literature Ry stor exit flowmaking it difficult to have a supply chamber
Burd and Simor{17]. Figure 5 shows these comparisons as Wefh e enough. The velocity profiles exiting the dilution holes were
as the effect of the number of rows of film-cooling holes. Increagg|atively flat, which allowed the flow rate for each dilution hole
ing the number of rows tends to slightly increase the discharge e accurately calculated. The coolant flow rate through the slot
coefficient. This may be expected given the fact that as the nu{zag et by measuring the pressure drop across the feed holes
shown in Fig. 4. Given that the feed holes were spaced signifi-
cantly far aparteight hole diametejsthese feed holes were as-
L L I L B B L sumed to act as single holes having a discharge coefficient of 0.7.

Test Section Description. As discussed throughout this pa-
per, the overall objective of these studies is to evaluate realistic
combustor exit conditions on the development of the thermal and
flow fields in a downstream turbine vane passage. Prior to making
this evaluation for a turbine vane in which the flow experiences a

0.8

IR R

o [T o s mesas=snon | e luing, efeence condiion vaschosen o be the combus
| .
TF L/D=3,5,/D=354,5/D =3, 10 rows | present. By making adiabatic effectiveness measurements down-
0.4 7 T~ L/D=3,5/D =54,S,/D =3, 11 rows ] stream of the combustor along a straight endwall with no turning,
L —®— L/D = 4.3,5,/D = 9, single row ; it provides a baseline for us to evaluate the maximum combustor
02 i . L/D = 4.3, 5,/D = 3, single row - ggﬁrsgooc;l?ﬁé 2\éil(l)e;]t:jlgrfo;| coohng the (ilr(‘)vxt/ndstreallm platform. Be-
i Burd & Stmon [17] L/D = 4.6 ) of y flow patterns that develop in a vane pas-
L ‘ S/D = 3. sinel ) sage, it is expected tha_t this baseline would be somewhat higher
i v » single row ] than that which occurs in a vane passage.
oo b oo b b e b b 1 The data presented in this paper is for the reference condition of
1.0000  1.0005 1.0010 1.0015 1.0020 1.0025 1.0030 a straight test section with no vane, as illustrated in Fig). Note
P,./p. that for these measurements, the wind tunnel was converted to an
' open loop tunnel. This tunnel configuration had the advantage of
Fig. 5 Measured discharge coefficients of the film-cooling allowing a long downstream test plate, but had the disadvantage
hole arrays of not allowing the use of a laser Doppler velocimeter due to the
Journal of Turbomachinery JULY 2002, Vol. 124 / 511
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seeding issue. The width and height of the downstream test s(a) ¢ 5
tion were 1.1 m and 0.55 m, respectively. The side and top wa

were constructed from 1.27-cm thick acrylic. The bottom wall

which was the test plate, was a composite of 1.27-cm thic
urethane foam K=0.037 W/mK) on top with a 3.8-cm thick 0.25
polystyrene plate as the next layer and a 1.9-cm plywood ple

as the base. The top wall had a number of ports in which a cry

tal fluoride window could be placed for the infrared camer 0.0
measurements. 2/S

LANLINLL LA L L L B

——&—— Dilution On

—0—— Dilution Off

Instrumentation and Uncertainty Estimates. Flow field
data presented in this paper include measurements of the t¢ -0-25
pressure field and mean and turbulent velocities. Total pressi
measurements were taken with a small Kiel probe having a he

[T rrr 1 rr ot

v Ly by by

T

diameter of 1.6 mm. A small probe diameter was needed to inst g5 Lt Leone Do Tevee e bean beran ba g
good measurement resolution for the exit slot, which had a heic 090 095 10 1.05 1.1 LI5S 12 125 13
of 16 mm. Streamwise mean velocity measurements were tak U/,

with a single hot-wire probe and a Pitot-static probe. Streamwidb) 1.10 ———r————7 7+ 17T
turbulence levels and length scales were measured using
single hot-wire probe. All of the pressure transducer and hot-wi
voltages were converted to pressures and velocities using Labvi | g5
software.

The mean thermal field and adiabatic surface temperatures w
also measured. The thermal field data was collected using a r:
having five type E thermocouples. The wire used to constru 100
these thermocouples was 0.25 mm in diameter. To insure mininY / Uayg
conduction effects on the measured temperatures, the lead wire
the bead were bare thermocouple wires that were 6.35 mm lor o5
The urethane foam test plate downstream of the combustor sin
lator was instrumented with type E thermocouples mounted flu
with the surface. These measurements were compared with
surface temperatures measured using an infrared camera. W 0.90
using the infrared camera, positioning crosses were placed on
endwall plate to scale and translate the pictures spatially. For eacn
image, five picturegwith each picture being averaged over 1g 7 Mean velocity profiles measured at the exit of the simu-

frame$g were needed to insure a QOOd average for the surfaggor in the span (a) and pitch (b) with, and without the dilution
temperatures. In some areas the pictures were overlapped regets-

ing in a larger number of averages.
To set the flows in each of the supply chambers for the liners,

pressure differences between the total pressure in the chamber ghgkrtainty of 6.5% at=0.59. The thermal field contour uncer-

a static pressure at the start of the liner plate were measured.id@ities, including both bias and precision, at a levelfef0.52
insure the pressure taps were truly sensing the total and stafigs 8.294.

pressures correctly, independent total and static pressures were
compared to those made using a pitot-static probe. The diﬁeren@ erimental Results
pressure measurements for each of the supply chambers were reaB
from calibrated transducers with a maximum range of 12.7 mm As previously mentioned, the data that will be presented in this
H,O. As mentioned previously, the dilution flowrates were set bjaper is for the case with no turbine vane present downstream of
measuring the velocities at the exit of the dilution holes with &1 combustor simulator. The focus of the results in this paper is
pitot-static probe. The pressure difference across the slot was m@athe effects of the dilution jets with regards to the exiting down-
sured using a transducer having a range of 127 m@.H stream row_ and_thermal fields. The flow conditions fo_r_the t\_/vo
The partial derivative and sequential perturbation methods, d@S€s are given in Table 1. Note that the two flow conditions, i.e.,
scribed by Moffaf 18], were used to estimate the uncertainties diilution and no dilution, were achieved by maintaining nearly the
the measured values. Precision uncertainties were calculaf&n€ combustor exit velocity thereby requiring a higher inlet ve-
based on a 95% confidence interval. For the streamwise velocit@§'y for the combustor simulator in the no dilution case. Total
measured using the hot-wire, 100,000 samples were taken givp{gssure, mean and turbulent velocities, and the thermal field were
an uncertainty, including the bias and precision, of 1.8% for tHg asured in a plane normal to the flow direction either on top of
mean velocity at a turbulence level of 14%. The precision uncdfl® Step or downstream of the slot with both locations being illus-
tainty for the streamwise rms velocities was 2.6% at that sarfl ted in Fig. Zb.)' The dovx_/nstream_locatlon corresponds to the
turbulence level. The integral length scales were calculated usipggnation location of the first varé it were preser)t The mea-
eight samples of 80,000 data points taken at a sampling rate>f SMENt plane on top of the step was located five cooling hole
20,000 kHz giving a precision uncertainty of 15%. Each tot lameters upstream of the slot exdyD = —5, wherex is mea-

pressure measurement used 60,000 data points to computei\g{%d from the slot exit which is 14 cooling hole diameters
Nof

—=—— Dilution On

——C—— Dilution Off

]IIII]IlII

| L L

T T

T T
llltll

i I | I T — I | i E SR S S | l 1.1

-0.5 0.0 0.5 1.0
y/W

.
o
=)

mean values. The estimate of bias and precision uncertainties nstream of the last row of cooling holes on the last panel
: : P - . ; iabatic effectiveness measurements were made on the plate
the mean pressures, which were presented in non-dlmen5|05|

form was 7.6% for &A P= —0.51, which occurred in the near-wall Blunstream of the slot.

region of interest. At lowerAP values, the uncertainties were Flow Field Results. For the conditions without the vane be-
much higher such that for AP= —0.14, the uncertainty is 27%. ing present, the flow is expected to be symmetric about the
The bias and precision uncertainties on the adiabatic effectivenesisispan and about the midpitch of the test section. The midspan
values, using the five-averaged pictures, wa3.038 giving an symmetry was verified experimentally and is shown in Fi@) 7
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for the dilution and no dilution cases, while the midpitch symme@ ¢ [T T T T T
try is shown in Fig. ). These profiles were taken at a stream
wise distance ofk/D=—5. The spanwise velocity profiléFig.
7(a)) was taken at the midpitch location of the test section, whic
is aligned with the center of the dilution hole in the first row of
dilution holes(and when present the stagnation location of th -0.1
turbine vang The pitchwise velocity profile was taken at the mid-

span of the test section. Note thai{S=0.5 corresponds to the 0.2
endwall location and since this data was taken on top of the sl g
the values measured at the wall correspond to a location that
slightly above zero at/S=0.455.

Figure 7 shows very different velocity characteristics for th
dilution on and off cases at this location. For the spanwiadial) -0.4
profile (Fig. 7(a)), the effect of the dilution jets was to flatten out
the profile across the span relative to the no dilution case. It B e
clear that in both cases, there is still a higher speed fluid in tl 0.0 25 5.0 7.5 100 12,5 150
near wall resulting from the coolant injection. The pitchwisi- Tu (%)
cumferential profiles (Fig. 7(b)), indicate a variation in the ve- (0) 20
locities for the dilution hole case. The lower velocities in Figh)7
correspond to the locations of the second row of dilution hole
Although the second row of dilution jets has a lower momentul
flux ratio than the first row of jets, the second row is directe
somewhat upstream because of the angle of the third panel. T
represents a flow blockage in the mainstream resulting in low
velocities. 10

Turbulence profiles, based on the measured streamwise rms |  Tu (%)
els and local mean velocities, are given in Fig&)&nd (b) for
the same locations as given in Fig. 7. Since the geometry bei
used in this study is representative of a combustor, the exitil 3 ‘ Dilution On
turbulence levels should be indicative of those found entering tl
turbine of an engine. Evidence in the literature suggests that t
same turbulence levels exist whether combustion is present or ol v Lo bl i Ll
(Zimmerman19] and Mosd20]). The effect of the dilution jets at -1.0 -0.5 0.0 0.5 1.0
this location is to elevate the turbulence level range to be betwe y/W
15-18%. For the spanwise turbulence profffeg. 8(a)), the tur- ) 10
bulence from the upstream film cooling holes in the near we
region affects the span as high as 25% for the no dilution ca 0.0
with the turbulence levels being higher in the near wall regiot
The effect of the dilution jets is such that the turbulence in th
mainstream is higher than in the near wall region and with tr -1.0
decrease starting at 20% of the span. The pitchwise profiles in F
8(b) show two peaks that correspond to the two dilution hol 2.0
locations in the second row. log (E )

Also shown in Fig. 8) are the measured integral length scale ”3 0
across the pitch at the mid-span of the test rig. These integ =
length scales were normalized using the diameter of the dilutic
hole in the first row. As seen on Fig(8, the length scale is on -4.0
the order of the diameter of the dilution hole. It has long been
guestion among the turbine community as to what is the corre 5.0 N
turbulent length scale to simulate. These results, along with t ool bbbl
results previously reported by MoE20], indicate that the integral -10 05 00 05 10 15 20 25
length scale is a strong function of the dilution hole size. Als
shown in Fig. 8b) is an increase in the integral length scale a.
y/W=0.25, which corresponds to the second row of dilutio
holes. Note that the dilution hole diameter for the second row ; ; : ;

42% larger while the length scale in this region increased by 20 r|Osclg,uéaggrrg;ns:)heectfsan(c) (@) and pitch (b), and streamwise

These length scales can be compared to those simulated in the

previous work by Radomsky and Thdl&3,14]. While the length

scales for the previous work were 10% of the turbine vane pitch,

the length scales measured in the current study would be sormenge that extended slightly more than two decades. These results
what larger at 14% of the turbine vane pitch. indicate that at this location the viscous dissipation occurs at

Figure &c) shows the energy spectra of the turbulence at thewer wave numbers as compared with the active grid results.
combustor exit for a location with the largest length scale and Figure 9 shows contours of the normalized streamwise velocity
smallest length scale. While the spectra shows a typi¢®l3 and the local turbulence level for the dilution case. The measured
region and does agree with the von Karman spectra, the inert@ntours given in Fig. 9 were in a plane that was one-quarter of a
subrange extends less than two decades. This is in contrast totthieine sector in the pitchy{W) direction and one-half of a tur-
data previously reported by Radomsky and THdl8] for a tur- bine vane span in th&/S direction. Note that this portion of the
bulence level of 19.5% achieved using their active turbulence gezxit plane can be mirrored due to symmetry conditions. These
erator grid. Results using the active grid showed an inertial sulmeasurements were made at a streamwise position relative to the
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Fig. 9 Contours of normalized streamwise velocity (a) and tur-
bulence levels upstream of the slot exit ~ (b) for the dilution flow
case 0.15 -
Zi 8
0.1 - o
end of the slot ak/D= —5. Figure 9a) still shows slight rem- 44 0.1
nants of the dilution jets, but with a larger variation in the nea 4 |

wall region as a result of the film cooling injection. The turbu-
lence level contours show a variation from the 14.5-18% with tF
peak aligned with the center of the dilution jet in the second rov I
Since the highest turbulence level is associated with the dilutic 0 0l 0.z Y/ W 0.3 a4 0.5
hole, the highest turbulence level would be expected to be at tie
vane stagnation if the vane were clocked W'_th a dilution hole. Thﬁg. 11 Nondimensional total pressure profiles of the exit slot
is important to recognize in terms of the high heat transfer augy the no dilution (a) and dilution cases (b)
mentation that would occur at the vane leading edge. In general,
the lowest turbulence levels are in the near wall region.

As can be seen in Fig. 9 there is a large variation of the velocity ) o
and turbulence across the p“MW) For th|s region’ tota' pres_ Con_tOL_lI’S Of the nOI’mallzed _tOtal_ pressure fOr the no d|lut|0n
sures at the slot exit were measured at a position near the topeBfl dilution cases are shown in Fig. 11. The location for these
the slot. These total pressure variations are presented in Fig.M@asurements corresponds to 2.9 step heights downstream of the
along with a schematic illustrating the feed holes and pin fin Iglot. The differences between the no dilution and dilution cases
cations. The variation in total pressure is quite large and is sonfd€ quite drastic. While in both cases the total pressure in the near
what periodic corresponding to the feed hole locations. CFD réall region is the lowest pressure, the pressure variation above the
sults (which are not presented in this papéave indicated that s[ot llocatlon is much Igrger for the no dilution case than for the
the flow exiting the slot is dependent on how the feed holes afution case. These differences are caused by the effects of the

aligned with the pin fins and how the secondary flows from thdlution mixing and by the fact that there is a slightly higher
dilution jets interact with the exit slot flow. momentum flux ratio for the jets exiting the last panel for the no

dilution case. There is only a slightly higher total pressure region
above the slot for the dilution flow case. The dilution flow enters
the combustor with a relatively high total pressure, which in turn
| raises the total pressure in the primary flow path. As a result, the
" 1 total pressure variation in the span directiaS) is reduced.
| 1 Figure 12 presents a pitchwise-averaged, nondimensional total
» ] pressure for the dilution and no dilution cases as compared with a
[ total pressure profile if assuming a two-dimensional, turbulent
an * " 1 boundary layer. The turbulent boundary layer profile is for a
Fo - Po ). boundary layer having a thickness that is 9% of the span having
. . 1 an Re=3400. Figure 12 indicates a larger variation for the no
s AN, Itk . 1 dilution case as compared with the dilution case. Neither of these
b & sl % || 1 profiles, however, are similar to what occurs for a turbulent
s ‘ boundary layer approaching the vane. Figure 12 indicates that
| . T ) there is an increase in the total pressure followed by a decrease as
s 11T é . di { | 1 the wall is approached. It is expected that the resulting secondary
' 1 } flow pattern developing in the turbine would not be the same as

|8 | 4 -
T LS. ) ’!_f_ Nilie S that with a turbulent boundary layer.
1] 0.2 4 1K} 0.8 I I

[T R R T P P L TR T SRS

60 -

o

; Thermal Field Results. As mentioned previously in this pa-

S aObaaanhna0a0aoaanannnanannp Per aheaterin the primary flow path and heat exchangers in the
secondary flow paths allow for thermal field simulations. For

[ﬂ H [I {E I these experiments, the primary flow was heated to levels that were

nominally 16°C above the coolant temperatures. The measured

F|g 10 The nonuniform tota| pressure prof”e across the p|n_ thel’ma| fle|dS fOI’ the no d||ut|0n and dl|utl0n cases are glven |n
finned exit slot. Below the plot is an indication of where the pin Fig. 13 for the downstream slot location. Note that the freestream
fins and slot feeder holes are located. temperature used in the thermal field normalizati@nand for the
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Fig. 12 Spatially averaged nondimensional total pressure pro-
files downstream of the combustor liner slot for the no dilution

and dilution cases compared to a turbulent boundary layer [21]

adiabatic effectiveness levelg) was based on the mass average
temperature for the dilution flow case. Since much of the flow ..
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the combustor exit is from either the cooling liner or from the

dilution holes, the overall freestream temperature was reduced.
account for this reduced temperature, the mass averaged temp

Frg. 14 Adiabatic effectiveness contours (a) and downstream
Ig:ygjs (b) on the endwall for the case with dilution jets

ture was calculated and used with the coolant temperature as the

driving temperature potential. For the no dilution flow, the I . .
g b P Jaa 2/ S=0.1 for the no dilution case. In comparison, the case with

i

ig.

freestream temperature used is the temperature of the flow

downstream of the heaters. For the case with no dilution, F
13(a) shows that there is very good coverage of the downstre

endwall plate. The spanwise extent of the 0.7 level was as high
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z/S
0.1

0.05

0
0.25
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Fig. 13 Nondimensional thermal field contours after the exit
slot for no dilution (a) and dilution (b)

Journal of Turbomachinery

ution indicates much less coolant along the endwall as shown in

. 13b). The thermal field for the dilution case also shows the
slightly cooler temperatures apparent in the main flow as a result
of the second row dilution jets.

Adiabatic effectiveness contours close to the slot exit are given
in Fig. 14a)(b) for the dilution flow case. Note that the first B.3
streamwise distance are contour levels that were measured on top
of the pin fin liner plate. The high adiabatic effectiveness levels
(~0.5) are from the remnants of the upstream film-cooling holes
on the pane. Downstream of the slot, it is quite apparent as to the
non-uniformity of the slot exit flow based on the local adiabatic
effectiveness levels. The levels just downstream of the slot are
quite high even at the location where the leading edge of the vane
would be placedX=L).

Figure 14a)(b) shows the downstream adiabatic effectiveness
levels measured using an IR camera as compared with thermo-
couples(TC) that are embedded in the surface of the urethane
foam endwall plate. There is good agreement between the IR cam-
era and thermocouple measurements at the two different pitchwise
positions. Note that both of these pitchwise positions are slightly
off the centerline of the endwall test plate and do indicate some
variation in the pitch. This is to be expected based on Figa)14
At 100D downstream, the two different pitchwise measurements
indicate the same level suggesting a more uniform coverage. To
give a perspective on these distances, a streamwise distance of
130D (the last measurement locatjooorresponds to 1.8 true
chord lengths downstream of the turbine vane. At D3fown-
stream, the adiabatic effectiveness levels are still 0.2 indicating
that there is a potential for using the combustor liner fluid to cool
the downstream turbine platform if there were no secondary flows
present in the vane passage.

Conclusions

This paper describes the development of a scaled-up test rig
that simulates the aft end of a gas turbine engine combustor. Flow
and thermal field measurements were made at the exit of the simu-
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lator to determine prototypical conditions for the downstream turX,Y,Z = global coordinates defined in Fig(a)
bine. These tests were conducted with no turbine vane present tgyy,z = local coordinates
provide a baseline for comparison. With no downstream turbine # = adiabatic effectiveness;= (T~ Taw)/(Tin— T¢)
vane present, the measured adiabatic effectiveness levels on then, = loading parametern/(Vol PZ-81(P-0014%T~400)
downstream endwall represent the best that could be achieved x = wave numberx=2xf/U
along the vane passage endwall if no secondary flows are presentAp = nondimensional pressure,
~ The results of these measurements put in question the accuracy AP=(P,— Po,ms)/(0-5PU§v9
in assuming either a constant total pressure field or a turbulent A, = integral length scale
boundary layer approaching the turbine vane-endwall juncture. = density
The total pressure field measurements clearly showed a profile |, — kinematic viscosity
much different than would be present for either of the two previ- g — nondimensional temperaturé= (Ti— T)/(Ti—To)
ously stated assumptions. While the effect of the dilution jets was )
to reduce the variations in the total pressure and velocity fiel@uoscripts
there was still some variation in the near-wall region. The mea- 1,2 = dilution row 1 and 2
sured turbulence indicates that levels entering the turbine for this ave = spatial average
type of configuration are between 15-18%. The results in this aw = adiabatic wall
paper also indicate that the length scale of the turbulence scales in = inlet location of combustor simulator
closely with the turbulence producing mechanism, namely the di- ms = midspan
lution hole diameter. This latter result is important because gener- ref = combustor reference dimensions
ally the dilution hole diameter is known for a particular turbine rms = root mean square
engine design thus providing information for more accurate heat ex = exit location of combustor simulator
transfer predictions. inf, ° = freestream conditions
The thermal field contours indicated that the dilution jets in- ¢ = coolant conditions
creased the mixing of the coolant exiting the slot and the upstream
film cooling holes, thereby reducing the coolant available fdReferences
cooling the downstream platform. Although there was a reduction;; | angston, L. s., 1980,
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